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Abstract

Steady and unsteady aerodynamic data
were measured on a two-dimensional model
with an airfoil of 12% thickness mounted
;n the Transonic Windtunnel of the DFVLR
in Géttingen. The profile was oscillated
in pitch about its c¢/4 axis t¢ generate
the unsteady aerodynamic pressure data.
Thg purpose of the windtunnel test was
primarily to measure data for use in the
development and assessment of transonic
analytical codes and to show the depen~
dence of aerodynamic responses on the fol-
lowing parameters: Mach number (0.5 to
1.0), reduced freguency (0.02 to 0.12) an-
gle of attack (0 to 9°) and oscillation
amplitude (0.5 to 2.5°). Emphasis is also
placed on the nonlinearities which actu=
ally occur and which are peculiar to high-
er angles of attack. Steady and unsteady
calculation results agreed fairly well
with the measured data.

Nomenclature

Cartesian coordinates, see Fig.
wing chord

steady freestream velocity
angle of attack

Reynolds number (= Vcp/u)
dynamic air viscosity

air density

freestream Mach number. (= V/a)
sonic speed
oscillation freguency
angular fregquency (=
reduced frequency (=
pitching oscillation
pitching oscillation
radian measure
nondimensional pressure
coefficient (= (P - Py )/a)
steady pressure

unsteady pressure

stagnation pressure

dynamic pressure (= pV?/2)

real and imaginary parts of the
nondimensional and standardized
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Introduction

In addition to information on the
elastic behavior of a structure, it is
necessary that the unsteady aercdynamic
forces acting on the structure are known
as well in order to guarantee the aero-
elastic stability of all kinds of air-
craft. Knowledge of these unsteady aero-
dynamic forces requires in turn an under-
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standing of the steady forces. At the
present stage of aircraft development,

it
is imperative that particular attention be
drawn to the realm of transonic flow and
the separation phenomena which occur
therein. Special interest is focussed on
supercritical wings and control surfaces
of active control systems.

In the theoretical sector, modern com=-
puters have facilitated gradual access to
the transonic flow range. Correspondingly,
this paper is devoted toc experimental
determination of the steady and unsteady
pressure distributions on a NACA 0012
profile, in order to develop ideas on how
to improve present theoretical approaches
and calculation methods. The NACA 0012
profile was chosen for this investigation
because it appears on the list of the
Working Group of the AGARD Structures and
Materials Panel.

Above all, the measured data are meant
to demonstrate the dependence of the aero~
dynamic responses on known parameters.
Moreover, the nonlinearities which actu-
ally occur are clearly shown, because in
most of the known experiments no attempt
has been made to measure any of the higher
harmonics although large nonlinearities
were known to occur at a shockwave. Most
of the sources dealing with these problems
are given in Ref.[1]. The measurements
were performed in March of 1982 in the
Transonic Windtunnel of the DFVLR in
Gottingen.

Windtunnel

The Transonic Windtunnel of the DFVLR
in G8ttingen, W.Germany, is a closed=-
circuit, continuous-flow tunnel which has
a lm x lm test section with perforated
walls. Mach number and the dynamic pres-
sure, and thus the Reynolds number, can be
varied simultaneously or independently,
with air as test medium.

Test setup and wing configuration

2 schematic diagram of the test setup
is shown in Figure 1. The test model is
supported on either side by ball bearings
outside the perforated windtunnel walls.
Excitation of the model to pitch oscilla~-
tions about its ¢/4 axis is achieved by
means of a hydraulic rotation cylinder,
the pump of which is located outside the
windtunnel. A coupling mechanism provides
rigid connection in radial direction while
relieving the hydraulic cylinder in axial



otation pick -up x/c - (2zy/c) 100 (zU/c)100
ball bearing
occgler_omeler ! hydraulic
pek g - rotation 0.0000 0.0117 0.0117
| pressure L coupiing 0.0025 0.8623 0.8736
| tronsduce LT 0.0050 1.1837 1.2218
PRl Lo 0.0100 1.6884 1.7138
§ 2 VA2 D™ 0.0250 2.6364 2.6320
Profile NACA 0012 ‘ \ 0.0500 3.5791 3.5684
- 0.0700 4.1147 4.1017
0.1000 4.7159 4.7028
///’ bearing block 0.1600 5.4722 5.4635
v 0.2000 5.7625 5.7609
0.2600 5.9804 5.9917
0.3000 6.0223 6.0344
0.3625 5.9511 5.9651
ST ‘ 0.4200 5.7655 5.7680
migwe 1. et senr ideee | nm | i
0.6000 4,5950 4,5984
0.6600 4.0717 4.06%96
0.7000 3.6915 3.6876
direction. An angle of rotation pickup is 8‘;888 g'ggég 2:21:2
mounted outside the windtunnel wall, al- 0'8600 1.9666 1.9544
lowing the angle of attack as well as the 0'9000 1‘4735 1. 2685
pitch o§cillation amplitude to be adjusted 0'9600 0:5955 027013
and monitored. 1.0000 0.1260 0.1260
The wing instrumentation consists of
30 differential pressure transducers Table 1: Actual coordinates.
(Kulites, = 5 psi), four accelerometers —

and two angle of rotation pickups. The
transducers are mounted in spanwise di-
rection along the middle axis of the model
to measure both static and dynamic pres-
sures. The pressure transducers on the
upper side of the model are staggered for
purposes of rigidity and in order to save
space. The 21 pickups on the upper surface
are located at

(x/c)1l00 = 0, 1.5, 5, 10, 15, 20, 25, 30,
35, 40, 45, 50, 55, 60, 65, 70,
75, 80, 85, 90, 95

and the 9 pickups on the lower side at

(x/c)100 = 10, 20, 30, 40, 50, 60, 70, 80,
30.

'The task of the four accelerometers is to
control the stiffness of the model.

The wing has a rectangular planform
with a chord of 0.2 m and a span of 1.0 m,
reaching from wall to wall. The airfoil
has the theoretical coordinates of the
NACA 0012 profile: the actual coordinates
are given in Table 1. The model itself is
composed of two halves; the entire leading
and trailing edges are added to the upper
surface of the model. In order that the
model be kept reasonably lightweight, and
thus have a higher natural freguency, the
model shell is quite thin and is con-
structed of a light metal alloy. The model
supports are made of steel. Fiberglass-
reinforced ribs inside the model provide
extra rigidity. Ground vibration tests
have shown that the lowest natural bending
frequency for this wing configuration is
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electronic measuring equipment.
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Electronic data recording and precessing

The electronic measuring equipment,
which will be described in some detail in
this section, is illustrated by the block
circuit diagram in Figure 2. The portable
real~time data acquisition system is de-
signed for aeroelastic research and test-
ing when large amounts of dynamic data are
required over a wide frequency range.

) The scope of the present investigation
included measuring the following quanti=-
ties:

a) Steady pressure distributions on the
model using differential pressure
transducers located on the wing;

b) Unsteady pressure distributions on
the model using the same
differential pressure transducers;

¢) Angle of attack and oscillation amp-
litudes of the pitching motions by
means of angle of rotation pickups;

d) Control of the rigidity of the model
by means of acceleration pickups.

A freguency generator was used to produces
sinuscidal voltages of the desired fre-~
quency w. Using a quartz-controlled fre-
guency counter, this frequency can be
measured quite accurately. The amplified
alternating voltage is then supplied to
the control winding of the hydraulic ex-
citer that induces the model to perform
harmonic pitching oscillations.

The voltages of the dynamic pressures
are conducted via temperature~compensated
amplifiers, low-pass filters, a multiplex~
er and an AD-converter to the array pro-
cessor. The unsteady pressures are cal-
culated from transducer time-~history data
measured at a rate of (32 x w/27) samples
per second (max. 400,000 samples per sec=
ond). A cross spectral analysis of the
data is used to determine the harmonic
pressure coefficients magnitude and phase
or real and imaginary parts in relation to
the pitch oscillation of the wing model.

The steady pressures are measured us-
ing the same differential pressure transe
ducers as for the unsteady pressures. Ten
thousand samples of data at a rate of 1000
samples per second were averaged for each
transducer to determine mean values of the
pressure coefficients. Data were acquired

simultaneously from all transducers. Aero~.

elastic deformation of the wing profile
during the pressure data acgquisition pro-
cess can be controlled by discrete Fourier
transforms of time~history data measured
by the accelerometers. The real-time data
acqguisition system is described in detail
in Ref.[2].
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. measuring elements, however,
i ble to use them again so that the initial=~

Measuring procedure

In this test the direct method is ap-
plied, i.e. the pressure is measured by in
situ pressure transducers. Using tempera=-
ture~compensated amplifiers developed by
the DFVLR in GSttingen, it is possible to
measure the steady as well as unsteady

pressures with the same transducer simul-

taneously. The advantage of this method
lies in the fact that the costly operation
time of the windtunnel is reduced and that
the steady and unsteady pressures are
measured at the same location. The disad-
vantage of this method is the high expense
of the in situ pressure transducers and
the necessary electronic egquipment. With
careful handling of these small pressure-
it is possi-

ly high expense is justified. It is only

: possible to measure the steady pressure

during oscillation of the model in nonsep~
arated flow without shock (Figure 3).

"0 M=08
Ch o =0°
da =1°
f =30 Hz
05 osleady} upper
omean ' side

of Q'S x/c \YIO

Pressure patterns of the
steady and mean pressure.

Figure 3:

This picture facilitates a comparison of
mean and steady pressures. The differences
evident in the realm where shock and sepa-
ration occur are plain to see. The pres-
sure curve of the mean pressure in the
shock region is smoother. By plotting the
quotients of mean and steady pressure with
respect to the nondimensional profile
chord, it becomes clear that the differ-
ences of the two pressures in the unsepa-
rated flow region are due to measuring
inaccuracies (Figure 4). In the shock
area, the differences between the two
curves are considerable, owing to the
smoothness of the mean pressure curve.
Differences in the posteshock area are a
result of the flow, which tends to sepa-
rate here or which separates differently
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Figure 4: 1Influence of shock and separa-

tion on steady and mean pressure.

according to the various prevailing pres-
sures. One: should bear in mind, however,

that errors are inherent in the quotient~
formation process at small numbers. The

results discussed here are valid for var-
ious oscillation freguencies, angles of

attack, Mach numbers and oscillation amp-
litudes. In addition, bubbles on the lead-
ing edge of the profile caused by the var-
ious parameters lead to considerable dif-
ferences between mean and steady pressure.
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Test program

Steady, mean and unsteady pressures
were measured for a large number of test
conditions in the Transonic Windtunnel of
the DFVLR in Gdttingen as illustrated in
Figures 5 and 6, which show the angle of
attack plotted with respect to Mach num-
ber. The stagnation pressure was 1 bar;
only in some cases were the measurements
made at 0.4 bar. For the unsteady runs,
the oscillation frequencies were 10 and
30 Hz. Variations of the oscillation amp-
litudes (Ax = 0.5, 1, 1.5, 2, 2.5°) were
made at py = 0.4 bar. Selected results
obtained during these tests are presented
in this report.
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Figure 6: Test runs for measuring the mean

and the unsteady pressure.

Test results and discussion

It is widely known that investigations
performed in windtunnels of relatively
small diameter usually reguire a correc=-
tion of the effective angle of attack. A
dependence on the resulting lift applied
to the test profile cannot be ignored.
Compared to supercritical profiles, the
correction for the NACA 0012 profile, how-
ever, is minor. In the case of the NACA
0012 profile at zero incidence in the
Transonic Windtunnel, an angle of attack
correction of a= -0.2 to 0.2° is neces-
sary for the Mach number range M = 0.5 to
0.9.

The steady pressures presented here
are nondimensionalized by the dynamic
pressure. In addition the unsteady val-
ues are normalized to the amplitudes and
plotted versus the nondimensional wing
chord x/c.



The unsteady pressure coefficients are
calculated from the recorded time signals.
The results are not expressed in terms of
phase and amplitude as is often the case,
but in terms of real and imaginary parts,
i.e. the real part is in-phase with the
oscillations and the imaginary part is
shifted 90°. The oscillations toward posi-
tive angles of attack are positive for the
pitching motions about the c¢/4~-axis of the
model.

Steady results

As mentioned earlier, the steady as
well as the mean pressure distributions
are determined, the latter being deter-
mined concurrently with the unsteady val-
ues. The average steady values in this
case serve mainly as input into an un~-
steady, time-linearized, potential-theo~-
retical Transonic MethodB, which provides
the fundamental frequency of the unsteady
Acp-distribution.

The measurements are taken without
transition strip for tweo different Rey-
nolds numbers. The free transition indi-
cates a A-shock of the pressure recovery
on the wing, which can be confirmed by
means of schlieren photography. Noteworthy
differences between the results for the
two different Reynolds numbers occur only
within the range of the greatest negative
pressure, Figure 7. Experience with other
profiles has shown that it is better to
take measurements at the Reynolds numbers
reached in this case without a transition
strip.

~10-
M =078
C (]
P a =2°
o Re =11-106
oRe =26 106

a5 x/c \20

Effects of the Reynolds number
on steady pressure.

Figure 7:

Effects of the Mach number on
steady pressure.

Figure 8:

Since the parameters Mach number and
angle of attack exert a great influence on
the unsteady pressure distributions, the
effect of these two parameters on steady
pressure is analyzed as well. In Figure 8
the nondimensional pressure cp of the pro-~
file's upper side is presented versus the
nondimensional profile chord x/c for the
entire Mach number range with angle of at-
tack o 0°. These figures show that, in
the case of M = 0.76, the critical Mach
number is exceeded, although only the
shock waves at M = 0.78 and M = 0.8 can be
considered intense. In this case, the Rey-
nolds number varies with the Mach number.
Figure ¢ shows for Mach number 0.78 the
influence of the angle of attack on the
steady pressure. The location of the shock

Effects of the angle of attack «
on steady pressure.

Figure 9:
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wave shifts with increasing angle of at-
tack toward the trailing edge of the pro=
file. This process is then reversed after
a certain o-value has been exceeded. For
angles of attack @ = 5° and 79, it is
clear that flow separation is caused by
shock.

The advantages of the newly developed
supercritical profiles in the realm of
transonic flow are indicated in Figure 10.
Although the A3 profile (MBRB Munich) is
not shockfree at M = 0.8, an incomparably
high lift coefficient, due especially to
the rear-loading region, is evident even
at low angles of attack.

=104
Cp o A3 Profile
o =034°
o NACA 0012
a=04°

» M=08
X Re=27.106

Figure 10:
profile and a supercritical
profile.

Unsteady results

The scope of this paper allows only a
small part of the measured unsteady pres-
sure distribution to be presented. Results
are shown which illustrate the influence
of the parameters Mach number, angle of
attack, reduced fregquency and oscillation
amplitude. In addition, the unsteady pres-
sures with regard to the higher harmonic
parts are investigated for several par-
ticularly significant cases.

Mach number effects. Unsteady pressure
distributions on the upper side of the
model are shown in Figure 11 for five Mach
numbers in the range from 0.5 to 0.9. The
mean angle of attack is 0°. The oscilla-
tion amplitude is 1° with an oscillation
frequency of 30 Hz. Accordingly, the re~
duced freguency w* ranges from 0.108 to
0.063 for Mach numbers M = 0.5 to 0.9,

Comparison between the NACA 0012
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* M=050, w*=0108, Re =2-106
Y M=070, w*=Q079, Re 225-106
® M=078, Q072 Re:26-108

* M =080,
‘ M‘QQO,

w*=Q070, Re =27-106
W'=0063, Re =28-106

Figure 11:

Ef;ects of Mach number on un=-
steady pressure distribution on
the upper side of the model.

At M = 0.7, the pressure curve behaves
in the manner typical for subsonic flow
and the critical pressure is not exceeded
in this case. At M = 0.78 the critical
pressure is markedly exceeded, forming a
pressure peak which declines with the oc-
currence of shock. The pressure peak
shifts rapidly with increasing Mach number
toward the trailing edge and the real part
changes its sign at M = 0.9 due to the
flow separation which occurs here. The
sign of the imaginary part changes with
the location of the shock. With regard to
the phase data, the pressures ahead of the
shock lag behind the motion and those be-
hind the shock precede the motion.

Mean angle of attack effects. The unsteady
pressure distributions on the upper side
are shown in Figure 12 at angles of at~-
tack 0, 1, 2, 4 and 5°. The Mach number is
M = 0.78 with oscillation amplitude

Ao 1°, oscillation fregquency £ = 30 Hz
and thus w* = 0.073. For angles of attack
a = 2, & and 5°, the measurements are tak-
en at reduced stagnation pressure, which
leads to various Reynolds numbers. The
shock location shifts with increasing an-
gle of attack toward the trailing edge of
the profile, until flow separation occurs
at a 4 and 5° and thus the sign of the
real part changes. After flow separation
has occurred, the shock location appears
stable as shock=induced separation at
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w* =0073

®a=0° Re=26 106
® a=1°, Re:=26 106
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" a=4°, Re =11 -106
*a=:5°, Re =17 - 106

Figure 12:

on unsteady pressure distribu~
tion on the upper side of the
model.

o 4 and 5° continues up to the trail-
ing edge. The influence on the mean pres-
sure due to separation is considerably
weaker than that on the unsteady pressure.
The first discontinuity of the real-part
pressure curve for a = 4° indicates the
presense of a A-shock and the magnitude of
the oscillation amplitude is instrumental
in determining the form of the induced
A=shock. The intensity of the shock
strongly influences the extent of the
pressure distribution in front of the
shock.

Oscillation freguency effects. Figqure 13
shows the unsteady pressure distribution
for two fregquencies (10 and 30 Hz), Mach
number M = 0.78, oscillation amplitude

Ao = 1° and two angles of attack a = 0 and
5°. The shock location is not altered by
the oscillation freguencies and the real
part of the pressure amplitude is only
slightly affected. The phase, however,
shifted considerably over the imaginary
part.

is

Effects of mean angle of attack
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Figure 13: Effects of oscillation freguency

on unsteady pressure distribu-~
tion on the upper side of the
model.

Oscillation amplitude effects. Figures 14,
15 and 16 present the unsteady pressure
distributions at two Mach numbers and high
angles of attack for various oscillation
amplitudes. Since the unsteady pressures
are normalized to the oscillation ampli-
tudes, the pressure curves are expected to
coincide, assuming linear behavior. Plot~
ted results show, however, that a slight
nonlinear dependence of the unsteady pres-
sures caused by the oscillation amplitudes
occurs already in the region of low super-
sonic velocities as well as in the recom-
pression area of the flow (Fig.1l4). More
intense nonlinearities occur when shock
waves develop due to recompression, which
completely vanish when the flow reattaches
(Fig.15). If the flow following a shock
wave does not reattach, the nonlinearities
do not vanish before the profile edge is
reached (Fig.16). This figure clearly
shows the influence of the oscillation am-
plitude on the pressure curve at the site
of the obligue shock of the A-shock.
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Effects of oscillation
amplitude on the un-
steady pressure distri-
bution; M = 0.78, o = 5°.



Higher harmonic parts of unsteady pressure

Admittedly, a somewhat unconventional
format for presenting the higher harmonic
parts of unsteady pressure was purposely
chosen in order for the figures to accom-
modate as much information as possible.
The amplitude values of each higher har-
monic part measured are taken from the
plotted power spectrum and recorded in ad-
dition to the previously determined first
harmonic part (Figures l7a, b, 18a, b, 1%a
and b). In this process, the highest value
is set at 1 and the lower values are given
as a percentage thereof. Information on
the phase term of these parts, however, is
thus lost.
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The unsteady pressure amplitudes ap-
pear in Fig.l7a for M = 0.6 and, a = 0°.
In this case the critical Mach number is
not exceeded and an undisturbed flow can
be expected. As a result, pure harmonic
excitation produces a pressure response
comprising only a first harmonic part. In
the case of a higher angle of attack
{Fig.17b), the critical Mach number is
greatly exceeded. The resulting shock
leads to a local separation of the flow,
which in turn causes higher harmonic parts
of the unsteady pressure. In the region of
reattached flow, the higher harmonic parts
vanish again. Fig.18a displays the un~-
steady pressure magnitude for the case of
a very weak shock (M = 0.74,a = 0°). Since
no flow separation occurs, the higher hare-
monic parts are quite low, as expected.
Raising the angle of attack up to just
o 1° causes the shock to be considerably
more intense and the separation zone is
extended. As anticipated, measurement
points with higher harmonic parts of the
unsteady pressure are found in this re-
gion. If the Mach number is raised to
M = 0.78 (Fig.1%a), the shock is even more
intense and the flow separation extends to
the trailing edge, though greatly weak-
ened. The obligue shock at angle of at-
tack & = 1° is not yet strong enough to
cause the flow to separate. At ¢ = 5°,
however, it causes a definite separation
zone which extends over the normal shock
and continues up to the trailing edge
(Fig.1%b). This figure shows that the
higher harmonic parts constitute quite a
large factor, particularly in this region
of flow separation.

Comparison of measured and calculated re-

sults

Calculations were performed using an
unsteady,
retical Transonic Method> in order to com-
pare two wing configurations. This method
takes the mean values and thus determines
the first harmonics of the unsteady pres-
sure distribution. For cases of small os-
cillation amplitudes, it is fully compati-
ble with methods of the LTRAN4 type but
offers the advantage that mean values can
be fitted or adapted to experimental in-
vestigations. In the two examples dis~
cussed here (high subsonic and local su~
personic zones with moderately intense
shock), the flow is attached. Small
changes of the freestream Mach number and
angle cof attack show that the agreement
between steady potential theory and ex-
perimentally determined mean values
(Figures 20 and 21) is excellent. Never-
theless the theoretical unsteady results
display noticeable deviations from the
corresponding experimental values
(Figs.20, 21):

a) Higher values for the real parts and
lower values for the imaginary parts
are obtained by theoretical calcula~-
tion downstream from the supersonic
zone (i.e. the suction tip on the
upper side).

time~linearized, potential-theo-

492

b) The considerably higher value of the
theoretically obtained imaginary
part in the upstream region is the
most noteworthy discrepancy here.

Identical tendencies of the deviations
between this theory and measurements in
the same windtunnel were observed for the
supercritical MBB A3 Profile.3
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Figure 20: Comparison between theoretical

and experimental mean and un-
steady pressure distributions,
M, 0.70.

On the other hand, the agreement be-
tween previous measurements taken in the
NASA-Ames Transonic Windtunnel® (likewise
with gitching oscillations) is cguite
good.> This fact coupled with the consid~
erable differences found in the subcriti-
cal case indicate significant windtunnel
influence, although the effects of un~-
steady friction are considered negligible.

It is of course a possibility that,
although the mean pressure values are
identical, the field values (and thus the
spatial expansion of a supersonic zone
perpendicular to the profile) differ for
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Figure 21: Comparison between theoretical

and experimental mean and un-
steady pressure distributions,
Mo 0.750 / 0.762.

theoretical and experimental results. Test
calculations with artificial steady areas,
where the extension of the supersonic re-
gion varies perpendicular to the profile,
show for cases of unsteady pitch certain
influences, however, that do not provide a
quantitatively sufficient explanation for
these discrepancies.

Conclusion

Steady, mean and unsteady aerodynamic
data were measured on a rectangular wing
with a theoretical NACA 0012 profile in
two-dimensional flow. The wing was induced
to perform pitch oscillations about its
c/4-axis in order to produce the unsteady
data. The purpose of the tests was to
provide experimental data for the develop-
ment and assessment of transonic analyti-
cal codes as well as to obtain results for
flow with shock and profound separation,
which are undesirable effects for passen-
ger aircraft.
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One definite result of this investiga-
tion is that both the Mach number and the
angle of attack have a significant effect
on the intensity and location of shock.
The oscillation freguency influences main-
ly the phase relationship between pressure
and motion, while the oscillation ampli=-
tude alters the value of the unsteady
pressure, making it markedly nonlinear in
the shock region at separated flow. The
higher harmonic parts of the unsteady
pressure occurring in this region as a
result of harmonic oscillation cannot be
overlooked, and are dependent on the in-
tensity of the shock.

Knowledge of the nonlinear dependence
of unsteady pressure on the oscillation
amplitude in addition to the occurrence of
higher harmonic parts of unsteady pressure
deserve particular attention with regard
to the development of a practicable
theoretical model for flutter calculations
without having to solve the Navier=-Stokes
equation immediately.

A comparison of theoretical values in
the realm of nonseparated flow shows good
agreement for the mean pressure values.
Somewhat less satisfactory is the agree-
ment between the unsteady pressure distri-
butions peculiar to the region after
shock, the main reason for which is most
probably the influence of the windtunnel
walls.
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