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Abstract

NASA supercritical airfoils are characterized
by a substantially reduced curvature of the mid-
chord region of the upper surface together with
increased camber near the trailing edge. The basic
aerodynamic phenomena associated.with the airfoils
and representative wind tunnel results are dis-
cussed, The results indicate that the drag rise
Mach numbers for NASA supercritical airfoils are
0.1 higher than for comparable NACA 6-series air-
foils. A recent analytic method for predicting the
aerodynamic characteristics of supercritical air-
foils is described. The flight demonstration pro-
grams of three applications of supercritical air-
foils utilizing the F-8, T-2C and F-111 as test
beds are summarized.

I. Introduction

It is well known that the subsonic cruise
speeds of high performance aircraft are limited by
the onset of the transonic drag rise. The use of
wing sweepback delays this onset. However, for
practical amounts of sweepback (approximately 35°)
the onset still occurs well below the speed of
sound (Mach numbers between 0.80 and 0.85). One
method for increasing the cruise speed further is
the use of airfoil shapes which delay the drag rise,

The first airfoils developed in the USA to
delay the drag rise were the NACA 1 series.(l
These airfoils, designed to increase the critical
Mach number, that is, the Mach number at which
supersonic flow first develops locally on the air-
foil, have drag rise Mach numbers significantly
higher than the earlier NACA four digit series air-
foils, However the low-speed, high-lift character-
istics of these airfoils are significantly poorer
than for the earlier airfoils, As a result they
are used only on high speed propeller blades. The
NACA 6-series airfoils also provide increased
critical Mach numbers with resulting improvements
in the drag rise characteristics as compared with
those for the U-digit series. They result in a
small degradation in the low speed characteristics.
These airfoils, or their derivatives, were used on
most of the first generation of subsonic jet air-
craft designed in the USA.

The first airfoils designed specifically to
delay drag rise by improving the supercritical flow
above the upper surface were the "peaky" airfoils
of Pearcy.(3§ They provide an isentropic recom-
pression of the supersonic flow ahead of the shock
wave located on the forward region of the airfoil.
These airfoils result in approximately a .02 to .03
delay in the drag rise with a small degradation of
the low speed characteristics compared with NACA
6-series airfoils. These airfoils or their deri-
vatives were used on the second generation of sub-
sonic jet aircraft designed in the USA.

The airfoils to be described herein also are
designed to improve the supercritical flow. They

are designed to allow the shock wave to move to the
rear part of the airfoil at the design condition.
As a result they provide considerably higher drag
rise Mach numbers than prev%ggs airfoils. In the
first work on this approach it was assumed that
a slot was required to stabilize the upper surface
boundary layer. Later it was found that with the
proper upper surface pressure distribution the
boundary layer could be maintained attached up to
the design Mach number without the slot. The re-
sults of the first work on the integral or unslot-
ted airfoil was given limited distribution in 1967
in a Confidential Langley Working Paper. This
paper has been declassified recently and forms the
basis for much of the discussion included herein.
It should be noted, however, that the extensive
experimental results obtained since 1967 on refine-
ments and applications of the NASA supercritical
airfoils are still classified.

II. Description and Flow Phenomena
at Design Condition

Deserdgtion

The evolution of the general shape of the NASA
supercritical airfoil is shown in figure 1. In all
cases the shape is characterized by substantially
reduced curvature of the middle region of the upper
surface with a large amount of camber near the
trailing edge. Also the leading edge radius is
larger than previously used and the trailing edge
closure angle is very small., It will be noted that
the original integral airfoil had a very thin trail-
ing edge which led to structural problems. There-
fore the trailing edge was thickened as shown at
the bottom of figure 1., This change improved not
only the structure but also the high speed aero-
dynamic characteristics at 1lifting conditions with
very little increase in the basic subsonic dreg
level. The advantages of thickened trailing edges
for transonic airfoils is discussed in reference 5.
The airfoils used for all the flight demonstration
programs to be described have included this thick-
ened trailing edge.

Flow Phenomena at Design Condition

A comparison of the supercritical flow phenom-
ena for the NASA supercritical airfoil and an NACA
6-series airfoil at the cruise 1ift coefficient is
presented in figure 2. For the NACA 6-series air-
foil, as shown at the top of the figure, the super-
sonic flow accelerated to the shock wave located
near the mid-chord, causing a strong, extensive
shock wave. This wave is followed immediately by
a subsonic pressure recovery to the trailing edge.
The energy loss in the shock causes some drag in-
crease, However, the dominant problem 1s severe
boundary separation caused by the large, steep
total streamwise pressure increase. This separa-
tion, of course, produces the well known abrupt
drag rise, buffeting, and stability problems.
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The surface pressure distribution and flow
field shown at the bottom of figure 2 are repre-
sentative of those obtained for NASA supercritical
airfoils. The upper surface pressure and related
velocity distributions are characterized by a shock
location significantly aft of the midchord, an
approximately uniform supersonic velocity from
about the 5% chord station to the shock, a plateau
in the pressure distribution rearward of the shock,
a relatively steep subsonic pressure recovery on
the extreme rearward region, and a trailing edge
pressure near ambient., The lower surface has rough-
ly constant negative pressure coefficients corre-
sponding to subcritical velocities over the forward
region and a rapid increase in pressure rearward of
the midchord to a substantially positive pressure
forward of the trailing edge.

The elimination of the flow acceleration on
the upper surface ahead of the shock wave, which
results primarily from the reduced curvature of the
midchord region, obviously provides a reduction of
the Mach number ahead of the shock for a given lift
coefficient with a resulting decrease of the shock
strength. The strength and extent of the shock at
the design condition can be reduced below that for
the pressure distribution shown by shaping the air-
foil to provide a gradual deceleration of the
supersonic flgw {ﬁ?m ?ear the leading edge to the
shock wave.'3)s > (6) However, as will be dis-
cussed in Section IV, such a shape may have an
increased drag at lower Mach numbers. Extensive
experiments indicate that the shape associated with
the design point distribution shown provides
acceptable drag values over the Mach number and
lift coefficient range.

The plateau in the pressure distribution rear-
ward of the shock wave allows a reenergization of
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the boundary layer by mixing after it moves through
the severe adverse pressure gradient of the shock
and before it moves through the pressure gradient
near the trailing edge. As a result, the boundary
layer can move through a greater total pressure rise
without separating. The importence of this effect
is shown by the experimental data presented in
Section IV. The near-ambient pressure at the trail-
ing edge, which results from the small included
angle of the trailing edge, reduces to a minimum
the total pressure rise the upper surface boundary
layer must traverse and thus minimizes the tendency
toward separation.

The maintainence of subcritical flow over the
forward region of the lower surface eliminates the
possibility of a shock wave on that surface. The
pressure rise of a possible shock wave superimposed
on the pronounced pressure rise on the rear portion
of this surface would greatly increase the tendency
for the boundary layer to separate. The streamwise
pressure increase rearward of the midchord is de-
fined by the Stratford criteria. 7 The substan-
tially positive pressure on the rear part of the
lower surface, associated with the surface concavity
of this region, provides a substantial increase in
the circulation around the airfoil with a resulting
reduction in the angle of attack required to achieve
the design 1ift coefficient. Usually this angle is
slightly negative (about -0.5°). With this negative
angle of attack the crest (the meximum vertical
coordinate with respect to the free airstream) of
the upper surface is near the midchord.. This factor
together with the reduced curvature of the midregion
of the upper surface, results in favorable chordwise
forces associated with the supersonic flow region,
even with the rearward shock location. The signifi-
cance of the distribution of the chordwise forces
for supercritical flow is discussed in reference 3.

Theory and experiments indicate that with the
upper surface pressure distribution shown and at
the negative engle of attack required to obtain the
design 1ift coefficient the vertical extent of the
supersonic field decreases ahead of the shock wave
as shown on the left in figure 2. This effect is
similar to that for airfoils designed specifically
to mi?i?iz? She gxtent of the shock at the design
point(3)s (4), (8) although in this case the effect
is somewhat smaller. The flow field calculations of
reference 6 illustrate the origin of this effect.



The relatively large leading edge radii of
the NASA supercritical airfoils allow simultaneous
reductions of the curvatures of the midchord
regions of both the upper and lower surfaces with
resulting reductions of the induced velocities.
However, experiments indicate that the use of rela-
tive radii larger than that listed in Table I re-
sults in increases of the low speed drag.

III. Experiments and Aerodynemic Characteristics

Experiments

The Langley 8-~Foot Transonic Pressure Tunnel
in which the NASA supercritical airfoils have been
developed has solid side walls and thus can be used
without modification to obtain two-dimensional re-~
sults. A model of an integral (unslotted) super-
critical airfoil is shown installed in the tunnel
in figure 3. The 1lift and pitching moment charac-
teristics are obtained by surface pressure measure-
ments while the drag is derived from wake surveys.
These measurements also provide substantial infor-
mation on the flow phenomena involved. Additional
information on the flow phenomena is obtained by
surface o1l flow studies, The test Reygpolds
number at Mach numbers near 0,80 is 7 x 10° which
is substantially less than the flight values for
most airplanes. To simulate full scale Reynolds
numbers at least at and near the design condition
the technique described in reference 9 is utilized.

Aerodynamic Characteristics

To provide a general indication of the aero-
dynamic characteristics of NASA supercritical air-
foils at and off the design condition the experi-
mental results for the 11%-thick representative
airfoil shape defined by Table I will be presented.
The variation of drag with Mach number for the de-
sign normal force coefficient of 0.6 is shown in
figure 4. (At the low angles of attack for which
results are presented herein, the normal force
coefficient is approximately equal to the lift
coefficient). Similar variations for an NACA
64-212 ?&sfoil(lo) and a slotted supercritical
airfoil are shown for comparison. All results
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are corrected to a condition for boundary transi-
tion at the 8% chord station. As indicated by
figure 5 the supercritical airfoil is structurally
equivalent to a NACA 6-series airfoil of a somewhat
greater thickness-to-chord ratio. Therefore the
data for the 11%-thick supercritical airfoil are
compared with the available data for & 12% rather
than a 10%-thick NACA 6-series airfoil.

The integral supercritical airfoil experiences
a small drag increase starting at a Mach number of
about 0.7 and an abrupt drag rise associated with
boundery layer separation at M = 0.80. (Refine-
ments of the airfoil shapes developed since these
data were obtained have essentially eliminated the
small drag increase at a cost of an .01 decrease
in the drag rise Mach number). For the approximate-
1y comparable NACA 6-series airfoil the drag rise
starts at a Mach number of about 0.69., The
original slotted supercritical airfoil experiences
the drag rise at a Mach number Just above 0.79.
However an analysis of thickness effects indicates
that a slotted airfoil 11% thick would experience

TABLE I,~ COORDINATES FOR AN 11%-THICK REPRESENTA-
TIVE NASA SUPERCRITICAL AIRFOIL

z/c

x/ec
Upper Lower
surface surface
0.0075 0.0176 -0.0176
.0125 .0215 -.0216
.0250 .0276 -.0281
.0375 .0316 -.0324
.0500 L0347 ~-.0358
.0750 . 0394 -.0408
.1000 .0Lk28 - .0kLh
.1250 .0455 -.0k472
.1500 .0k76 -,0493
L1750 .0493 -.0510
.2000 .0507 -.0522
.2500 .0528 -.0540
.3000 .0540 -.0548
.3500 .05hT -.0549
.4000 .0550 -.0541
4500 .0548 -.0524
.5000 L0543 ~.0kot
.5500 .0533 -.0k55
.5750 .0527 -.042¢
.6000 .0519 -.0389
.6250 .0511 -.034k2
.6500 .0501 -.0282
.6750 .0489 -.0215
. 7000 L0476 -.01k49
.7250 .0L60 -.0090
.7500 .0kk2 -.0036
7750 .0k22 .0012
.8000 .0398 .0053
.8250 .0370 .0088
.8500 .0337 L0111k
.8750 .0300 ,0132
.9000 .0255 .0138
.9250 . 0204 L0131
.9500 .01kk .0106
.9750 .007hL .0060
1.0000 -.0008 ~,0013

L. E. radius:
0.0245¢
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a drag rise at about 0.81 or 0.82., Thus the elimi-
nation of the slot had a small adverse effect on
the drag rise Mach number. The higher drag level
for the slotted airfoil of course results from the
added skin friction associated with the slot. The
dip in the variation of drag with Mach number at a
Mach number of 0.79 is due to an essential elimina-
tion of the shock wave for this condition,

The variation of the normal force coefficient
for separation onset with Mach number is shown in
figure 6. It will be noted that the supercritical
airfoil provides a greater delay in separation on~
set compared with the NACA airfoil at the higher
normal forces than at the design condition. It
also provides a substantial increase in the maxi-
wum normal force at these higher Mach numbers.
These characteristics of supercritical airfoils
would result in a substantial improvement of the
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maneuverability of fighters at high subsonic speeds.
The phenomena associated with this effect will be
discussed later.

Because of the increased aft loading on the
NASA integral supercritical airfoil, the pitching
moments for a given normal force coefficient are
substantially more negative than for the NACA 6~
series airfoils (figure 7). However, they are
significantly less negative than for the original
slotted supercritical airfoil., Wind tunnel results
obtained for a swept supercritical wing, developed
for the flight demonstration program to be discuss-
ed later, indicate that the twist required to
obtain the proper span load distribution results
in a positive pitching moment which approximately
offsets the negative pitching moment associated
with the section. As a result little or no trim
penalty is incurred, at least with such a swept
wing.

The variations of drag and pitching moment
with normal force coefficients at representative
Mach numbers for the 11%-thick representative inte-
gral supercritical airfoil are presented in figure
8 for reference.

IV. Flow Phenomena at Off-Design, Subecritical, and
High Lift Conditions

The pressure distributions measured on the
11%~thick representative NASA supercritical airfoil
defined by Table I provide a general indication of
the flow phenomena asscciated with NASA supercriti-—
cal airfoils at off-design, subcritical, and high
lift conditions (figures 9 - 12). In these figures
the circle symbols are upper surface measurements,
the squares are lower surface values.

At a Mach number slightly above the design
value (figure 9) the shock wave location is rear-
ward of that for the design condition with a small
acceleration ahead of the wave. This change causes
a slight increase in the shock losses (figure b)
but does not result in boundary layer separation.
Separation occurs when the shock wave moves farther
rearward and the pressure plateau described in
Section II is eliminated.
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At a Mach number Just below the design value
(figure 10) the shock location is significantly
farther forward than for the design condition and
the flow experiences a reacceleration rearward of
the shock with a supercritical pesk velocity near
the 75% chord station. This reacceleration causes
a substantially greater and steeper pressure in~
crease to the trailing edge as compared with the
design condition. This steeper recovery results
in a smell adverse effect on the trailing edge
pressure recovery and drag. For unslotted airfoils
designed to achieve a shockless design condition
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the reacceleration velocity can be sufficien?l
great to cause a second rearward shock wave, 1{

The total pressure rise of this second shock and
the immedistely following subsonic pressure recov-
ery may cause significant boundary layer separation
near the treiling edge.

At subcritical Mach numbers (figure 11) the
pressure distribution has & significant peak near
the leading edge. The presence of this peak re-
sults in a small drag increment for subcritical
and slightly supercritical conditions. If an air-
foil is shaped to provide & decelerating super-
sonic velocity distribution on the upper surface at
the design condition as discussed earlier this sub-
critical peak is substantially greater than that
shown with a resulting increase in the drag for
the suberitical and slightly supercritical condi-
tions,

The pressure distribution shown in figure 12
is that measured at the high 1ift corner of the
variation of normal force for separation onset
with Mach number shown previously in figure 6. The
shock wave, associated with a local upstream Mach
number of 1.4, causes a very large adverse pressure
gradient, However, the trailing edge pressure re-
covery and a surface oil flow study indicate that
the boundary layer does not completely separate.
The bulge in the pressure distribution aft of the
shock wave and the surface oil study indicate a
very large separation bubble under the shock which
reattaches near the .75 chord station. For pre-
vious airfoil shapes, such as the NACA 6-series,
the presence of a shock wave associated with an
upstream Mach number of 1.4 causes very severe
boundary layer separation.(lz) The key to the
greater stability of the boundary layer for the
supercritical airfoil is the plateau in the pres-—
sure distribution aft of the shock wave described
in Section II. For previous airfoils the subsonic
pressure recovery immediately downstream of the
shock wave opposes boundary layer reattachment.
With the plateau on the supercritical airfoil this
adverse effect is eliminated. It is of interest
that unpublished boundary layer surveys indicate
that the boundary layer separation development
under the shock for supercritical airfoils is quite
similar to that on & flat plate,(13)

Experimental results not presented herein
indicate that the low speed maximum 1ift character-
istics for NASA supercritical sirfoils are also
superior to those for comparable NACA 6-series air-
foils.

V. Thick Supercritical Airfoils

In the previous discussion the increase in
drag rise Mach number for a given airfoil thick~
ness-to-chord ratio provided by the NASA super-
critical airfoil has been emphasized. However, the
same approach can be used to provide a substantial
increase in section thickness-ratio for the same
drag rise Mach number. The Tirst thick supercriti-
cal airfoil was developed by W. Palmer of the
Columbus, Ohio Division of North American-Rockwell
(figure 13). This 17%-thick airfoil has the same
drag rise Mach number as a 12%-thick NACA 6-series
airfoil at the same 1ift coefficient.
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VI. Theoretical Analysis

Considerable progress has been made during
the last three years in providing theoretical
methods for the design and analysis of two-
dimensional airfoils at supercritical Mach numbers.
No attempt will be made to cover all this work,
instead the method being used at lLangley in a
continuing effort on supercritical airfoils will
be described.
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The initial comparisons of theoretically de-
rived pressure distributions on NASA supercriticel
airfoils with experimental results indicate very
poor agreement. The differences are associated
with the development of the boundary layers on
these airfoils, illustrated by figure 14, The



VISCOUS EFFECTS ON PRESSURE DISTRIBUTIONS

THICK SUPERCRITICAL AIRFOIL FOR A SUPERCRITICAL AIRFOIL
( PALMER OF NORTH AMERICAN ROCKWELL, COLUMBUS ) =5
VISCOUS
— —— INVISCID
-2.0r- —2,01
-LOF -1.0
p Cp
or or
1.OF : 1.OF s
FIGURE 13 M=0.50;a=2.28 M=0.76 ;a=0.95
INFLUENCE OF BOUNDARY - LAYER i
DISPLACEMENT ON EFFECTIVE CAMBER steep pressure rise near the trailing edge of the
OF SUPERCRITICAL AIRFOIL upper surface causes the boundary layer to thicken

significantly. On the lower surface the pressure
rise from about the .5 to the .9 chords results

in a substantial thickening of the boundary layer
in the cusp while the rapid pressure decrease near

BOUNDARY LAYER the trailing edge causes a pronounced thinning of
the boundary layer. Each of these effects con-
(SCHEMAT|C) tributes to a substantial reduction of the effec-

tive aft camber of the airfoil. It was concluded
that for NASA supercritical airfoils any analytic
method must include the effect of the boundary
layer.

Recently an analytic method which includes
the effect of the bou?dﬁsy layer has been developed
by Bavitz at Langley. 1 This iterative procedure
is based on the method of Korn and Garabedieujl531
for analyzing the external supercritical field,

FIGURE 1L which implements a mixed finite-difference scheme
related to that of Murman and Cole,‘l A similar
method was also developed by Jameson, \LT The

CONFORMAL COORDINATE SYSTEM FOR coordina%fgiystem shown in figure 15, was suggested
@ by Sells and consists of mapping the interior

of the unit circle conformally onto the exterior
of the airfoil with the point at infinity corre-
; sponding to the origin. These flow field computa-
',/ '- tions are made for airfoil shapes modified by the
: calculated displacement thicknesses of the upper
and lower surface boundary layers. The displace-
ment thic%neises are determined by the method of
Bradshaw. \19 Since the boundary layer calcula-
tions are not applicable near the trailing edge an
i : empirical correction is applied for this region.
K ’ A similar method has aslso been developed by Bauer
e y at the Courant Institute.

2-D AIRFOIL CALCULATIONS

The effect of including the boundary layer on
analytical predicted pressure distributions for an
NASA supercritical airfoil is illustrated in
figure 16, These comparisons are for lift coeffi-
cients substantially greater than the design value.
At a suberitical Mach number, including the effect
of the boundary layer causes a moderate change in
FIGURE 15 the predicted 1lift. However, at a supercritical
Mach number including the effect of the boundery
layer results in substantial changes of the posi-
tion of the shock wave and the 1lift. Comparisons

14
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of theoretical pressure distributions obtained by
this method with experimental distributions for a
NASA supercritical airfoil at a subcritical and

a supercritical condition are presented in figures
17 and 18 respectively. Again these comparisons
are for 1ift coefficients substantially greater
than the design value. In both cases the agree-
ment is quite good. The difference in pressures
Just rearward of the shock wave for the super-
eritical condition (figure 18) is due to the fact
that the field calculation underpredicts the
pressure jump through the shock. Recently Jameson
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has solved this problem and the method is now being
modified to incorporate his solution. It should be
noted that the airfoil shapes shown at the bottom
of these figures include the displacement thick-
nesses of the upper and lower surface boundary
layers.

VII. Flight Demonstration Program

Because of the drastically different nature of
the flow over the NASA supercritical airfoil, there
was considerable concern as to how the new shape
would operate in actual flight. Therefore, the
several U, S. government agencies responsible for
aircraft, that is NASA, the Air Force, and the Navy,
undertook a coordinated, three part flight demon-
stration progrem. The program was to evaluate the
application of the new airfoil to a swept, long-
raenge transport wing configuration, a thick wing,
and a variable sweep fighter wing. In each case
existing military aircraft were used as test beds.
However, in none of the cases was it intended the
test wing would be applied to production versions
of these aircraft.
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F-8
The transport supercriticel wing configura-
tion was flown on a Navy F-8 fighter (figure 19).
The basic information concerning this progrem is
given in figure 20, The wing was of simple
"boiler plate" construction. Simple flaps extend-
ing from the 40% to the 80% semispan were used for
both lateral control and increased 1lift for land-
ing and take off. The sweep of the midchord was
40°. The airfoil shape outboard approximately
the L0% semispan station was the same as that
developed during the previously described two-
dimensional investigations. However the airfoil
shapes for the inboard section were substantially
altered to account for the large three-dimensional
effects in this region at the near sonic cruise
Mach number, The forward extension of the leading
edge near the fuselage also improved the near-sonic
three-dimensional flow on this inboard region. The
wing had substantial twist.

T-2C

The thick supercritical airfoil was flown on
a Navy T-2C trainer. A comparison of aircraft
without and with the thick section is shown in
figure 21. The basic information concerning this
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FIGURE 23

F-1Il FLIGHT DEMONSTRATION PROGRAM(TACT)
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OBJECTIVE — IMPROVED MANEUVERABILITY 8 INCREASED CRUISE SPEED
WITHOUT DEGRADATION OF OFF-DESIGN CHARACTERISTICS

SPONSORS — U.S. AIR FORCE 8 NASA

CONFIGURATION DESIGN & DEVELOPMENT - NASA LANGLEY & AMES
WING STRUCTURAL DESIGN & FABRICATION — GENERAL DYNAMICS
FLIGHT PROGRAM — NASA FLIGHT RESEARCH CENTER

CHRONOLOGY
APPROVAL ~— 1969
FIRST FLIGHT — 1973
COMPLETION ~— 1976

FIGURE 24

program is given in figure 22. The section shape
was obtained by drooping the flap and aileron and
then adding balsa wood and fiberglass to the
original wing structure. The airfoil shape was

the same along the entire span. Some of the re-
sults from this progrem are present in reference 20.

F-111

The variable sweep supercritical fighter wing
is being flown on a U, S. Air Force F-111 (figure
23). The basic information concerning this program
is given in figure 24. Only the variable sweep
panels have been changed from the original configu-
ration. The wing panels have been designed for
minimum weight and are equipped with single slotted
trailing edge flaps and Kreuger leading edge flaps.
The airfoil shapes are similar to those developed
two-dimensionally. The panels have substantial
twist.

VIII. Applications

Following the wind tunnel development of the
near sonic transport wing configuration used for
the F-8 flight demonstration, a complete near-sonic
transport co?fiﬁuration, incorporating this wing
was defined. 20 Three U, S. aircraft manufacturers,



ARTIST'S CONCEPT OF A NEAR-SONIC TRANSPORT
INCORPORATING A SUPERCRITICAL WING

FIGURE 25

Boeing, General Dynamics, and Lockheed, under
contract to NASA evaluated actual
based on this configuration.(el% An artist's con-
cept of the General Dynamic's design is shown in
figure 25.

More recently a number of U, S. aircraft
manufacturers have initiated new military and
commercial sirplane designs incorporating NASA
supercritical airfoils, It should be noted that
for transport aircraft the principal interest at
present is in using the airfoils to obtain reduced
fuel consumption rather than to obtain increased
speed, For a given cruise speed the airfoils
allow a reduction in wing sweep and/or an increase

in section thickness ratio which permit an increase
in wing aspect ratio or a reduction in wing weight.

These changes of course provide a reduction in
fuel consumption.

IX. Concluding Remarks

Over the past ten years extensive wind tunnel
investigations of two-dimensional sections and
three-dimensional applications of NASA supercriti-
cal airfoils have been conducted. In addition,
two flight demonstration progrems have been com-
pleted and another initiated., The results of this
research indicate that the use of these airfoils
can successfully provide substential improvements
of the speed, fuel consumption, or maneuverability
of most aircraft intended for operation at high
subsonic speeds. Also, the analytic methods now
becoming available can greatly aid in the design
of new operational aircraft incorporating these
airfoils.
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Symbols

chord of airfoil

section drag coefficient

section moment coefficient

section normal force coefficient

pressure coefficient Cp = P{local }-P{ambient )
qQ

Mach number

pressure

dynamic pressure

airfoil thickness

distance from leading edge of airfoil
vertical dimension from horizontal reference
angle of attack
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