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Abstract

The experience gained at Aerospatiale over the
last two decades o overcome advanced
experimental techniques and numerical methods
for the design of engine-airframe integration, is
now being strengthened by the industrial use of
turbulent Navier-Stokes methods. The efficiency of
this approach is demonstrated for the study of
viscous effects around the pylon of a transonic
aircraft. The separation of the boundary layers
arises and disappears at the same flight conditions
than observed in wind-tunnel simulations. The
tricky problem of simulating the behaviour of the
bleed system for the supersonic transport aircraft
air-intakes is presented. The numerical difficulty
lying in diminushing the influence of artificial
dissipation with respect to physical one is pointed
out in a comparison between Euler and Navier-
Stokes analysis.

1. Introduction

Over the past twenty years, Aerospatiale
has developed expertise on Engine Airframe
Integration for both subsonic-transonic civil
transport aircraft, with Airbus and ATR families,
and supersonic aircraft with Concorde. Though
experimental tools have largely contributed during
this period to obtaining reliable results for engine
airframe integration studies, it is currently accepted
that for the design of any new transport aircraft the
Computational Fluid Dynamics (CFD) tools have
become reliable and robust enough to be used in
complement of wind tunnel trials, reducing by the
way the costs and cycle time for design. The
computation of inviscid transonic and/or
supersonic flows around complex full aircraft
configurations can be carried out now by design
engineers providing them with a very useful means
for studying a large number of possible
aerodynamic shapes before selecting a well
optimised wind tunnel model.

In order to improve the design cycle even
further it is important to have the capability of
predicting almost all flow features which will be
highlighted in the wind tunnel, including pressure
induced separation on smooth surfaces, and shock
induced separation of the boundary layer. The 3D

turbulent Navier-Stokes codes capable of handling
such complex configurations, exist in industry, but
their level of robustness and the accuracy of their
implemented turbulence models are still to be
enhanced. This is presented in this paper by
considering 2D and 3D complex configurations.

The first application considers the transonic
flow around a full aircraft configuration. A
multiblock mesh has been built around the AS28
wing-fuselage-pylon-nacelle configuration using
about 3.5 millions mesh points. The choice of an
algebraic turbulence model has been made for this
case according to the lessons learned about
simpler test cases, studying the sensitivity to the
turbulence model of the viscous flow features
suspected to arise close to the wing-pylon-nacelle
interaction region. The comparisons of the resulis
with respect to wind tunnel measurements are
presented for cruise and low lift flight conditions
respectively.

The second application deals with the
improvement of the design cycle of supersonic air-
intakes by using a turbulent Navier-Stokes code as
an analysis tool. The aerodynamic performance of
a supersonic aircraft power plant depends to a
great extent on the inlet and moreover on the inlet
bleed system design.

The gain provided by a Navier-Stokes
analysis using a 2-equation turbulence model is
demonstrated with respect to an Euler approach
computing a generic 2D configuration defined at
ONERA. A simple cavity located under the fower
wall of a wind tunnel allows a secondary flow
through a slot in the wall acting as a boundary-
layer bleed to be obtained. Total pressure
measurements performed downstream of the slot
provide information on the distortion of the flow
field within the diffuser.

Finally, a more realistic axisymmetric
configuration with mixed compression air-intake is
computed by the Navier-Stokes code to study the
contribution of both numerical and physical
diffusion terms to the capturing of the complex
shock system taking place at Mach 1.9. The
essential numerical difficulty lies for that case, in
the modeling of the secondary flow, especially in
the bleed cavity where viscosity plays a leading
role.
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2. Flow solvers

The same strategy was retained for both
external and internal flows using a structured
multiblock finite volume approach. The time-
dependent 3D compressible Reynolds averaged
Navier-Stokes equations in conservative form are
integrated over the cells of a structured multiblock
mesh. A ceil-centered finite volume approach is
used for spatial discretization of mean flow and
turbulent transport equations. The viscous fluxes
are calculated using the velocity and temperature
gradients evaluated at the cell face center using
the gradient theorem on a shifted control volume.
The Sutherland’s law is used for molecular
viscosity.

For sub-transonic flows the NSMB code,
initiated at EPFLausanne () and currently being
developed in close co-operation between
AEROSPATIALE, CERFACS, EPFL, KTH, and
SAAB, is used in parallel mode on a CRAY-J916.
This code is optimized for both parallel vector
machine and super-scalar machine. The same
version is used on a shared memory multi-
processor and on the distributed memory of MPP
machines. It can be run in serial or in parallel
mode using message passing libraries .Both
convective and viscous fluxes are computed using
central differences with adaptive second and fourth
order artificial dissipation terms. A diagonal
alternating direction implicit algorithm is
diagonalized at each point using a similarity
transformation, following Chaussee and Pulliam
(@). This algorithm has been extended to solve the
Navier-Stokes equations by adding the spectral
radii of the viscous Jacobians to the inviscid
implicit factors following Tysinger and Caughey ().
Implicit boundary conditions have been developed
which are consistent with both the characteristic
theory and the physical boundary conditions.

For supersonic flows, the solver used in this
paper, called FLU3M, was developped by ONERA
in collaboration with Aerospatiale(®). It solves Euler
and turbulent Navier Stokes egquations using an
upwind scheme with MUSCL extrapolation )
providing a second order accuracy in space with
the assumption that mesh cells are evenly
distributed and slightly distorded. The slopes inside
each cell have to be limited to avoid any
oscillations around discontinuities. This is obtained
by using limiters, in order to satisfy Total Variation
Diminishing (TVD) condition (€). According to the
choice of flux and limiter, the scheme contains
more or less numerical viscosity. Roe's difference
splitting flux ?) with Harten correction (8) and
minmod limiter were employed for all viscous and

inviscid computations below. The convergence of
cavity computational zones in the following
applications required to shift locally to a first order
accuracy in space. A full ADI technique is applied
for implicit time stepping, allowing the use of ve
large CFL numbers. '

3 Transonic Engine Airframe Integration

The first application considers the transonic
flow around a wing-fuselage-pylon-nacelie configu-
ration for the study of the viscous effects on
engine-airframe integration .

The optimisation of the pylon aerodynamics
design is generally based on the minimization of
the installation interference on lift and drag by
building a pylon shape which allows the original
pressure distribution of the isolated wing to be
retrieved along the installed wing . In order to
minimize the drag of the overall wing-pylon-nacelie
configuration and supress possible induced
vibrations it is then of the utmost importance to
prevent any flow separation, in any of the cruise
conditions.

Ten years ago, 1o study the aerodynamics
of such complex configurations in details,
Aerospatiale designed the AS28 half-model for
wind-tunnel measurements. These experiments
are now intensively used for CFD validation taking
advantage of numerous pressure distributions
along the wing, the pylon and the nacelle in both
design and off-design conditions. Oil flow
visualizations of the AS28G through-flow nacelle
configuration are used in this paper to validate the
computed viscous effects.

3.1 Turbulence Models(®)

An alternate model to the classical
Baldwin-Lomax model (BL) when a flow separation
due to an adverse pressure gradient is involved is
the Granville (GR) algebraic turbulence model (10).
By assuming Cc¢p and Ckleb factors, being
constants in the Baldwin-Lomax outer layer
formulation, to be now functions of the modified
Clauser pressure-gradient B, Granville imposes an
outer similarity law with the outer formulation of the
Cebeci-Smith model.

The implementation of the GR-model within
the NSMB code takes into account the
computational domain partitioning initially imposed
by the multiblock mesh topology and arbitrarily
modified for parallel computing efficiency. The
following features are then required for an efficient
use of the model for complex configurations of
interest.
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Despite the advantages described above
the GR-model fails in many cases to predict large
separation of turbulent boundary layers induced by
a strong adverse pressure gradient. When such a
separated flow appears about an airframe engine
integration configuration, we have to study its
sensitivity to the turbulence model. Then a model
especially designed for this typical non-equilibrium
flow like the Johnson-King (JK) model can be
useful if it is implemented appropriately for
complex configuration. The JK-model takes
account of the convection and diffusion effects by
solving an O.D.E. governing the streamwise
development of the maximum shear stress derived
from the turbulent kinetic energy equation using
the Bradshaw relation between shear stress and
turbulent kinetic energy. The 3D implementation of
the model (17) within NSMB code benefits from the
work already done for the generalisation of the
GR-model.

3.2 Validation

The separation induced by a pressure
gradient will be considered here in 2D at a rather
low speed representative of take-off and landing
regimes. The Aerospatiale A-Airfoil is a typical
sudden stall airfoil which has been studied in detail
at ONERA F1 and F2 wind-tunnels (12).

These experimental results constitute one
of the most important data bases for Navier-Stokes
codes and turbulence model validation, espe-
cially for the low-speed test case close to the stall
at Me = 0.15, Re = 2.1 106, a = 13.3°, since a
trailing edge separation is highlighted by
measurements which almost all classical
turbulence models in use in industrial codes, fail to
predict accurately. Moreover models insensitive to
an adverse pressure gradient like x—¢ models do
not predict any separation at all when algebraic
models produce unphysical separation bubbles.

The computation was performed using a C-
mesh including 148x64 cells assumingayt = 1 at
the center of the first cell above the airfoil. The
transition from laminar to turbulent flow is imposed
by setting yt = 0 in laminar flow upstream of the
observed locations in the experiments: x/c = 0.3 at
pressure side and x/c=0.12 at suction side.

Figure 1 presents a comparison of how
different turbulent models behave in that case by
considering the profiles of the tangential
component of the mean flow velocity at three
stations downstream of the observed separation
location in the experiments (two are normal to the
airfoil surface at x/C=0.875 and 0.96, and one is
normal to the free stream velocity at x/C =1.05 in
the near wake). Where the experiments show a

large separation bubble induced by a strong
adverse pressure gradient, the BlL-model, as
expected , is insensitive to this gradient leading to
a too large velocity at the trailing edge. The GR-
model reduces the turbulent shear stress in the
outer part of the boundary layer and of the wake,
and shows that the velocity profiles are clearly
influenced by pressure gradient but not enough to
allow a good result on separated flow. This
separation appears more physical when
considering the JK-model in conjunction with the
BL-model. Then the gain obtained by introducing
the GR-model in the JK-formulation is still more
impressive on velocity profile where only small
discrepancies with respect to experiments remain
on the outer part of the boundary layer.

The shock induced separation as a
transonic effect has been studied (13) in 3D on a
wing/body at cruise configuration, highlighting the
interest of the GR-model which, in that case,
provides similar accuracy as a two-layer x— model
does. Then for complex geometries like AS28G
configuration a generalized implemention of an
algebraic model accounting for pressure gradient
was found a good choice providing the robustness
and accuracy required for industrial applications.

3.3 Mesh generation

One of the key points for computing the
airframe engine integration configuration is the
mesh generation. A two-step procedure has
been set up for building the mesh presented in
figure 2. The first step makes use of ICEM-CFD
tools for an Euler multiblock mesh. The second
one is an orthogonalization-refinement step which
allows the required number of points to be placed
within the boundary layer. An in-house mesh
genenator allows a Navier-Stokes mesh to be
built automatically from an Euler one. The
thickness of the boundary layer is defined by an
analytical law based on the theoretical turbulent
flow over a flat plate with the distance from the
leading edge as a variable. The leading edge of
the wing, the pylon and the nacelle for AS28G
configuration are part of the topology of the
multiblock mesh. An automatic procedure allows
the mesh line from Euler mesh to become
orthogonal to the aircraft surface before refining
the mesh by adding nodes within the boundary
layers. Then a structured multiblock Navier-Stokes
mesh made of 62 blocks and 3.5 millions mesh
points is obtained prescribing a y* value lower the
than 1 at the center of the first cell (medium mesh)
above solid surfaces and a number of nodes
within the boundary layer ranging from 15 to 20
within the fine mesh.
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Two additional levels of grid are extracted
from this ‘'fine' mesh by taking every second point
in each mesh direction in order to make a
convergence strategy with grid-sequencing and/or
multigrid possible.

3.4 Application to AS28G configuration

3.4.1 _Wind tunnel test

AS28G is a generic 1/7.5 scale half-model
which consists of a fuselage (6.4 m body length),
a wing (3.704 m half-span with a leading edge
fairing at the wing root), a pylon and a nacelle (14).
The motorization with a Turbo Powered Simulator
(TPS) is not considered there. The measurements
include chord-wise pressure distributions along 11
spanwise sections on the wing, ranging from' n =
0.172 to 1 = 0.911 and colored oil flow pattern
visualizations representative of the skin friction on
the wing the pylon and the nacelle.

The test cases are defined as follows: Mo =
0.8, a =2.2° (Case 1), a = 0.195° (Case 2), Re =
10.5 106 (based on aerodynamic mean chord C =
0.9408 m), transition being set at x/c =0.7 on the
upper and lower surfaces of the wing, at x=0.075
m from leading edge on the nacelie and at
x=0.035 m from the nose on the fuselage. The
pylon is assumed to see a fully turbulent flow.

3.4.2 Computational Results

The computations have been performed
with the parallel version of the NSMB code on a
CRAY J916 using the GR-model as turbulent
algebraic model. For the 3.5 millions points of the
fine mesh a speedup of 6.4 was obtained on 8
processors leading to a performance of 467
MFlops.

Figure 3 illustrates the sensitivity of the
pressure coefficient distribution to the size of the
mesh by comparing at four spanwise stations (from
1 = 0.230 to ) = 0.478, the pylon being positioned
at n = 0.337) the computed solutions obtained for
case 1 and case 2 configurations respectively on
left and right hand side, using the medium and the
fine mesh. The pressure side and the rear part of
the suction side are well predicted, even for
medium mesh using only 400000 mesh points.
This very good agreement with measurements
makes the demonstration that the aerodynamic
load of the wing can be obtained by a Navier-
Stokes approach even using a rather coarse mesh
(i.e. at a low cost) where other viscous methods
failed to predict this load correctly. The gain
obtained when using the fine mesh is remarkable
on the suction peak and on the position of the
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shock. Even though the shock seems to be well
captured by the medium mesh, the fine mesh
solution is more compatible with what it is
expected when using the GR-model. That is to say
downstream of the position observed in
experiments. The Euler solution using 1.8 million
points presented in the figure for case 1 allows us
to understand the importance of viscous effects on
that specific case.

In cruise condition (Case 1) the computed
flow field is quite close to the observed flow in
experiements. No separation was identified on the
pylon. However in low lift condition (Case 2) a
separation of the boundary layer appears at the
junction of the pylon to the wing. The surface
streamlines or skin friction lines (fig. 4) highlight
the focus point of a three-dimensionnal separation.
The surface streamlines from the attachment line
at the leading edge of the pylon swirl around this
point. The pylon flow then reattaches on the lower
part of the wing following the black surface
streamiines, where the flow from the wing leading
edge attachment line is represented by grey
surface streamlines. A secondary flow separation
along the pylon wing junction is also well captured
by the computation. These results are quite
consistent with what is observed on wind-tunnel oil
flow visualizations (fig. 4).

4. Supersonic inlet and bleed flow simulation

The function of a supersonic iniet is to slow
down and compress the supersonic external flow
to a subsonic flow on the engine face. This can
usually be obtained by means of a supersonic
compression, a strong compression through a
normal terminal shock and a subsonic
compression along the diffuser (15. The inlet
performance is characterized by the following
parameters:

- the external drag depends on the internal
cowl angle and can be reduced by the design of
an internal compression intake.

- the pressure recovery n¢ should be as high as
possible. This can be obtained by both a proper
choice of compression ramp angles and a low
normal Mach number on the last supersonic
compression. However, a low terminal normal
Mach can induce the unstart phenomenon
(internal compression inlets) or jeads to high
internal cowl angles (mixed compression inlets).
In practice, the last normal Mach number is set
around 1.30.

- distortion: the Mach number and total
pressure distribution on the engine face have to
be as homogeneous as possible. Unstart,
subcritical and supercritical operations lead to an
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increase in distortion, and can induce engine
surging.

- stability margin: an adjustable inlet geometry
is necessary to ensure the iniet operation at
different values of free stream Mach. In practice,
the regulation system in charge of adjusting
geometry is not always quick enough to
counterbalance both engine and external flow
fiuctuations. Inlet design is therefore performed
for an operating point (given external flow and
reduced engine mass flow), making sure that the
inlet can bear previous fluctuations.

Bieed systems suck the boundary layer,
and so improve distortion and pressure recovery
by reduction of shock boundary layer interactions.
They also act as an aerodynamic regulation
system by bleeding extra mass flow caused by
either an engine mass flow or free-stream Mach
number drop. Finally, they change the shape of the
engine characteristic operating curve, making the
choice of an operating point with a higher value of
pressure recovery possible. However, even if the
bleed flow is ejected at the exhaust nozzle, it
induces a thrust loss (or a bleed drag).
Consequently, correct simulation of the bleed
system is essential for the correct optimization of
the engine airframe propelling balance.

Inlet operation is usually given by operating
characteristics curves which represent mass flows
and pressure recoveries of primary and secondary
flow, for each engine operating point. Figure 5
shows the operating characteristic appearance of
an internal compression iniet. Mass flow
coefficients ¢ (total), g (engine fan), ¢y (bleed) are
calculated by the ratio of free streamtube sections
and entry section Ag. The amount of bleed mass
flow loss and the shape of the engine pressure
recovery curve are closely linked to the bleed
cavity response law. The bleed cavity response
law is given by the secondary flow pressure
recovery np for a given terminal shock position and
Mach number condition above the cavity slot.

The present study deals with numerical
simulation of the aerodynamic bleed system
consisting of boundary layer bleeding through a
slot located above a cavity. This secondary bleed
flow is then evacuated in the ejector nozzle. The
basic property of the secondary flow is the
increase in its pressure recovery when the terminal
shock moves upstream above the slot. Moreover,
secondary mass flow is proportional to this
pressure recovery. Thus, a reduction in engine
mass flow induces an ascent of terminal shock and
$0 an increase in secondary flow. As mentioned
above, the bleed system plays the part of an
aerodynamic regulation system. In the case of
internal compression inlets, the increase in bleed
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mass flow is equivalent to a reduction in throat
section delaying the unstart phenomenon.

A significant numerical difficulty in
aerodynamic inlet simulation lies in the correct
computation of the response law of this bleed
cavity. Pressure recovery of secondary flow mainly
results from viscous dissipation in the region of
bleed jet entry and in the cavity recirculating zone.
A correct evaluation of the secondary pressure
recovery therefore depends on viscosity modeling
in the cavity and bleed jet entry. The physical and
numerical problem seems to be more difficult than
the simulation of a separated flow past a
backward-facing step.

4.1 Turbulence models

At first, turbulent Navier Stokes calculations were
performed with the Baldwin Lomax model. The
results were inadequate for a correct simulation of
the cavity because all internal domains were
laminar. The Baldwin Lomax model was only used
in the computation of one operating point, in order
to initialize k and ¢ values near walls. This
initialization was obtained by an iterative process
consisting in:
- defining free stream values k_, and ¢, fora
given free stream turbulence rate and a given
(/1) Tatio .
- evaluating production rate Pk at each iterative
step (function of k,e and mean flow gradients)
and set dissipation Dg=pe equal to P.
- evaluating k from Baldwin-Lomax eddy
viscosity and previous & : p = f, Cy k’/e = ()B.L
- retaining maximum values between calculated
and free stream ones.

The jet entry computational zone in the
cavity was difficult to converge because of
oscillations and high peaks in production rate P of
turbulent kinetic energy. The convergence was
obtained by limiting the ratio between production
Pk and dissipation Dy (16).

Computations were performed on a
Dec8640 machine (alpha processors, 300 MHz).
The turbulent k-¢ calculation time is about 250
microseconds per mesh cell and per iteration, and
each operating point needs 3000-5000 iterations to
converge.

4,2 Computational grids

The 2D meshes used for the following
computations were built with the ICEM-CFD tool.
About 15000 cells were necessary for Euler
simulations and 75000 cells for Navier Stokes
simulations.
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The Euler mesh of supersonic inlet
configuration is shown on figure 13. The
geometries of both primary and secondary flows
are extended by sonic throats in order to simulate
the back pressure imposed by reduced engine
mass flow and exhaust nozzle operating point. The
outflow boundary condition becomes a supersonic
one simpler than a prescribed pressure in a
subsonic outflow. Then, different operating points
creating operating characteristic curves
correspond to different positions of terminal shock
and are obtained by the variation of the primary
throat size.

Navier Stokes meshes contain boundary
layer domains close to the walls and following
blunt leading edges and trailing edges. Figure 7
shows the detail of the mesh around the generic
configuration bleed slot. Boundary layer domains
usually contain about 35 cells normal to the wall
and the size of first cell off the wall
y-rknin = y1(v p/iL)y is taken to be around 0.25. This
value is excessively small for the Baldwin Lomax
zero equation model, but is required for the low
Reynolds Jones-Launder k-¢ two equation model.

4.3 Generic configuration

4.3.1 Experimental description (17)

This configuration was tested in ONERA
S8Ch Chalais wind tunnel and consists of a cavity
located under the lower wall of a wind tunnel. The
wind tunnel section has an upstream sonic throat
to fix entry mass flow and a downstream sonic
throat to fix primary mass flow. Secondary flow is
drained off through a secondary sonic throat
(10.5% of entry section). Figure 6 shows the
experimental geometry: total pressure
measurements were performed downstream of the
bleed slot, and upstream of the secondary sonic
throat. Static pressures were measured on primary
flow walls and cavity walls. Schlieren photographs
and boundary layer probing on the lower surface
upstream of the bleed slot are also available.

Wind tunnel dimensions at entry (after
convergent duct) are 100 mm (height) x 120 mm
(depth) and the Reynolds number based on the
wind tunnel height is about Rep=1.25 .106. The
Mach number above the bleed slot is around 1.30-
1.35 which roughly corresponds to Mach number
values in supersonic inlets throat region.

4.3.2 Results and Discussion

The calculated results were performed
solving two-dimensional Euler and Navier Stokes
equations at different operating points by varying
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primary throat height. Figure 8 compares shock
patterns of the schlieren photograph and both
inviscid and viscous computations for an
intermediate shock position above the slot. Navier
Stokes shock boundary layer interaction on the
upper surface is closer to the schlieren photograph
than the Euler solution. In the same way, the bleed
jet entry aspect, near the downstream siot lip, is
better predicted by viscous computation. In that
case, experimental contact discontinuity coming
from the upstream slot lip creates a A shock due to
the increase of cavity pressure. This phenomenon
is also well simulated by inviscid computation and
it creates a total pressure peak near the lower
surface.

Figure 9 compares operating characteristic
curves from experimental measurements, and
inviscid and viscous computations. The primary
pressure recovery nf is a mean of experimental
total pressure probing at station X=269.5. The
primary operating characteristic curve (1 function
of g ) is thus very dependent on richness of
experimental total pressure data. In that case, we
have a good total pressure probing of near wall
regions, so the Euler primary operating
characteristic curve over-estimates pressure
recoveries and the experimental one is better
predicted by Navier Stokes computations.

Mass flow coefficients are evaluated with
respect to eniry mass flow. Consequently,
secondary pressure recovery is a line, containing
the point (e4=1, np=0) and having a slope
proportional to secondary throat section.
Therefore, it is quite normal that calculated points
are roughly located on the same line. On the other
hand, the variation range of np is more difficult to
foresee. The comparison between experience,
inviscid and viscous computations is not obvious:
for the same shock position on the lower surface
(above the slot), the shock position on the upper
wall is significantly different between inviscid and
viscous results (see figure 8). The first and last
points of the operating curve roughly correspond to
the same shock position on the lower surface. The
viscous prediction of np max is then closer to the
experimental vaiue.

Figure 10 shows static pressures on the
upper surface for two operating points,
corresponding to both an upstream and a
downstream shock position on the lower surface.
Upstream of the shock, there is a difference
between experimental data and caiculated
pressures. Experimental pressure at the throat
(X=0) is in good agreement with sonic state
pressure, while the calculated sonic line seems to
move forward in the upstream direction. The area
around the throat section is very slightly evolutive
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so the difference is probably due to side wall
boundary layers which change aerodynamic throat
position, not being taken into account by 2D
computation. Consequently, computed boundary
fayer thickness at X=75mm is lower than the
experimental value due to a higher external flow
speed. Static pressures located downstream of the
shock boundary layer interaction on the upper wall
are in good agreement with experiments. The
computed separation is slightly less severe than
the experimental one but it is a well known
behaviour of the Jones-Launder k- model (18-19),
Euler pressure profiles are shifted downstream due
to the absence of boundary layer interaction (see
figure 8).

Figure 11 shows total pressure distribution
of the primary flow at station X=269.5 (downstream
of the slot) corresponding to both a downstream
and a middle shock position on the lower surface.
Navier Stokes calculations can better simulate the
total pressure peak caused by a A-shock and the
large total pressure loss near the upper wall which
is typical of shock boundary layer interaction. The
downstream position of the terminal shock is
associated with the appearance of an expansion
fan above the slot and thus a low value of total
pressure near the lower surface. The discrepancy
with respect to experimental values can be entirely
explained by the difference on upstream Mach
number. Experimental losses of total pressure near
the lower surface are probably caused by a
contamination of the upstream boundary layer
which was not completely bled. This loss does not
appear in the Navier Stokes computation because
the upstream boundary layer thickness is smaller
and bleed mass flow slightly higher than
corresponding experimental ones. Inviscid and
viscous total pressure profiles of the middle
operating point have a peak near the lower
surface, caused by interaction between shock and
contact discontinuity coming from the upstream
slot lip. The experimental profile does not have this
peak because the bleed pressure is not high
enough to create a A shock by deflecting the
contact discontinuity upwards.

4.4 Axisymmetric inlet configuration

4.4.1 Experimental description

Figure 12 shows a mixed compression
axisymmetric inlet, tested by AEROSPATIALE in
the Vernon LRBA wind tunnel. The secondary flow
is drained off along a central core through a sonic
throat of 7.9% of entry section. There are static
pressure probes along along the internal cowl and
central core walls. The total pressure probing at
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the diffuser exit is made up of 36 total pressure
probes (6 radial x 6 circumferential). Radial
distribution is poorer than the generic test, and the
probes are situated outside the boundary layers.
Consequently, the differences between Navier
Stokes and Euler simulations are reduced when
computational results are post processed in the
same way as experimental data.

Free stream Mach number is 1.91 and
Reynolds number based on entry radius is about
Re=2.39.106.

4.4.2 Results and Discussion

Jones-Launder Turbulent Navier Stokes
computations are performed at different operating
points, making use of initial values coming from a
Baldwin-Lomax computation at one operating
point.

Figure 14 shows Mach number contours
corresponding to supercritical and subcritical
operating points . This configuration is an example
of a mixed compression intake. In the supercritical
operating case, supersonic compression finishes
by a bow shock attached to the cowl lip. No strong
shock boundary layer interaction arises because
the flow becomes subsonic in the primary duct and
the cowl lip shock does not interact with the ramp
boundary layer. In that case, Navier Stokes results
only differ from Euler ones close to the wall due to
boundary layers. In the subcritical operating case,
the cowl lip shock is detached and there is an
interaction between the external shock and the
ramp boundary layer. Total pressure losses
caused by this interaction are not visible in diffuser
total pressures so they were probably bled in the
secondary flow.

Figure 15 shows the operating
characteristic curves obtained from experiments,
inviscid and viscous computations. The difference
between inviscid and viscous is very small. The
total mass flow of the viscous computation is
slightly smaller than Euler one, because of the
presence of boundary layers on conical ramps.
Supercritical bleed flow (minimum value) is better
predicted by Navier Stokes simulation, but then
bleed pressure recoveries are very similar to Euler
computations and slightly higher than experimental
ones. However, it is important to note that the
experimental geometry of the secondary flow duct
differs from computational one by a longer and
bent evacuation duct. This generates pressure
losses which can explain the differences in
secondary pressure recoveries.

Figure 16 shows total pressure profiles
downstream of the bleed slot. The radial
distribution of 6 experimental probes is illustrated
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by arrows and experimental static pressure on the
upper surface is added. Euler and Navier Stokes
post processing of pressure recovery is made by
the mean of set of the same six radial total
pressures. The difference between viscous and
inviscid calculations is focated near walls, outside
the experimental probes. It is the reason why
primary pressure recoveries on operating curves
are so similar between Navier Stokes and Euler
computations. The subcritical operating point has a
pressure loss caused by cowl shock detachment.
Viscous and inviscid computations do not exactly
corrrespond to the same operating point, but total
pressure loss (down to static pressure at wall) is
better predicted.by viscous simuiation.

Some numerical adjustments were applied
in order to avoid any numerical probiem and to
ensure a good residue convergence history. The
limitation of turbulent kinetic energy production rate
is necessary in-the jet entry zone and near the
downstream leading edge lip, but it vanishes when
convergence is reached. So, it does not disturb the
final solution. On the other hand, inviscid and
viscous computations were made with a first order
space scheme in bleed cavity domains. The
numerical viscosity is thus increased making
analysis of the share between physical and
numerical viscosity difficult.

The retained supersonic inlet configuration
is one of the best ones predicted by Euler
computations. The only shock boundary layer
interaction is situated outside the inlet and so it
does not basically change the inlet operation. On
the other hand, internal compression inlets have
shock boundary layer interactions inside the inlet
which can induce unstarts not predicted by Euler
computations (20)

5. Conclusion

The introduction of Navier-Stokes analysis
for the design of engine-airframe integration has
been undertaken at Aerospatiale for both sub-
transonic and supersonic transport aircraft.

The accuracy and efficiency of the
approach were demonstrated for the successfull
study of viscous effects around the pylon of a
transonic aircraft thanks to:

* an automatic mesh generation of boundary layers
around complex geometries (up to 3.5 million
points),

* an appropriate choice of turbulence models with
respect to physic phenomena involved (flow
separations),

* an efficient implementation of the method on
parallel machines.

Chaput, Barrera, Gacherieu, Tourrette

its contribution to solve the tricky problem of
simulating the behaviour of the bleed system for
the supersonic transport aircraft air-intakes is
presented with comparison with Euler approach.
An appropriate limitation of the unphysical
turbulent kinetic energy overproduction was appli-
ed making robust enough and accurate the x-¢
model implementation for the computation of
complete operating characteristic curves by design
engineers.
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Figure 2 - Navier-Stokes mesh around AS28G model (3.5 million points)
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Figure 14. Mach number isolines at supercritical and subcritical
operating cases (viscous computation on axisymetric inlet)
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