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Abstract

That study deals with experiments conducted in the
transonic, pressurized T2 wind tunnel of CERT. The
1/80th scale model of a modern subsonic transport
aircraft was handled in the test section using a fin-
sting. It consisted of a fuselage, a detachable horizontal
rear stabilizer, a belly fairing and tip-truncated wings;
those latter were computed by Aerospatiale in order
to reproduce the correct downwash in the rear fuselage
region. Tests were carried out at a free stream Mach
number of 0.82 and a Reynolds number based upon the
model chord length of close to 2.5 million.

Various measurements were performed, mainly in
the vicinity of the fuselage downstream rear part: oil-
flow visualisations; pressure distributions; boundary
layer surveys along the fuselage symmetry lines and
some lateral lines using a Laser Doppler Anemometry
system; and near wake surveys with both pressure and
velocity measurements.

Those experiments were aimed at scrutinizing the
flows developing along the rear part of a fuselage, in a
configuration very close to flight applications.

Introduction

Experimental as well as numerical work on rear parts
of fuselage have been developed at CERT/ONERA for
these last years. That work has several goals:
o first of all, to reach a better understanding of the ex-
ternal and wall flows developing along the fuselage of a
commercial-type subsonic aircraft for different model
configurations: “Fuselage without stabilizer”, “Fuse-
lage with stabilizer” and “complete wing-body”;
e secondly, to generate an important data base (pres-
sure distributions, boundary layer and near-wake sur-
veys with either velocity or pressure measurements or
both) necessary for validatinginviscid and viscous codes
used and developed at ONERA;
o and lastly, to forecast possible three-dimensional sep-
aration (storage of fluid which leads to important vis-
cous drag increase) and, if necessary, definition of pas-
sive devices as a means to “control” the flow in those
areas.

Consequently, after carrying out detailed experi-
mental work on both “Fuselage without and with hor-

izontal stabilizer”,»? a second set of experiments has

been launched in order to go closer to flight applica-
tions: indeed, a whole wing-body configuration of a
modern transonic transport aircraft has been consid-
ered. The aim of this specific experimental approach
has been to explore the role played by the horizontal
stabilizer and the wing lift on rear-fuselage flows, and
to look at the interaction between the wake coming
from the tip-truncated wings and the boundary layer
developing along the fuselage.

The experiments reported here were conducted in
the test section of the CERT T2 wind tunnel, which
is transonic, pressurized, and has self adaptive walls.
Tests were performed at a stagnation pressure close to
2.1 bar, at ambient temperature and at a free stream
Mach number of 0.82. The Reynolds number, based
on the aerodynamical chord length of the model, was
close to 2.5 million. Although that Reynolds number is
one order of magnitude less than that corresponding to
flight or cruise conditions, its value is in perfect agree-
ment with those recorded among the numerous indus-
trial wind tunnel applications. Furthermore, computa-
tions showed that the fuselage viscous flow pattern was
quite similar whatever value of the Reynolds number,
based upon either test or flight conditions.

Several measurements have been performed in order
to detail the rear fuselage flow characteristics: oil-flow
visualisations; pressure distributions; boundary layer
surveys along the upper and lower symmetry lines us-
ing the three-dimensional Laser Doppler Anemometry
(LDA) system; and wake surveys with both pressure
and velocity measurements in two planes located at
approximately one and two diameters downstream of
the fuselage base.

Wind tunnel conditiong

Experimental Set-Up - Model

The T2 wind tunnel at CERT/DERAT

The T2 wind tunnel is a closed-circuit, induction-
driven facility capable of runs between 30 and 120 sec-
onds. It is pressurized, transonic, and cryogenic, and it
has self-adaptive walls. Dry air is injected at ambient
temperature and cooled by an injection of liquid nitro-
gen for cryogenic conditions.® The standard operating
range is: Myo: 0.6-0.9, Pig: 1.3-3.0 bar and Tig: 120-
300 K.
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The test section of the wind tunnel measures 0.39
m wide, 0.37 m high and 1.42 m long. The flexible top
and bottom walls avoid transonic blockage and mini-
mize wall interference effects. These walls can be con-
trolled using either a two- or three-dimensional strat-
egy;*® they are moved by 16 hydraulic jacks acting
upon invar steel sheets, allowing displacement in 0.2
mm increments up to a maximum variation of 25 mm.
The tunnel’s adaptive wall capability allows relatively
large models to be studied and provides very accurate
results.

Besides its ability to provide high Reynolds num-
ber values, this wind tunnel is also particularly suit-
able for studying rear fuselage flow because its three-
dimensional LDA system® 7 allows the recording of de-
tailed secondary fields that are crucial for measuring
vortex flows.

Model

The 1/80th-scale model of a modern transonic trans-
port aircraft was designed and manufactured at ON-
ERA/IMF Lille. It consisted of a fuselage, a detach-
able horizontal rear stabilizer, a belly fairing and tip-
truncated wings. The cylindrical fuselage was 0.733
m long and 0.070 m in diameter. The model differed
from the full-scale aircraft in having no horizontal sta-
bilizer shield and no gap between the horizontal stabi-
lizer and the fuselage; moreover, the shape of the belly
fairing was not exactly the full-scale aircraft one and
there was no wing/fuselage onglet. Later experiments
showed that these small modifications do not affect the
main characteristics of the rear-fuselage flow, although
the absence of gap would impede a possible connection
between the lower and upper parts of the fuselage.

Figure 1: View of the model in the T2’s test section.

Because of the size of the wind tunnel cross section,
the real wing sized at the right scale, could not be con-
sidered. So, tip-truncated wings with with exactly the
same chord length at the wings/fuselage junction, were
computed by Aerospatiale.® For correct qualification
of the aerodynamic field on the fuselage rear section,
those wings had to be defined so that the pressure field
on the fuselage and the position of the wake of the
wing on the fuselage looked like those obtained with
the real wing, for the wind tunnel conditions; further-
more, the transverse evolution of the lift coefficient was

reproduced. So, the correct downwash on the fuselage
should be correctly represented.

Experimental set-up

The model was handled in the test section using
the same fin-sting as the one used for the “Fuselage
with or without stabilizer” configurations®? (figure 1).
The model fin was geometrically different from the full-
scale aircraft fin, but both the chord at the fuselage/fin
junction and the sweep angle of the leading edge were
correct.

The sting induced interferences along the centre-
line of the wind tunnel, in the area where the upswept
rear-fuselage would be located, but the tunnel’s flexible
upper and lower walls allowed this interference to be
cancelled out on the fuselage axis. Velocity measure-
ments performed during this stage of the experiment
verified that the residual disturbances were small.’ De-
tails regarding wall adaptation are given later.

Instrumentation

The model’s fuselage (cylindrical part as well as
belly fairing) was fitted with 142 static pressure taps,
115 of which were located on the left hand-side of the
rear part, along the last 32% of its fuselage length.
For two streamwise sections, taps located in the same
horizontal plane helped verify that the model was not
set askew. By recording so many pressure measure-
ments in this downstream part of the fuselage it was
possible to define, fairly exactly, both the streamwise
evolution of pressure along the symmetry lines and the
azimuthal distribution of the pressure—definitions that
proved critical when examining the influence of the
horizontal stabilizer on the external flow.

Furthermore, the lower and upper sides of the left
hand side tip-truncated wing had 44 pressure taps, dis-
tributed in three sections, located at 65 mm, 105 mm
and 145 mm from the fuselage axis; the correspond-
ing local chords are 117 mm, 96.6 mm and 84.5 mm
respectively.

Figure 2: Glance at the instrumentation.

For wake surveys, a specific pressure rake has been
constructed: it was 84 mm wide and had two decks,
the upper one consisting of 15 total pressure probes
and the lower one of 6 static ones; all the probes were
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set at equal distance one from each other (figures 1&
2). This rake was calibrated, without the model, at
the beginning of the experiments but, because of its
obstruction, some residual corrections were applied to
the static values. That pressure rake allows to cover
the whole wake plane survey within a single run.

The three-dimensional LDA system was used for
boundary layer and wake surveys (figure 2). The di-
ameter of the measuring volume, tightly related to
the intersection of the three coloured beams as well
as their waists, was close to 130 um for any configu-
ration (forward- or backward-scattering). Regarding
nearer wall approaches, using the forward-scattering
mode (tangential approach, for the symmetry lines of
the model), one could go as close as 0.3-0.4 mm to the
wall; however, in the backward-scattering mode (nor-
mal approach, mid-lateral line on the fuselage), the
shortest distance to the wall was 3.0 mm.

Test conditions

Tests were carried out at a stagnation pressure of
2.1 bar, at ambient temperature (300 K), for a free
stream Mach number of 0.82. That led to a Reynolds
number R, based upon the aerodynamical chord length
of the model (0.091 m) of close to 2.5 million.

Transition was tripped on the fuselage (carborun-
dum band, average height: 45 pym at 12 mm from the
nose), on the lower and upper sides of the horizontal
stabilizer (carborundum band, average height: 35 um
at 5% of the local chord length) and on the lower and
upper sides of the wings (carborundum band, average
height: 45 pm at 5% of the local chord length), but
natural transition occurred on the vertical fin.

For all this set of experiments, the fuselage axis
was set at =2.5°, whilst the horizontal stabilizer was
set at a,=-2° with respect to the Reference Horizontal
Fuselage line. That configuration is representative of
the average cruise conditions.

Wall adaptation process and Measurements

In order to reproduce the external flow around the
model as accurately as possible, the adaptation of the
flexible walls of the test section had to be calculated
according to methods developed at DERAT.%5 The
upper and lower flexible walls had to be adapted to the
presence of the model and of the four walls boundary
layers, knowing that the side ones are parallel; final ad-
justments, using the linearity assumption, were made
to counteract the disturbance caused by the sting.

Because of the location of the tip-truncated wings
and of the induced downwash, it was necessary to re-set
in a new position the top and bottom walls of the test
section in comparison to the “Fuselage with stabilizer”
configuration. Indeed, in order to counteract the wing
lift, the displacement of the flexible walls has to be
greater. Great care has been taken in order to ensure
the correct pressure distribution on the model as well
as the quality of the results.

When the adjustments had been made, the follow-
ing measurements were done:
- oil-flow visualisations on the rear part of the fuselage,

on the tip-truncated wings and on the horizontal and
vertical stabilizers.

- streamwise pressure distributions on the rear part of
the fuselage, along the upper and lower symmetry lines
and on the tip-truncated wings; azimuthal evolution of
the pressure for given streamwise sections.

- boundary layer surveys at several streamwise abscis-
sae along the symmetry lines of the model using the
forward-scattering LDA mode, and for several azimuthal
positions using the backward-scattering Laser Doppler
Anemometry mode.

- wake surveys through both velocity and pressure mea-
surements, in two planes located at approximately one
and two diameters downstream of the fuselage base.
Regarding velocity measurements, a complete plane (~
1100-1200 points) was investigated at 60 mm down-
stream of the fuselage base, while half of the measure-
ment points (500-600) was performed in one half of the
wake at the plane located at 120 mm downstream of
the base.

Results and discussions

Pressure field

The streamwise evolution of the pressure coefficient
is plotted in figure 3 at three sections: Y=65 mm, 105
mm and 145 mm from the fuselage axis.
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Figure 8: Pressure distribution on the tip-truncated wing: a)
=65 mm; b) Y=105 mm c) Y=145 mm; o: Upper side o: Lower
side (— Cp=0).

These distributions were in agreement with those
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recorded by industrial companies on comparable wing-
body models’. That implies, first of all that the adap-
tation process has been carried out correctly, and sec-
ondly that the tip-truncated wings have been well de-
signed.

Measurements showed the existence of a shock wave
on the upper part of the tip-truncated wings and its
transverse evolution, leading to a splitting within the
internal wing (figure 4). Local Mach numbers up to
1.5 were recorded. The number of pressure taps was
not sufficient to capture correclty the location of the
shock wave; oil-flow visualisations allowed to complete
that description, yet.

Figure 4: Oil-flow visualisation on the tip-truncated wing.

Once the shock wave footprint estimated, the lift
coefficient has been computed at the three Y-spanwise
locations; compared to the theoretical evolution versus
the span, the correct tendancy has been obtained.

The concentrations of pressure taps on the rear part
of the fuselage created a good picture of the pressure
field in that region. Plots of the contours of constant
pressure coefficient are given in figure 5. Comparisons
have been made with the configuration without wings
and belly fairing, but at two different values of the
angle of attack of the model, i.e @=2.5° and 0°.

Whatever configuration, the flow decelerated just
ahead of the leading edge of the fin/fuselage junction.
Downstream of that area, the flow then accelerated
as far as the maximum cross-section of the horizon-
tal stabilizer footprint. Comparisons with the “Fuse-
lage with horizontal stabilizer” configuration when the
model was set at @=2.5° showed some discrepancies,
especially along the lower part of the fuselage. In fact,
the wings induced such a downwash that the apparent
angle of attack of the horizontal stabilizer is smaller.
However, when comparing to the configuration with
the model set at a=0° (case c) of figure 5) the agree-
.ment between the two experimental pressure distribu-
tions was very satisfactory.

The wing lift influence was clearly visible on the
pressure distribution over the fuselage (figure 6); the
truncated wings induced a very strong acceleration of
the flow, especially in their neighbourhood.

t Aerospatiale - Private communication
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Figure 5: Colored contours of constant pressure coefficient
(-Cp) on the rear fuselage a) Wing-body configuration: a=2.5°
ae=-2° b) Fuselage alone with horizontal stabilizer: a=2.5°
a.=-2° c) Fuselage alone with horizontal stabilizer: a=0°
e=-2°,
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Figure 6: Pressure distribution along the fuselage: a) Upper
symmetry line; b) Mid-lateral line (above the wing/fuselage junc-
tion) c) Lower symmetry line (— Cp=0); »: Experiments =
Inviscid flow computations.
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The rear part of the belly fairing slowed down the
flow at the beginning of the fuselage upsweep, and thus
reduced the adverse pressure gradient on the upswept
lower part of the fuselage.

Comparisons were performed with inviscid flow com-
putations performed at ONERA. The potential flow
was calculated by using a panel method, developed at
Aerospatiale;® it is a source-vortex method using both
skin and skeleton panels bearing either sources or vor-
tices of constant strength.?®

Computed pressure evolutions are thus given in fig-
ure 6; the blanks on the full dark lines refer to either
the vertical or horizontal stabilizer footprints. A very
good agreement existed on most of the fuselage and of
its rear part; that feature confirms that the adaptation
procedure has been perfectly undertaken.

Some discrepancies were well evidenced along the
lower symmetry line both on the pressure level and
on the intensity of the pressure gradient. This is due
to, first of all, the absence of coupling between invis-
cid and viscous calculations and, secondly, to a rather
thick boundary layer in this area due to the upswept
fuselage.

Moreover, the streamwise pressure gradient along
the lower symmetry line is almost equal to zero, down-
stream of X/1=0.8. That would suggest that the rapid
growth of the boundary layer in that area balanced the
decrease of the fuselage cross-section. The measured as
well as computed pressure evolutions appear somewhat
“chaotic” around X/1=0.93 (figure 6c); this is due to
the local geometrical inflexion of the lower symmetry
line.

Wall pattern

Figure 7: Oil-flow visualisation - View from above.

Oil-flow visualisations were performed on different
parts of the model. They were very useful in that set of
experiments since they allowed to verify the efficiency
of transition tripping on the tip-truncated wings as well
as on the horizontal tailplane or to find out the splitting
of the shock wave on the upper side of the wing; that
latter could not be deduced from pressure distribution
(see figure 4).

Figure 8: Oil-flow visualisation - Side view.

Figure 9: Oil-flow visualisation - View from below.

Furthermore, those visualisations allowed to define
precisely the wall flow pattern along the fuselage. From
some photographs (figures 7, 8 & 9), the following
salient features could be observed, such as:

- a rather strong deviation of wall streamlines in the
cylindric part of the model, due to the wings;

- a dark triangle area on the lower side of the stabilizer,
where oil could gather because of low friction;

- a weak accumulation of wall flow on the upper side
of the fuselage, concentrated along the edge of the flat
surface, which allows rotation of the horizontal tail;

- a rather strong convergence of wall streamlines in-
ducing an upward motion of wall flow from the lower
symmetry line towards the maximum cross-section of
the horizontal stabilizer. Such a motion gave rise to
a vortex roll-up, the source of which is the upsweep.
Its vertical development was restricted because of the
tailplane.

Wake surveys

Pressure and velocity measurements were performed
in two wake planes, orthogonal to the direction of the
free stream velocity X; they are located at 60 mm and
120 mm downstream of the fuselage base, which corre-
sponds to almost one and two diameters, respectively.
In these wake surveys, Y=0 refers to as the symmetry
plane of the fuselage; the Z-axis ends up the coordinate
system.

Therefore, comparisons with the configurations with-

427



out wings, tested in a preceding campaign,’? will be
possible in the furthest plane, for which LDA measure-
ments were only handled.

Pressure rake measurements
The relative variations of the stagnation pressure in
the wake, at 120 mm downstream of the fuselage base,
are given in figure 10b. Comparisons are made with
the configuration without wings (figure 10a).
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Figure 10: Contours of constant stagnation pressure loss

(APi/Pi) in the wake a) Fuselage alone with horizontal stabilizer:

a=0° a,=-2° b) Wing-body configuration: a=2.5° a,=-2°.

The following comments can be made:
- the symmetry of measurements in the wake plane was
rather good and comparable to that recorded for the
fuselage alone configuration with or without horizontal
stabilizer (see’?);
- the wakes from the vertical and horizontal stabilizers,
as well as from the fuselage/wing interaction and the
fuselage were clearly evidenced;
- the shape of the wake was different from the configu-
rations without wings; however, its size (height, width)
‘was comparable first of all to the geometry of the fuse-
lage and secondly to that recorded when investigating
the “Fuselage/tailplane configuration” with a=0°;
- pressure loss downstream of the tailplane was roughly
constant and equal to 6-8%;
- three different defect velocity pockets were recorded
in the fuselage wake. The highest one came from both
the fuselage base and the convergence of wall flow along

the upper edge of the flat surface, which allows rota-
tion of the horizontal tail; the average pressure loss was
around 15%. The two lowest ones, symmetrical with
regard to the wake axis, seemed to be initiated from
the vortex roll-up spreading along the lower part of the
fuselage. A maximum deficit of nearly 20% has been
recorded.

- in the lower part of the pictures, the wake of the wing
itself induced variations of stagnation pressure of about
2-3%, at approximately 4-5 chord length downstream
of the wing trailing edge. Nevertheless, a fourth defect
velocity pocket, of weaker intensity up to 8-10% could
be seen under the fuselage; its existence could be at-
tributed to the wake of the vortex which spred from
the wing/fuselage junction. Since the wing/fuselage
onglet was not present during the tests, that pressure
loss might not be really representative of the real air-
craft situation.

The streamwise evolution of the wake between one
and two diameters downstream of the fuselage base,
did not reveal strong mixing. Of course, the intensity
of the pressure loss pockets was slightly weaker at the
furthest plane, but the location of the pockets within
the wake did not change.

When comparing to the case without wings (figure
10a), the general shape of the fuselage wake has been
kept constant which is in agreement with the afore-
mentioned similarity of the isobar contours between
the two aerodynamic configurations. In that isobars
plot, the sharp peak in the upper part of the fuselage
wake could be observed in both configurations. This
peak has to be related to strong downwards negative
velocities, as it will be discussed later in this paper.

The same defect velocity pockets existed at roughly
the same position within the fuselage wake; however,
their intensity appeared somewhat weaker for the case
without wings. That might be attributed to a stronger
vortex roll-up along the lower part of the fuselage due
to the presence of the wings and its lift.

3D-LDA measurements - vorticity
The secondary velocity field has been obtained through
LDA measurements (forward scattering); surveys in
the Z-direction have been performed over 96 mm height.
The lateral step of scrutinizing in the Y-direction de-
pends upon the location within the wake plane: 2 mm
in the heart of the wake and 3 mm everywhere else.

That secondary velocity field is plotted in figure
11, for the plane located at 60 mm downstream of
the fuselage base; it is superimposed to the contours
of constant stagnation pressure. It should be noticed
that first of all the pressure and the velocity measure-
ments were very consistent, and secondly the flow was
perfectly symmetric. The wakes of every part of the
model (fin, tailplane, wings, ...) were clearly noticeable
in that velocity survey.

Furthermore, the approximate location of the cen-
tre of each observed vortex in the fuselage wake has
been given with respect to Y- and Z-cordinates.

Downstream of the tip-truncated wings, outside of
the main wake of the fuselage, there was a noticeable
downward motion of fluid, related to the overall de-
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. viation of the external flow. A convergence of the
wake from the wings towards the symmetry plane of
the wake of the model was clear; as a consequence, im-
portant vertical velocities were recorded in areas where
vortex activity was intense, where Mach numbers were
small, i.e. where pressure loss was maximum.

50
DPi/Pi (%)
40

30

(%
\

v YRRy
NN Ml e -
. RN RN EF e
\

TTTT T [TToT]

20 -
10 >

0
=10 |

-20 -

T

PP
et -
it P P Pt

\
\
\
N
N
\
\

=30 |

N

-40

SSSm—

NN
ARSI gy
\\\\\\\;”!
SRRV N |
4.(.;\:;””1 )
RCEER TNy
co et
e errrrirt} il
ceveecsetiiid i B
crcverrirrril i R
Cl sl teiiiig Y
- Ry

-50 |

-60 L '

-50 -40 -30 -20 -10 0 10 20 30 40
Figure 11: Secondary velocity field and comparison to the con-
tours of constant stagnation pressure loss (APi/Pi).

Axis

Axis
60

40

20

]IITT]IIII'II]IIIIIII

-20

LI
QD
S

llllllllll
-40 s
40 20 0 40 -20 0

-5.0

Figure 12: Contours of constant streamwise component of the
rotational (f1z) a) Fuselage with horizontal stabilizer: a=0°
a.=-2° b) Wing-body configuration: &«=2.5° a=-2°.

30 -10 10 3.0 5.0

Measurements showed the existence of three vor-
tices in each half-wake fuselage plane, compared to two
vortices in the configurations without wings.

Two of them were co-rotating, located not very far
away from the wake axis. They corresponded to vortex
roll-up and convergence of wall flow identified along the
fuselage, using oil-flow visualisations; the highest one
(Y~-8 mm, Z~ 10 mm) has to be related to the inter-

ference between the tailplane and rear fuselage flows,
whilst the lowest one (Y~ -10 mm, Z~ -2 mm) has to
be linked to the rear fuselage upsweep.

The third one, contra-rotating (Y~ -22 mm, Z~
2 mm) was located above the tailplane/fuselage junc-
tion. Its interaction with the other two vortices created
rather large negative velocity components, justifying
the sharp shape on the contours of constant stagna-
tion pressure. On the other hand, the junction of the
co-rotating vortices induced a prononced upward fluid
motion along the wake axis. -

At the furthest downstream wake plane, the co-
rotating vortices collapsed and produced a unique strong-
er vortex; the secondary velocity plot was then very
similar to that recorded in the configuration without
wings (a=0° a,=-2°) as it can be seen in the con-
tours plot of constant streamwise component of the
rotational (2, =W /8Y-8V/8Z).

Such a representation allows to define rather pre-
cisely the centre of the different vortex systems down-
stream of the fuselage (figure 12). Rather weak .
has been recorded at the location of the defect velocity
pocket corresponding to the wake of the vortex that de-
velops downstream of the wing/fuselage junction. The
overall vorticity seemed to be somewhat stronger than
for the configurations without wings.

These wake surveys pointed out the importance
and complementarity of pressure and velocity measure-
ments for scrutinizing vortex flows.

Estimations of drag coeflicient:

From wake surveys performed through both velocity
and pressure measurements, the total drag coefficient
of the model could be estimated. Indeed, by consider-
ing two planes one upstream of the model (stagnation
conditions) and the other one downstream (at 120 mm
from the fuselage base), the total drag Cd could be
expressed from momentum considerations as:

1 pU U
Cd = f 1 - —)dS
%Sref. wake pNUDO( UOO)

1 j’ P
+ — (L =15
%‘YM&, Sref. wake Po

where the reference surface is the total wing area at the
model scale. By considering only first order’s terms,
the vortex drag component could read:

1p (V49

g
— ds
%Srz_f. wake 2 Poo e

Cd’uo‘rtez =

In order to estimate the drag coefficient of the fuse-
lage alone, it has been necessary to eliminate the effects
of the stabilizers, wings and belly fairing. Some diffi-
culties arose because of the strong interaction of these
lifting surfaces with the fuselage. Contributions of the
fin as well as the tailplane were taken off, using the
same method as the one previously developed for the
configurations without wings.!»?

However, it has been very difficult to get rid of the
contribution of the wing/fuselage junction and belly
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fairing, because of the rather strong interaction be-
tween them and the fuselage. Then, one ends up with
the following data, where ACd represents the relative
drag variation of the fuselage drag of a given configu-
ration from the total drag of the complete wing-body
configuration.

Drag coeflicient of the fuselage part only

a(®) [ a.(*) | Wings | 10* A Cd | Cdyortez/Cd
0 ) No -0.9 1.1%
2.5 -2 No 5.0 0.2%
T25] 2 | Yes | — | 26% |

Then, for the configurations without wings, the to-
tal drag of the fuselage, mainly pressure drag, was
smaller at @=2.5° than at a=0° because of a decreased
relative upsweep angle of the rear part of the fuselage;
consequently, the vorticity contribution was also re-
duced.

The drag coefficient of the fuselage itself, when tak-
ing into account the belly fairing and the truncated
wings, was similar to the one recorded for the “Fuse-
lage with horizontal stabilizer” configuration, accord-
ing that the fuselage was set at 0°. Nevertheless, the
vorticity was stronger, almost 3% of the total drag co-
efficient of the fuselage, which was much higher than
what had been recorded without wings,

Boundary layer surveys

Boundary layer surveys have been performed at dif-
ferent streamwise locations on either the upper and
lower symmetry lines or lateral lines, with the LDA sys-
tem operating in the forward- or backward-scattering
mode, respectively.

Profiles were plotted in a coordinate system associ-
ated with the boundary layer: y, is the direction nor-
mal to the wall, X and Z are in the plane, tangent to
the wall, with X in the direction of the free stream
velocity.

Some mean and fluctuating velocity profiles are go-
ing to be discussed below; they correspond to the lo-
cations marked with the symbol e in figure 13.

Boundary fayer probings

g, T —I’Wingw.ke
- Boundary layer edge
1 Boundary layer probings

Figure 13: Locations of some of the boundary layer surveys.

Along the symmetry lines: ‘
For these measurements, the LDA system was oper-
ated in the forward-scattering mode in order to obtain

better accuracy, better measurement quickness and a
better near wall approach.

On the lower symmetry line, seven measurement
stations were defined between X/1=0.771 and 0.980.
At each station, probings were performed in the direc-
tion normal to the wall. Mean velocity profiles are plot-
ted in figures 14 and 15. The W-velocity component in
the Z-direction, did not exceed 5 ms~!, while the ex-
ternal free stream velocity is close to 260 ms~!. Thus,
that allows to verify, first of all the perfect symmetry of
the flow and, secondly, that the measurement volume
has been correctly positioned. The V-component was,
in that case, not negligible; its intensity was straightly
related to the thickening of the boundary layer due
mainly to the downwash of the external flow.
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Figure 14: Streamwise velocity profiles along the lower sym-

metry line.
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Figure 15: Mean velocity components in the Y- and Z-
directions along the lower symmetry line; same symbols as in
figure 14.
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Downstream of X/1=0.842, the wake, coming from
the trailing edge of the tip-truncated wings, began to
interact with the mean streamwise velocity component,
whilst the V-component did not seem to be too much
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altered. As we moved downwards the rear end of the
fuselage, that interaction went away from the wall,
since the wing-wake separated from the lower symme-
try line. ’

Therefore, the thickness of the boundary layer was
rather important as compared to the greatest length of
the fuselage cross-section. The consideration of bound-
ary layer codes to predict the viscous flow in that re-
gion could thus be questioned. From these probings,
it has been possible to estimate the wake from the
wing/fuselage junction and its interference with the
boundary layer developing along the lower symmetry
line (cf. figure 13).

_Along that symmetry line, the shear stress profiles
(-w'v') were very altered (figure 16): this could be ex-
plained by the tridimensionality of the flow (conver-
gence of external streamlines and divergence of wall
streamlines) and the thickening of the viscous layer
rather than the streamwise pressure gradient.

-0.5 0.0 0.5 1.0 -05 0.0 0.5 1.0
10’ -uv/U;} 10°-uvru.!
Figure 18: Shear stress profiles along the lower symmetry line;

same symbols as in figure 14.

Downstream of X/1=0.842, the values of the shear
stress were very small; therefore, the footprint of the
wake coming from the wings/fuselage junction is clearly
apparent on those profiles.

Along some lateral lines:

Furthermore, boundary layer surveys have been per-
formed ahead of and just below the horizontal stabi-
lizer, in different azimuthal lines; the location of these
stations was judiciously selected, according to the wall
streamline pattern, in areas of strong convergence of
fluid.

"~ The three components of the velocity, computed
in the coordinate system associated with the external
streamline, are plotted for various azimuthal angles at
X/1=0.874 (figure 17), where 6=0° and 90° refer to the
lower symmetry line and the mid-lateral line, respec-
tively.

Comparisons have been performed between forward-
and backward-scattering on the lower symmetry line;
for that specific survey, it has been possible to go as
close as 1 mm to the wall through backward-scattering.

The agreement is rather good between these two laser
configurations for =0°. Some discrepancies existed
for the streamwise velocity component; moreover, the
transverse component, W, was for sure weak but not
equal to zero, as symmetry would require. This shows
the existing difficulties to measure either small quanti-
ties or transverse velocities through backward scatter-
ing.
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Figure 17: X-, Y- and Z-components of the mean velocity at
X/1=0.874 and different azimuthal locations.
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Nevertheless, such a method is of prime importance
when dealing with change of sign of cross-flow, which
was the case between azimuthal angles of 53° and 78°.
These surveys allowed to show, first of all, the interac-
tion with the wing-wake and, secondly, the rapid thick-
ening of the turbulent boundary layer, when moving
towards the lower symmetry line. For the high values
of 8, in areas where visualisations revealed a strong
convergence of wall flow, the V-component was rather
strong; the growth of the boundary layer, which could
have been derived, was not exagerated, yet.

Conclusions

Thus, these experiments were aimed at scrutiniz-
ing the viscous and inviscid flows in the rear part of
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the fuselage and in the near wake, for a wing-body
configuration. Detailed information has been devoted
to point out the strong interaction between the wake
coming from the tip-truncated wings and the boundary
layer developing along the fuselage and also to charac-
terize the effect of the horizontal stabilizer on the wall
flow.

Tests were performed on a 1/80th scale model of
a modern, transonic transport aircraft, in the tran-
sonic, pressurized wind tunnel with self-adaptive walls
of CERT. The model consisted of a fuselage, a detach-
able horizontal rear stabilizer, a belly fairing and tip-
truncated wings. Because of the size of the wind tun-
nel cross section, the real wing sized at the right scale,
could not be considered; so, tip-truncated wings were
computed by Aerospatiale in order to reproduce the
correct downwash in the fuselage region.

The complete model was handled within the test-
section by means of a fin-sting and was set at an angle
of attack of 2.5°, while the horizontal stabilizer was
fixed at -2° with respect to the Reference Horizontal
Fuselage line. The tests conditions consisted of a stag-
nation pressure close to 2.1 bar, ambient temperature
and a free-stream Mach number of 0.82.

Great care has been taken in order to ensure the
correct pressure distribution on the model. The upper
and lower flexible walls have been moved not only to
take into account the presence of the model and of
the walls boundary layers, but also to counteract the
disturbance caused by the sting.

The combination of techniques such as oil-flow visu-
alisation, boundary layer surveys, wake flow measure-
ments has been a very powerful tool to get a very pre-
cise description of the wall flow and of the vortex mo-
tion that develops near the lower symmetry line of the
fuselage and, consequently, spreads downstream of the
upswept fuselage. A tremendous amount of data have
been elaborated, that will help for validation or im-
provement of boundary layer as well as Navier-Stokes
codes, as far as such complete wing-body configura-
tions could be computed...

Areas of strong cross-flow associated with conver-
gence of wall streamlines were well derived from oil-
flow visualisations. Boundary layer surveys on specific
lines pointed out the thickening of the boundary layer
along the lower symmetry line of the model as well as
an important wing-wake/fuselage-boundary layer in-
teraction. Rear fuselage flow is generally dominated by
three-dimensional separation i.e. convergence of wall
streamlines, the rear fuselage upsweep creating a lift
induced vortex system amplified by the wing down-
wash.

In the wake of the model, strong pressure losses
were recorded; the use of a three-dimensional LDA sys-
tem allowed to define more precisely both the vortex
system associated with these velocity defect pockets
and the intensity of the secondary velocity components
in some confined areas of the whole wake.

When dealing with transport aircraft applications,
besides friction or hift-induced drag reductions, ben-
efits can be obtained via reduced fuselage afterbody
drag;1° following on results from the present investi-

gation, interest might be to control the vortex flow
by using small passive devices such as vortex genera-
tors or small fences. The goal sought after would be
to act directly on the viscous flow developing between
the lateral mid-line and the lower symmetry line of the
fuselage and maybe indirectly on the flow along the
horizontal tail.

Nevertheless, if one thinks to reduce the vorticity
drag, whatever its contribution to the drag budget is,
those hopefully successful passive devices could also
modify consequently the pressure and friction drags
and thereby produce a greater effect in terms of varia-
tions of the total drag of the fuselage.

On the other hand, benefits for aircraft applica-
tions could also be obtained from vortex flow control
by reducing and/or confining instabilities that vortices
could give birth to.

It is worth mentioning that the tests reported in
this paper have been followed up by further experi-
ments, where two different kinds of devices have been
considered: small rectangular fences and small trian-
gular vortex generators. The former act essentially on
the external flow by driving it and trying to re-set up-
wards the external flow, while the latter act upon the
wall flow, increase the turbulent mixing between the
outer and inner regions of the boundary layer.

Those preliminary experiments show the possibil-
ity, first of all, to interfere with the convergence of
wall streamlines and thus flow separation, secondly to
modify locally the pressure distribution and, at last, to
alter more or less significantly the shape of the wake as
well as the distribution of the defect velocity pockets.
Whatever configuration is concerned, it does not seem
possible to suppress the global rear-fuselage vortex sys-
tem, but to diminish it more or less; that system is due
to the upswept fuselage and cannot be removed with-
out changing the geometrical shape of the rear-part of
the fuselage.
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