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Abstract

The present study deals with the Navier-Stokes calcula-
tions for a flow past a jet trainer (BAe Hawk). An im-
portant and difficult part of the work has been to gener-
ate a good grid around the aircraft. To facilitate the grid
generation the computation domain has been divided
into 14 blocks. The numerical method used to solve the
Reynolds-averaged Navier-Stokes equations is a finite-
volume method which utilizes upwind differencing and
a DDADI-factorized implicit time integration. Two dif-
ferent turbulence models are employed, an algebraic
model and a low-Reynolds number k — e model. Results
are given for a case: Ma = 0.45, Re = 18.6 x 10, and
a = 3°. They are compared with a solution obtained
with a panel method.

Nomenclature

Cp  dragcoefficient, drag/go. S

Cr  lift coefficient, lift/g, S

pressure drag coefficient

C,. pitching moment coefficient based on &
Cp  pressure coefficient, (P — Peo )/Goo

Ma  freestream Mach number

Re  Reynolds number based on ¢

S area of reference wing planform (16.69 m2)
Voo  freestream velocity

¢ wing mean aerodynamic chord (1.777 m)
cf local skin friction coefficient based on g
c local lift coefficient

Doo  freestream pressure

doo freestream kinetic pressure, 0.5, V2,
y/s fraction of semispan

a angle of attack, deg

P freestream density
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Introduction

In recent years, CFD has been utilized for aircraft aero-
dynamics. Most of the applications have concerned
inviscid calculations, i.e. Euler solutions, see e.g.
(1). Viscous solutions have mainly been determined
for wings alone or for simple wing-body combinations.
Only a few viscous results have been published for a
complete aircraft e.g. (2), the reason being that viscous
solutions require a huge number of grid points and a
great deal of computer time to be accurate enough.

The present study describes calculation of viscous
flow past a jet trainer (BAe Hawk) by means of a
Reynolds-averaged Navier-Stokes solver, FINFLO. The
FINFLO code, developed in the Laboratory of Aero-
dynamics at the Helsinki University of Technology,
uses a finite-volume approach; see Refs. (3), (4) and
(5). The inviscid part of the flux on the cell surface
is computed by solving approximately a locally one-
dimensional Riemann problem.®® The viscous terms
are evaluated utilizing thin-layer approximation. The
discretized equations are integrated in time by applying
DDADI-factorization.”” A multigrid technique is em-
ployed to speed up the convergence. Several different
turbulence models can be applied: algebraic and low-
Reynolds number two equation models.

The present calculations were done in order to test
the code for a realistic aircraft application. Certain de-
tails of the aircraft, such as the air intake, can be taken
into account in the simulations. A very dense grid is
therefore necessary. The generation of the grid is a
complicated task, since C-type grids are used around
the wing and tailplane in order to reduce the number
of grid points. The grid, which consists of 4.3 million
grid points around half the model, is dense enough to
obtain sufficient refinement near the solid surface for
the boundary layer flow and its interference with shock
waves to be captured with sufficient accuracy. The grid
is divided into fourteen blocks to facilitate grid gener-
ation, which has been carried out using algebraic and
elliptic methods. In particular, the elliptic method pre-
sented in Ref. (8) has been applied in the blocks that are
difficult to generate by means of an algebraic method.

Calculations have been performed with an algebraic
Baldwin-Lomax turbulence model,® and Chien’s low-
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Reynolds number k — € model.!? Results will be given
for chordwise pressure distributions, surface friction
distributions, velocity distributions across the bound-
ary layer, spanwise lift distribution, total lift, drag and
pitching moment. For a comparison, the pressure dis-
tribution is also determined with a low-order panel
method, presented in Ref. (11).

Numerical Method

Viscous Calculations

Governing Equations. The Reynolds averaged Navier—
Stokes equations and the equations for the the kinetic
energy k and dissipation ¢ of turbulence can be written
in the following form

8U O(F—F,) (G-G.) &(H—H,)
%t ' ey T a:
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where U = (p, pu, pv, pw, E, pk, pe)T Here p is
the density; the velocity is V=uit+v 7+ wk; pis the
pressure, and E the total internal energy defined as
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where e is the internal energy. The pressure is calcu-
lated from the perfect gas law

p=(v—1)pe (3)

where 7 is the ratio of specific heats c,/c,. The
source term () has non-zero components, which will
be given later, only for turbulence equations. For the
Reynolds stresses, we apply Boussinesq’s approxima-
tion
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where pr is a turbulent viscosity coefficient. The
molecular viscosity is calculated from Sutherland’s for-
mula. In the k£ — e model the turbulent viscosity is cal-
culated from

k2
pr = 0,2 )

Source Term. Near the wall the low-Reynolds num-
ber model proposed by Chien!'?) is adopted. The source
term for Chien’s model is given as

P-—pe—2u~k2
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where y,, is the normal distance from the wall, and
y* is defined by
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The production of turbulent kinetic energy is mod-
elled using Reynolds stresses obtained from Eq. 4

P =iy gt
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["T( t 52, " 30955, ) T 3%k (8)

Spatial Discretization. For the solution, a finite-
volume technique is applied. The finite volume formu-
lation is obtained by integrating the differential equa-
tions over a computational cell ¢

d

Z —SE +V;Q; )

faces

where the sum is taken over the faces of the compu-
tational cell. The flux for the face is defined as

F =n,(F ~F,) +ny(G - Gy) +n.(H - H,) (10)

In the evaluation of the inviscid fluxes, Roe’s
method® is applied. The flux is calculated as

F=T7'F(TU) (11)

where T is a rotation matrix which transforms the de-
pendent variables to a local coordinate system normal to
the cell surface. In this way only the Cartesian form F'
of the flux is needed.

Boundary Conditions. At the free-stream boundary
the values of the dependent variables are kept as con-
stants. In the flowfield, k and € are limited from below
to their free-stream values. In the calculation of the in-
viscid fluxes at the solid boundary, flux-difference split-
ting is not used. Since the convective speed is equal to
zero on the solid surfaces, the only contribution to the
inviscid surface fluxes arises from the pressure terms in
the momentum equations. A second-order extrapolation
is applied for the evaluation of the wall pressure.

The viscous fluxes on the solid surfaces are obtained
by setting v = v = w = 0 on the wall. The central
expression of the viscous terms is replaced by a second-
order one-sided formula. The wall temperature is set
to the free-stream stagnation temperature. The viscous
fluxes of k and € are also set to zero at the wall.

Solution Algorithm. The discretized equations
are integrated in time by applying the DDADI-
factorization.” This is based on the approximate factor-
ization and on the splitting of the Jacobians of the flux
terms. The resulting implicit stage consists of a back-
ward and forward sweep in every coordinate direction.

2572



The sweeps are based on a first-order upwind differenc-
ing. In addition, the linearization of the source term is
factored out of the spatial sweeps. The boundary condi-
tions are treated explicitly, and a spatially varying time
step is utilized. For a more thorough description of the
solution method applied, see Refs. (3), (4) and (5).

Inviscid Calculations

The inviscid calculations were performed with a low-
order panel method, Ref. (11). The method uses
constant source-distribution on the surface panels and
horseshoe vortices on the mean surface of the wing.
The lift of the fuselage is taken into account by gener-
ating horseshoe vortices inside the fuselage and apply-
ing kinematic flow condition inside the fuselage. The
compressibility effects are taken into account by using
a modified form of the Githert rule, whereby the bound-
ary condition is satisfied on the real body.

Grid Generation

Both the calculations, the viscous as well as the inviscid,
need a suitable grid. As a coarse surface panel model
is sufficient for the inviscid calculations, a dense three-
dimensional volume grid is required to solve the Navier-
Stokes equations.

The surface patch definition of the complete BAe
Hawk aircraft was obtained in the IGES format. This
data was employed to extract a high-density surface grid
definition, which was then used to generate a coarser
surface grid for the Navier-Stokes computation. Some
minor details, like boundary layer fences or dorsal fins,
were excluded in the calculation model. The number
of elements in the surface grid for the viscous calcu-
lation is 38,400. The surface grid is depicted in Fig.
1. The panel model was generated utilizing relatively
coarse surface node point data, which was written out
directly from a CAD program.

A structured multiblock grid is used in the viscous
calculations. The grid has to be dense enough (y* =~ 1)
on the aircraft surface in order to resolve the viscous
boundary layer. Furthermore, the grid has to be ex-
tended to a sufficient distance from the body to jus-
tify the assumption of the free-stream boundary con-
dition. The limiting factor is the number of grid cells
that could be used. The CPU time required for the flow
calculation would increase with the number of grid cells
used. However, the absolute upper limit for the grid size
was set by the available 2 Gb main memory size of the
Silicon Graphics Power Challenge computer used for
the flow calculations. Typically, 6 of the 12 processors
available were used in both Navier-Stokes calculations.
With the following block division the total number of
grid cells in the half model became 4,306,944. In the
k — € model flow calculations some blocks were not
used and the number of grid cells was only 4,202,496.

Figure 1. Surface grid of the BAe Hawk aircraft for the vis-
cous calculation. ~

The grid extends to 30 m from the aircraft. The flow
calculations with the k — € turbulence model occupied
1.8 Gb of main memory.

For the wing-like bodies C-O type grid blocks were
chosen in order to get a good resolution at the leading
edge and to resolve the boundary layer without wast-
ing too many cells in the farfield. When this choice is
made, the rest of the block division falls into place quite
naturally. The blocks around the wing and the stabiliz-
ers leave three gaps in the circumferential direction in
between them, see Fig. 2. Each of these gaps is filled
with a block. The upper and lower part of the aircraft
forward of the wing was modeled with separate blocks.
Due to some restrictions in the flow solver both of these
blocks still had to be divided into three. The foremost
part of the aircraft was generated as a single block to
conserve grid cells. The front of the inlet is modeled as
a separate block just to make the grid generation easier.
Most of these blocks are of H-H type since that type of
grid fits naturally with the surrounding blocks.

The concentrations of grid points that can be seen on
the symmetry plane are due to similar concentrations
on the fuselage. The surface grid is concentrated at the
leading and the trailing edge of the wing and the stabi-
lizers. These concentrations extend over the fuselage to
the symmetry plane and continue to the farfield. This
is, in fact, unnecessary and only tends to slow down the
convergence of the flow solution.

The internal block boundaries were generated by sim-
ply drawing some lines from the body to the farfield
and interpolating between them. This produced the
somewhat unsmooth block boundaries seen in Fig. 2.
The volume grid generation was mostly performed
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Figure 2. The block division of the volume grid. In addition
to the surface of the aircraft, the symmetry-plane and parts
of the outer surfaces of the blocks around the wing and the
vertical and horizontal stabilizer are shown.

with a standard transfinite interpolation utilizing multi-
dimensional stretching functions. Some of the blocks
are quite complex. For example, the block around the
wing passes under the block around the horizontal sta-
bilizer. This makes the upper boundary of the wing turn
excessively, which then causes trouble when generating
the volume grid for the block. The block around the hor-
izontal stabilizer is for the same reason very narrow in
the vertical direction, which, in fact, makes the gridding
of that block non-trivial, too. Also the blocks ahead of
the inlet were inverted after the transfinite interpolation.
Whenever transfinite interpolation turned out to be in-
adequate, a method utilizing the Laplace system with
stretching functions was used, see Ref. (8). A close-up
view of the grid around the inlet is shown in Fig. 3.

Calculated Results

The flow past the BAe Hawk aircraft has been calcu-
lated for a case: Ma = 0.45, Re = 18.6 x 10%, o = 3°.
This case is computationally rather easy, since there is
no flow separation or shock waves. Even an inviscid
solution should give acceptable results for pressure dis-
tributions.

The results shown here concern a case without air-
flow through the air inlet. Therefore, the base of the
aircraft is modelled with a sting with an inviscid sur-
face. The lift, drag and pitching moment then include
the influence of all other surfaces except the base and
the air intake.

First, the Navier-Stokes solutions are described. In
the outer boundary of the computation domain the free-

bt

Figure 3. The grid around the inlet.  The surface of the air-
craft on the right and the outer surface of the inlet in the mid-
dle are cut by a cross-section of the grid. The cross section is
composed of several coordinate surfaces belonging to differ-
ent blocks of the multiblock grid.

stream values for pressure and velocity were prescribed.
In the k¥ — € turbulence model calculations, the non-
dimensional free-stream values of k£ and e were 0.0002
and 0.1458, respectively. The quantity k£ was made non-
dimensional with the square of the free-stream speed
of sound and the quantity e with the third power of the
free-stream speed of sound and the reference length of
Lo = 1 m. A multigrid technique with three multi-
grid levels was employed to speed up the convergence.
In the direction normal to the surface a third-order ac-
curate spatial discretation method was used, whereas
in other directions a second-order method is utilized.
When using the Baldwin-Lomax turbulence model, the
flow was assumed to be turbulent on all surfaces. In the
k — € model the transition was allowed to occur by it-
self, which resulted in transition rather near the leading
edges and the nose of the fuselage.

In order to get the calculations to converge, the
Courant number had to be typically below 1, and there-
fore, the convergence speed was slower than normally.
One reason for convergence problems might be the fact
that the grid is very dense near the aircraft surface and
at some block boundaries. Another reason might be that
the grid density normal to the surface on the middle part
of the fuselage was much too coarse. When employing
the algebraic Baldwin-Lomax turbulence model, con-
verged results were obtained after about seven thousand
iterations. Fig. 4 shows convergence of lift, drag and the
L-norm of the density residual for the B-L model. For
the k— e model, even 20,000 iterations were not enough.
But this slow convergence probably results from defi-
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Table 1. Calculated lift, pressure drag and pitching moment.
Engine intake closed.

Method B-L | k—¢ | panel
Ct 0.38 0.35 0.38
Cp, 0.0092 | 0.014 | 0.009
Cm -0.028 | -0.039 | -0.039

ciencies in the grid. Therefore, after having redesigned
the block around the middle part of the fuselage, new
calculations with the k — ¢ model will be carried out.

The results with the panel method were determined
by using 1,717 panels for the half aircraft. For the lift
generating surfaces 20 Kutta-panels were utilized.

Table 1 presents results for lift, pressure drag and
pitching moment. The coefficients are based on the
wing reference area 16.69 m? and the aerodynamic
mean chord 1.777 m. The moment reference point lies
at the 16.9 % position of the mean chord. As can be
seen, the B-L model and the panel method produce quite
similar results for lift and pressure drag. The k—e model
gives less lift and more pressure drag than the other two
models.

Pressure distributions in the form of isobars on the
aircraft surface can be seen in Fig. 5. The figure also in-
cludes results from the panel method calculations. The
viscous and inviscid solutions agree quite well on the
wing and tailplane, but there are differences on the fuse-
lage.

Chordwise pressure distributions along the wing sur-
face at five sections are depicted in Fig. 6 for the B-L
model, the £ —e model and for the panel method. Again,
the inviscid results agree quite well with the viscous so-
lutions. (The wing cross-sections are curved and the
y/s-values denote the position at the leading edge.)

The local lift coefficient distribution of the wing is
presented in Fig. 7. The viscous solutions and the invis-
cid computation with the panel method yield very simi-
lar results. However, the viscous solutions give less lift
along the wing than the panel method.

The next figures demonstrate viscous effects. Fig,
8 gives the local skin friction coefficient distribution
along the wing surface at five sections. The coefficient
is made dimensionless by dividing it by the free-stream
kinetic pressure. The results of both turbulence models
agree fairly well except very near the leading edge and
near the wing root.

Fig. 9 depicts surface streamlines. The influence of
the closed air intake is clearly seen to curve the flow on
the fuselage surface near the intake.

Boundary layer profiles on the wing surface are
shown in Fig. 10 in the form ut = f(y*) at a cross
section y/s = 0.45. They indicate that the grid is dense
enough near the surface since the y* value of the first
cell is less than one. In the buffer layer the k — ¢ model
yields lower velocities than the Baldwin-Lomax model,
whereas in the logarithmic layer the opposite is true.

Conclusions

In this study the flow past a jet trainer has been cal-
culated using a Navier-Stokes solver. The study has
demonstrated the difficulty and importance of generat-
ing a good grid around a complex geometry. The gener-
ation of a structured grid requires much more human
effort than any other part of the study. The viscous
calculations agree quite well with each other and with
an inviscid solution, since there is no flow separation
or shocks. The low-Reynolds number k& — e model re-
quires much more computational effort for a converged
solution than the Baldwin-Lomax model. With the aid
of new supercomputers, present studies are feasible and
the Navier-Stokes flow solver a useful tool in aircraft
design. '
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Figure 4. Convergence of the lift and drag coefficients, and
the La-norm of the density residual for the Baldwin-Lomax
turbulence model. Ma = 0.45, Re = 18.6 x 10%, a = 3°.
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Figure 5. Surface pressure distributions (isobars). AC, =
0.1. Results obtained with a) panel method, b) Baldwin- 1
Lomax turbulence model, ¢) k — € model.
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Figure 6. Chordwise pressure coefficient distribution at wing
sections y/s = 0.23, 0.31, 0.45, 0.75 and 0.92 obtained with
a) panel method, b) Baldwin-Lomax turbulence model, c) k —
€ model.
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Figure 7. Local lift coefficient ¢; of the wing using the
Baldwin-Lomax model, the k£ — e model and the panel method.
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Figure 8. Chordwise friction coefficient c; at wing sec-
tions y/s = 0.23, 0.31, 0.45, 0.75 and 0.92 obtained with
a) Baldwin-Lomax model, b) k& — € model.

Figure 9. Surface flow distributions as calculated using a)
Baldwin-Lomax, b) £ — € model.
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Figure 10. Velocity profiles across the boundary layer of the
wing at section y/s=0.45. a) Baldwin-Lomax model, b) k — ¢
model.
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