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Abstract

An analysis is presented on the compressible inviscid vor-
tex flow over three delta wings with sharp leading edges
with leading edge sweep angles ¢ =60°, 70° and 76° using
numerical solutions of the Euler equations. Presentations
of results are given for Mach numbers ranging from M , =

0.1 to 0.8 and for angles of attack up to the onset of vortex
breakdown. The paper focusses the attention on the effects
of the vortex flow on the flow field of a delta wing. The oc-
curence of shock waves of two types: cross-flow and ter-
minating (or rear) shocks in the vortical flow fields are in-
vestigated; the possibility of shock induced vortex break-
down and the effects of compressibility on the rapid per-
formance degradation of delta wings after vortex bursting
are studied in detail. Moreover, the changes on flow kine-
matic within the vortex core due to the close presence of
the wing are also studied.

1. Introduction
The vortical flow field generated around sharp edged delta
wings at high angle of attack has been the subject of nu-
merous research activities in the last thirty years. Most of
the existing investigations, however, were carried out at
subsonic or supersonic conditions, as is shown from the ex-
cellent comprehensive reviews published by Hoeijmak-

ers)) and Newsome et al.®. Experimental investigations

at transonic free stream Mach numbers®+® have shown a
complicated flow field with cross flow shocks, terminating
or rear shocks and leading edge shocks partially embedded
in the flow field which is generated by the leading edge
vortices. The influence of the shocks on the breakdown of
the vortices and on the degradation of the acrodynamics
performances of the delta wing after vortex bursting is still
unknown. Similarly, other questions related to the physics
of the compressible flow within the vortex core remain un-
til now unanswered. Although Navier-Stokes solutions
were shown to be qualitative and also quantitative more ac-
curate than Euler results®®>®) the improvements of the so-
lutiion are restricted to secondary effects. Today numerical
methods based on the solution the Euler equations have

(*)Presented as paper 94-0071 at the AJAA 32nd Aerospace Sci-
ences Meeting & Exhibit, January 10-13, 1994, Reno. NV.
Copyright © 1994 by ICAS and AIAA. All rights reserved.

reached enough maturity to be used to describe essential
flow features like the production vortex lift, the interaction
between shock and vortices and the prediction of vortex
break down. The interested reader is referred to the many

paper published during recent years® - (1) To contribute
to a better understanding of the compressible vortex flow
fields of sharp edged delta wings, a systematic study using
the DLR CEVCATS Euler code is reported in the present
work. Three delta wings with sharp leading edges, with

sweep angles of ¢ = 60° |, 70° and 76° are studied for 0.1 <
M, = 0.8 for angles of attack up to vortex breakdown.

2. Numerical experiment setup

2.1 _Computer code

The simulations of the flow field are done by means of
steady-state solutions of the Euler equations, representing
conservation of mass, momentum and energy. The numen-
cal solutions are computed with the DLR CEVCATS Euler
code. The description of the basic solution method for the
numerical algoritm are given in!”"!1%). The computa-
tional algorithm employs a finite-volume spatial discretiza-
tion, in which the discrete values of the flow quantities are
located at the vertices of the mesh cell. Artificial dissipa-
tive terms (also known as artificial viscosity) based on the

work of Jameson et al. ??) are added to the governing dis-
crete equations. The magnitudes of these terms are depend-
ing on the pressure gradients in the flow and damping coef-
ficients specified by the user. The system of ordinary
differential equations which is obtained by the discretiza-
tion in space is advanced in time with a five stage Runge-
Kutta scheme. Three methods are used to accelerate con-
vergence to steady state; local time stepping, implicit
smoothing of the residuals and a multigrid method. The
code allows multiblock decomposition of the computa-
tional domain and it is therefore grid topology indepen-
dent. The required computer time per each angle of attack
and or Mach number in presence of vortex breakdown is 30
minutes on a CRAY-YMP computer. This time includes the
time required to read and write data files and the time re-
quired to perform the calculations.
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2.2 Confi ] d

In the present study three delta wings with sharp leading
edges and leading edge sweep angles of ¢ = 60° | 70° and
76° and symmetric wing profiles (Fig.1-a) are numerically
tested. The physical domain is discretized by means of a
four block H-H topology grid consisting on 450000 points
(Fig.1-b). This topology structure offers high flexibility to
geometrical changes-on the configuration without altering
the whole domain. On each block the mesh is generated in

three main steps'®): first a 3-D body fitted grid is generated
via transfinite interpolation; then a 2-D elliptic solver is ap-
plied on each block face and finally a 3-D elliptic solver is
used to smooth the grid inside each block enforcing orthog-
onality of the grid lines at block boundaries. The outer
boundaries of the computational domain extend approxi-
mately 6 wing root chords in all directions. The clustering
of grid lines in direction normal to the surface of the con-
figuration has a minimum spacing for the first mesh layer

of <103 chord lengths. Additionally, minimum values of-
the dissipation coefficients are used to yield solutions prac-
tically not contaminated by artificial dissipation.
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Fig.1 Numerical experiment set-up
(a) configurations - (6) grid structure

2.3 Com

The governing equations and computational algorithms
used for this investigation were formulated to achieve
steady state solutions. The criterion used to determine when
the solution converged to its steady state is the residual
convergence of the continuity equation, namely the L,-
Norm. Converged solutions are assumed once the L,-Norm

drops at least through three orders of magnitude. A differ-
ent time interval is used in each cell to accelerate the con-
vergence to steady state and hence the discrete equations
are not solved in a time accurate fashion.Once the vortex
bursts, the fiow field induced by the vortex becomes un-
steady. At the location of the vortex bursting and down-
stream this point along the vortex axis, the numerical solu-
tion does not converge to a steady state but it exhibits an
oscillatory motion of low frequency. At the same time the
velocity profile of the axial component of the core flow
changes its character from jet- type to wake type. However,
it was found that for flow conditions corresponding to vor-
tex bursting the solutions are not diverging. Instead, they
have converged to results which are globally stationary but
locally unsteady. Furthermore, the comparison of these so-

lutions with experimental data(!®) shows good agreement.
In the present work vortex breakdown is defined as the
place where the second derivative of the axial component
of the core flow with respect to the core radius is zero (i.e.

Fu/al= 0) . This criterium for the determination of the
place where the vortex bursts has been succesfully applied
in previous experimental and numerical studies of vortex

breakdown(?D) and(19),
3. Results and Discussion

3.1 Forces and pitching moments

Aerodynamics forces and pitching moments for the three
delta wings for two free streamn Mach numbers, 0.4 and 0.8
are shown in Fig.2. It is shown that the effect of the the
Mach number on the total forces and pitching moment is
larger for delta wings with small sweep. Also, as the wing
leading edge sweep angle increases, the slope of the lift
curves decreases due to the reduction of the wing aspect ra-
tio, but the value of the maximum lift coefficient and the
corresponding angle of attack increases. For the wing with

@ = 76°, lift and drag curves, maximum lift coefficients and
corresponding angles of attack are similar for both Mach
mumbers. Also, in both cases the maximum lift is reached
at the angle of attack where the vortex bursts at the wing
trailing edge. Since the center of pressure of the wing
moves downstream with increasing Mach number, the
pitching moment is more negative (nose down) for larger

values of the free stream Mach number. The ¢ = 70° wing
shows not only changes on pitching moment, but also the

ion of ex tin,
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lift slope is larger for the higher Mach number. The maxi-
mum lift coefficients are similar for both Mach numbers
but it is produced at a lower value of the angle of attack for
the higher free stream Mach. However, the onset of the
vortex breakdown at the wing trailing edge is not influ-
enced by the change in free stream Mach number. Finally,
the wing with ¢ = 60° exhibits the largest Mach number ef-
fects. For low and medium angles of attack the lift slope in-
creases as the Mach number increases. The onset of the
vortex breakdown at the trailing edge take place at approx-
imately the same angle of attack for both free stream Mach

numbers (x = 15°) , but the aerodynamic behavior at larger
angles is totally different. On the one hand, for the low
Mach number case the lift continues to increase at the same
rate and later decays smoothly. Maximum lift for M= 0.4
is reached once the leading edge vortex is totally bursted
above the wing (see the iso-Cp of Fig.3). On the other
hand, for the high Mach number the lift slope shows first a
sudden drop followed by a flat recovery. This behavior for
the M,,= 0.8 case is due to the fast upstream shift of the
vortex bursting location with increasing angle of attack, as
is shown in Fig.4. This faster upstream progression of the

breakdown for the wing ¢ = 60° produces a large loss of
vortex lift. Since this phenomenon starts at a relative small
incidence, the loss of vortex lift can not be compensated by
the pressure increase along the lower surface of the wing.

As the angle of attack increases, the loss of lift on the lee
side of the wing becomes partially. compensated by a gain
of lift from the windward side, producing a flat recovery of
the lift curve. The induced drag and pitching moment
curves show a similar behavior.

3.2 Shock-vortex interaction

Figure 5 shows iso-Cp lines for the ¢ = 60° wing at M=
0.8 and angles of attack where the slope of the lift curve
experiences the major changes. Also the figure shows some
streamlines with the corresponding values of the local
Mach numbers to recognize possible occurrence of shock
waves. Supersonic and subsonic flow areas are distin-
guished by means of white and grey colors, respectively.

At « = 14° (short before the begining of the vortex break-
down at the wing trailing edge), the flow underneath the
leading edge vortex is fully supersonic and also there is a
small sonic area close to the symmetry plane. There are no
terminating or rear shocks above the wing, but a small
strong cross-flow shock is developed close to the wing
trailing edge. At higher angles of attack this cross-flow
shock moves upstream together with the point of the vortex
bursting. Downstream of the vortex bursting the flow re-
mains supersonic but it is oriented towards the wing trail-
ing edge and hence, there a terminating shock compresses
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the flow to the free stream pressure. The upstream shifting
of the vortex breakdown together with the cross-flow shock
continues as the angle of attack increases. While the termi-
nating shock appears after the breakdown of the vortex, the
role of the cross-flow shock on the onset of the vortex
breakdown and its upstream shifting is not clear. To clarify
this aspect, Fig.6, 7 and 8 display a similar analysis for the
wing with ¢ = 70°. The onset of vortex breakdown at the
wing trailing edge for 0.4 s M,, <0.8 begins at approxi-

mately the same angle of attack (= = 25°) but the upstream
shifting of the vortex bursting is faster for free stream
Mach numbers larger than 0.4 (see Fig.6). In Fig.7 the

o =20

Fig.5 Vortex Bursting - Wing ¢ = 60°
Effect of the Mach number on the bursting progression
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pressure fields for M= 0.6 indicate that the flow close to

the wing trailing edge is fully subsonic for the angle of at-
tack for the onset of vortex bursting at wing trailing edge

(= « 25°) . Moreover, only a weak cross- flow shock is
present in the field at x/c = 0.5 , underneath the leading
edge vortex. By increasing the angle of attack the vortex
breakdown shifts upstream as does the cross-flow shock.
Close to the wing trailing edge the flow remains subsonic.
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Fig.8

Supersonic flow at the wing surface is only observed un-
demeath the vortex core and also downstream the location
of vortex breakdown. Finally, Fig.8 shows the correspond-

ing solutions for M= 0.8 . For = = 10° the flow under-
neath the leading edge vortex is already supersonic. At « =

20° the supersonic region extends towards the symmetry
plane. Furthermore, a strong cross-flow shock develops un-
derneath the primary vortex. At the initiation of the burst-
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ing process the flow above the wing is almost fully super-
sonic. A strong cross-flow shock lies underneath the lead-
ing edge vortex and extends up to the station x/c = 0.3 .
Once the location of vortex breakdown passes the trailing
edge in direction to the wing apex (« > 25°), a terminating
shock develops at the trailing edge of the wing. Although
the cross-flow shock for M= 0.8 is stronger than the cor-
responding shock for the M= 0.6 case, the upstream pro-
gression of the vortex bursting is faster for M= 0.6 than
for the M= 0.8 case (see Fig.6). Figure 9 shows flow char-

acteristics for the wing ¢ = 70° at < = 20°, for the cross-
wise plane € = 0.6 and for different Mach numbers. The
iso-lines of the local Mach number (Fig.9-a) indicate the
flow inside the vortex core reaches values almost two times
larger than the free stream Mach number. The core flow is
already supersonic for M > 0.5 . As the free stream Mach
number increases, the region of high-speed core flow
grows from the vortex core in radial direction inducing su-
personic flow also near the symmetry plane. It turns out
that the flow on the upper surface of the wing is mainly ori-
ented in crosswise direction towards the leading edge of
the wing. Only close to the symmetry plane remains a
small area with streamwise directed flow, where terminat-
ing shocks may develop (see also Fig.8). However, in the
present investigation occurence of terminating shocks was
observed always after vortex breakdown.

3.3 Core flow effects on near field wing

Close to the vortex axis Fig.9-a shows that there are two
relative maximums of local Mach of about the same mag-
nitude, one above the vortex axis and one below close to
the wing surface. Considering a local Mach number de-
fined only with the spanwise component of the velocity
(Fig.9-b), here denoted as M, the iso-Mach lines still
exhibit two relative maximum but now of different magni-
tude. Above the vortex axis, M, is of the same order of
M, and hence it is a factor two smaller than the corre-

sponding local Mach number at this location. Below the
vortex axis M 1S of the same order of the local Mach
number. The flow between the vortex axis and the wing
surface may be considered similar to a convergent-diver-
gent channel flow where the subsonic core flow accelerates
to supersonic speed. Hence a cross-flow shock forms un-
derneath the vortex axis already for relative low free
stream Mach numbers. Figure 10 shows the Cp and M,
distribution along generic wall stream lines which cross
over the wing station € = 0.6 at the position of the maxi-
mum suction peak of pressure for different free stream
Mach numbers. Close to the wing apex the flow is oriented
in streamwise direction only. There, the largest suction
pressure corresponds to the lowest free stream Mach num-
ber. As the streamline is going into the channel, the span-
wise component of the Mach mumber M, increases. For
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larger values of the free stream Mach number is M, su-
personic inside the channel. Hence a cross-flow shock de-
velops to compress the supersonic flow to subsonic at the
exit of the channel. The location of this cross-flow shock is
slightly outboard of the vortex axis. Corresponding with
this Mach number behavior, the suction pressure shortly
before the entrance of the channel increases but once the
flow becomes supersonic, the suction pressure reduces.
This effect is also observable during experiments?. Fig-
ure 11 shows the types of flow experimentally found on
sharp leading edged delta wings®®) and the boundaries be-
tween them, displayed in a plane of My and o, where My
is the Mach number component normal to the wing leading
edge defined as My= M(1- sinzq; 0052«)0'5. The present
investigation shows that cross-flow shocks already develop
for My= 0.4. This new location found for the boundary for
the ocurrence of embeded shocks beneath vortices is
shaded on Fig.11 in gray. The experimental works reported

in®* are in agreement with this new boundary.

3.4_Wing effects on near fi fi
Figure 12 shows flow pictures of lines of constant veloci-
ties for the wing ¢ = 70° for = = 20° and two Mach num-

bers M, = 0.1 and 0.8. They are referred to a coordinate
system oriented with the vortex axis, and plotted in a plane
perpendicular to the vortex axis, which cross the point & =
0.6 at the symmetry plane of the wing. In this coordinate
system, u is the component of the velocity along the vortex
axis (axial velocity), v is the component of the velocity in
transversal direction and w is the component of the veloc-
ity normal to the vortex axis. At the vortex axis the axial
velocity exhibits a maximum, while the other two compo-
nents vanish. However the flow motion is not rotationally
symmetric also in this reference system aligned with the
vortex axis. Comparing the magnitude of the normal com-
ponent with the magnitude of the transversal component of
the velocity, it comes out that the maximum values of the v
component of the flow motion are almost two times larger
than the maximum values of the w component due to the
channel formed between the vortex core and the wing sur-

face. As proposed by Batchelor®®, the link between the
swirl velocity and the axial velocity components of the mo-
tion is provided basically by the pressure. The radial pres-
sure gradient balances the centrifugal force and any change
in the swirl velocity, with distance downstream along the
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Fig.11 Flow boundaries for sharp edged delta wings®®

vortex axis produces an axial pressure gradient and conse-
quently a change on the axial velocity. For inviscid rota-
tional symmetric flows this mechanism of velocity transfer
between swirl and axial components leads to a maximum
of total velocity at the vortex axis. However, due to the lack
of rotational symmetry in case where a solid wall is close
to the vortex core, the total velocity of the flow motion ex
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hibits a relative minimum at the vortex axis. Relative max-
imums of the total velocity are above and below the vortex
axis. This deficit of the total velocity at the vortex axis is

also observed in expelinlems(25). While in real viscous
flow the viscosity carried by the shear layer is another
source which enlarges this effect, in the inviscid numerical
simulation the discretization error may also enlarge this

deficit on velocity, as was already shown in'9, The

present simulations exhibit approximately a 15% deficit on
total velocity at the vortex axis, which is more or less free

stream Mach number independent. . The kinematic condi-
tions necessary for a rotationally symmetric flow motion is
a zero radial component of the velocity (V; =0) . This im-

plies that a flow picture for the iso-velocity lines v+

wz)”2 should by concentric circles with the vortex axis at
the center. However, Fig.12 reveals that the inviscid vor-
tex flow motion of a delta wing is not free of radial veloci-
ties. On the contrary, within the vortex core there are strong
radial velocities, which are source of vorticity production

as was already shown in?®. In Fig.13 are shown lines of
constant vorticity within the vortex core. They are referred
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total vorticity

Fig 13 Vorticity and total pressure loss - Wing ¢ = 70°
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to the same coordinate system used for the iso-velocity
lines of Fig.12, i.e. a coordinate system oriented with the
vortex axis and as like as for Fig.12, they are plotted in a
plane perpendicular to the vortex axis which cross the point
€ = 0.6 a the symmetry plane of the wing, Figure 13 shows
that the main source of vorticity production in the field is
the leading edge of the wing. There the magnitude of the
vorticity is about 27 times larger than at the vortex axis. At
the vortex core the axial component of the vorticity is al-
most the total amount of vorticity generated within the
core. The other two components are almost five times
smaller and they act only at the outer boundary of the vor-
tex core. Recalling the definition of the axial vorticity com-
ponent y,, where y,= dv/dz - dw/dy, it turns out that only in
case that dv/dz = ow/dy there may be a rotationally sym-
metric vortex flow motion. For the inviscid vortex flow
above a delta wing is dv/0z about five times larger than ow/
dy . The presence of the wing surface on the near field of
the vortex core leads to an acceleration of the vortical flow
motion in crosswise direction which introduces strong ra-
dial velocities. The vortex core deforms under the action of
the resulting different centrifugal forces acting at top and
bottom. The resulting vortex core shape is rather flat. Re-
garding that vorticity is simple twice the angular velocity,
an aditional and dominant source of vorticity is intro-
duced within the compressible core flow (the first one is the
vorticity feeding from the leading edge), via a fully invis-
cid mechanim, i.e. without to appeal to any kind of vis-
cous forces -real or numeric-. According to Crocco’s theo-
rem in 3-D rotational flows positive entropy gradients VS

are generated each time the vorticity vector €2 is not
aligned with the velocity vector V, i.e. VS = QxV . Further-
more, for calorically perfect gas these entropy changes are
equal to the losses of total pressure experienced by the gas.
Figure 13 shows that within the inviscid vortex core the
vorticity vector is tangent to the vortex axis while accord-
ing to Fig.12 the velocity vector has a resulting direction
towards the wing surface. This misalignment of both vec-
tors leads to entropy production as one can observe from
the contours of total pressure loss given in Fig.13-c. The
analysis of the components of the cross product QxV
(Fig.14) shows that the dominant term is y,.v , i.e. the axial
vorticity y, times the spanwise component of the velocity

v. Also, it turns out that the observed deficits on the axial
velocity have only a small contribution to the losses of total
pressure found within the vortex core. While the above de-
scribed inviscid mechanism of entropy production is also
present on real flow, the distribution of velocities within a
viscous core and within an inviscid one should not neces-
sarily match. The shear layer of a viscous flow carries addi-
tional losses of total pressure. Nevertheless, correlations
between numerical and experimental maximum values of

total pressure have shown good agreementm’(m) at the vor-
tex axis. Finally, Fig.15 shows values of density p and total
pressure loss Cp; computed at the vortex core. It comes out
that the core flow is compressible even for low free stream
Mach numbers. However, significant quantitative losses of
total pressure occurs for free stream Mach numbers M,

>0.2.

W .’\{y \'} .\{x
vortex core
boundary

u.y,

A=2) ——
V.
YZ vortex core
bou;dary
AL
\ 4

P

Fig.14 Components of the cross product QxV
(@) My =0.1-(B)M, =08

798



10
ool Wing ¢=70"- o= 20’
0.8
0.7
06
05 d
0.4
0.3
0.2 —

o1F

—

420

310

~ 100
Je0
- 80
37
— 60
150
440

30

cort PR EPRRTTUE NPT P B |
A 0.2

0.0
0

Fig.15 Density and losses of total pressure at vortex axis

4. _Conclusions
The inviscid compressible leading edge vortex flow of a
sharp edge delta wing was studied by means of the numeri-
cal solution of the Euler equations. Solutions were ob-
tained for three delta wings with sweep leading edge angles
of ¢ =60°, 70° and 76°, for free stream Mach numbers 0.1
sM,s0.8 and for angles of attack up to vortex breakdown.

The present investigation have shown that:

. The onset of vortex breakdown at the trailing edge
of the wing is only weakly influenced by the free
stream Mach number for the present Mach number
range (M,s0.8 ) wich is in agreement with recent
experimental observations®”).

. The upstream progression of the vortex bursting
with incidence is faster for supersonic than subsonic
core flows, even for flows free of shock waves.

. The fast upstream shifting of the vortex breakdown
is reponsable of the strong degradation of the aero-
dynamics performances of a delta wing in tran-
sonic flow.

. Terminating or rear shocks develops after vortex
bursting,

. A convergent-divergent channel is formed between
the wing surface and the vortex axis which acceler-
ates the subsonic flow to supersonic speeds. Cross-
flow shocks may be formed within the channel
already for free stream Mach numbers with a nor-
mal component to the wing leading edge My= 0.4 .

. As the velocity in the channel becomes supersonic,
the induced suction peak of pressure on the wing

surface underneath the leading edge vortex is
reduced.

. The channel introduces strong radial velocities
within the vortex core which leads to a non-uniform
distribution of total velocity inside the vortex core.

. The vortex core deforms and has a rather flat shape
due to the different magnitude of the centrifugal
forces acting on top and bottom of the core.

. The core deformation is the main source of vorticity
production within the vortex core.

. The missaligment between vorticity and velocity
vectors leads to entropy gradients which are the
main source of the losses of total pressure found
within a core flow of a leading edge vortex of a
delta wing.
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