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CONTROL LAW SYNTHESIS AND WIND TUNNEL TEST OF GUST LOAD ALLEVIATION
FOR A TRANSPORT-TYPE AIRCRAFT
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Abstract

In this paper, a systematic control law syn-
thesis method for active control of an aercelastic
aircraft and dynamic wind tunnel test results
using an active model-suspension system are de-
scribed, A scaled model of a transport-type air-
craft, which has a flexible wing with aeroslastic
similarity, was designed and constructed. The math
model was derived in the state space form based on
finite element structural analysis coupled with
boundary element aerodynamic analysis. Practical
low order control laws for gust load alleviation
were synthesized by applying the LQG optimal
control Taw synthesis method with the order reduc-
tion procedure. The control law thus obtained was
implemented in the digital computer and tested in
the 6.5m X 5.5m low speed wind tunnel at the
National Aerospace Laboratory. Using a newly de~
veloped active model-suspension system, the model
was supported so as to give freedom of heaving and
pitching motions. The test verified that the opti-
mal reduced order control Taw could effectively
suppress the rigid-body motion contribution, as
well as the flexible wing contribution, to the
wing bending moment.

1. Introduction

Active control technology of aircraft, es-
pecially for aercelastic system oriented, is one
of the most promising technologies for bringing
about a new era of fully integrated vehicles. Ever
since the pioneering manuscript written by
Bisplinghoff et al predicted the possibility of
actively controlling flutter,! research efforts on
this active aeroelastic control have been carried
out over a wide range, from basic researche on
active flutter suppression to practical
developments on gust response reduction. Owing to
the intensive theoretical research activities
carried out by many researchers ever since, the
method of state space math modeling and synthesis
of an optimal full~-state full-order output control
Taw based on this method are well developed. We
can now estimate to what extent a certain
aeroelastic system can be improved by an optimal
feedback control. Before this optimal feedback
control into practical use, however, research must
be conducted on methods to get practical, Tow
order control laws which can easily be implemented
in an onboard computer.

In the area of experimental investigation in
wind tunnel tests, there have been also steady
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efforts all over the world. To name a few, the
research activity® of NASA Langley RC in its Tran-
sonic Dynamic Tunnel is one of the most profound
of all, and the intensive research, named GARTEur
project, executed by E%fopean countries, is also 2
fruitful activity.3' Among these continuous
research activi%fq have been our own inves—
tigations.(Fig.1)°7'¢ Previous wind tunnel studies
show that our methods of synthesis are usefuyl in
designing an active aercelastic control system,
specifically gu%;?&oad alleviation for high

aspect-ratio wing and active flutte% ﬁqntro1
of both a single-use control surface®’ and
ma?ti—use]ffrﬁeading~ and trailing-edge control

surfaces.

We have extended our verification study to a
complete aircraft model, utilizing the wing used
in the previous test as 1its right wing. To this
aircraft model, the LG optimal control law
synthesis method ¥2s applied. Hyland's order
reduction procedure'® was further carried out to
cbtain practical low order control laws.

The control law thus obtained was tested in
the 6.5m' ¥ 5.5m low speed wind tunnel at the
National Aerospace Laboratory. This paper
describes these analytical and experimental
resulits, :

2. Aircraft Model Construction

A scaled aircraft model for wind tunnel test
was constructed. Since the objective of the
present research is focused on the effect of the
body freedom motion to gust load alleviation due
mainly to the wing flexibility, it was decided to
construct a model with rigid body and flexible
wing. The wing used in the previous serial
experiment was adopted as the right wing of the
model. The three way view of the model is shown in
Fig.2 and the principal dimensions of the model
are described in Table 1. Fig. 3 shows the model
aircraft in the wind tunnel test section
executing the gust Toad alleviation experiment.
The medel wing has aercelastic similarity to a
certain futuyre transport aircraft. It has an alu-
minium alloy spar simulating stiffness character-
istics. A total of 15 wing segments of NACAQ012
section are attached to it for each wing. More
details of the wing configuration can be found in
Ref, 12. Accelerometers are installed at the right
and left wing spars towards the inboard side of
the trailing-edge control surfaces (designated as
AR and AL in Fig. 2). The strain gages for measur-
ing bending(E3, E4) and torsional (ET, E2)
deformation are also placed on a wing spar. The
right and left ailerons are driven separately by
an electric DC servo-motor through a gear train.
In order to measure the rigid body motion, accel-



erometers are attached fore and aft of the model
body (AF, AA). The elevator is driven through a
wire cable by a stepping motor placed on the aft
body stringer.

The acceleration signals and/or bending
strain signals are charged to an analogue or
digital computer which is installed outside the
wind tunnel test section. The computer implements
a control law which generates driving feedback
signals to the actuators so that the control
system may alleviate the wing root bending moment.

3. Mathematical Modeling

-

3.1 Fundamental Equations

In order to synthesize control laws by appl-
ying the optimal control theory for a lumped para-
meter system, a mathematical model of an aircraft
in the form of state space should be derived. The
math medel of the present aircraft model is
derived by the same procedure as for our canti-
levered wing model. We derive the math model by
the modal approach for structural dynamics and by
the finite dimensional approximation for unsteady
aerodynamics. We describe it here briefly,
emphasizing the specific feature to the complete
aircraft model. For more details of the procedure
for dealing with the wing flexibility, the reader
should refer to Refs.7 or 9.

For the aircraft model with flexible wing,
the equation of the motion may comprise the rigid
body motion, the flexible wing vibration and the
control surface actuator dynamics. Neglecting the
inertial coupling terms of the wing and the
control surfaces for rigid-body motion, the
equations for longitudinal symmetrical motion can
be written as,

For rigid-body heaving motion :
mh = Lua + Lgo + qu
+

{1a)

]

I 122

1 T{Lq‘.q,i + L&iqi} + Laag + Lgafy + L5e6

For rigid-body pitching motion :

IyB ; Mg + Mea + qu
+i§?{Mqiq1 + M&iqi} + Myeg + Mga8, + Mso8e (1b)

where m and I are the mass and the moment of
inertia of thd model, respectively. ¢ = 6 — h/uy
is angle of attack, q is pitch rate, and qi‘s ara
the generalized coordinates for wing elastic

modes. ag is. gust incident, &, aileron deflection,
8, elevdtor. Lq's and M,'s are quasi-steady

aerodynamic coefticients.

The equation of
expressed as :

the wing vibration can be

1. 2z4 . ..
ity a4 5530, F sei8e = Ti(t) (o)
w§ w3

Pi= 1,eeeN

where the 4th and 5th terms on the left hand side
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of Eq.(lc) present the inertial coupling effects.
The generalized aerodynamic forces on the right
hand side of Eq.{(l1c) can be expressed in the same
manner as in the cantilevered wing with the
aercdynamic lag terms :

b b
£ (t) = () 2Aoqt (=) AjarAgarz

UO UO
(E__)i = Fz + Gg, z = RN (2)
g

where q = (a7 gy *** g7, F = diagl-}, =+, =2}

With this expression incorporated into
Eq.(1c) and taking account of the system noise

w(t), we obtain the standard formulation of the
state equation of motion. The equations for
controel surface actuating systems can be
expressed by 2nd order dynamic systems as,
. 2C5m °
ajwéﬁm + 8y + S =G8gp 3 M= a,e {(1d)
Wam Wsm

In Eq.(1b), écm's are control surface command; m=a
for an aileron and m=e for an elevator. As for the
elevator, eq.(1d} presents the rate limiting
circuit which is placed prior to the stepping
motor in order not to be disordered due to
unintentional jump in the command signal.

The final state form of equation can thus be
summarized by Egs.(1a).{1b),(1c) and (1d) as,

x = Ax(t) + Bu(t) + w(t) (3)
where x=(ﬁ,é,&,h,8,q,z)T, u=(6ca.dce)T.
As we have two sets of sensors, one for

acceleration a and the cther for strain g, we can
derive the output equation expressing it with the
state and control variables in Eq.{(3). The
standard form of output equation can be expressed
with measurement noise v(t) taking part, as

y = Cx(t) + Du(t) + v(t) (4)

where y = (a.eB)T.

3.2 Data Acquisition for Math Model

In order to determine the coefficients in
Egs.(3) and (4), we have carried out two sets of
tests: ground vibration tests for structural
dynamics and wind tunnel tests for aerodynamics.
Supplementally, we have measured the acceleration
response of the wing due to the aileron random
excitation.

Ground Vibration Test and FEM Analysis. Table
2 summarizes the results obtained by the series of
ground vibration tests; symmetrical and anti-~
symmetrical gxcitation, swept-sine and random
excitation. ® We tan identify a total of seven
modes, symmetrical and anti-symmetrical, over the
frequency range of interest up to 20 Hz, Fig.4
shows some typical test results of the Tst and 2nd
bending modes. The aileron excitation results are
shown 1in Fig.6. We can observe in Table 2 and




Fig.6 that the torsional modes lack in symmetry.

The lower frequency mode is dominated by left wing

deflection, while the higher frequency mode is

dominated by right wing deflection. Since the
right wing had experienced flutter so many times

during the previous flutter control tests, there

might be a slight difference in the stiffness char-
acteristics between the two wings. We have derived

the symmetrical mathematical model from these non—

symmetrical modeis as will be stated later.

We cgnducted FEM analysis for this model
aircraft. ' The analysis results are also shown in
Table 2, Fig.4 and Fig.5. These results show good
agreement between the test and analysis. Using
these results, we constructed the structural math
model with natural frequencies from test data and
mode shapes from the FEM analysis.

Wind Tunnel Tests and Static Aerocelastic
Analysis. In order to offer the guasi-static data
and confirm the equilibrium trimmed conditjgn, we
executed a static wind tunnel. test’'’ and
computational aeroelastic analysis.'’ Fig.7 shows
the results of the test. Because of the
flexibility of the wing. we obtained different
aerodynamic coefficients according to the wind
velocity; smaller CL values were obtained for
higher velocities.

For executing static aeroelastic analysis., we
combined the aerodynamic computer cord of the
boundary element method with the structural
analysis cord of the finite element method. We
used iteratively these two sets of algorithms to
reach the final results. The model aircraft was
assembled from the six subcomponents shown in
Fig.8(a) in order to apply the aerodynamic cord.
The wireframe of the model for computation is
shown in Fig.8(b). By taking the wing flexibility
into account , we can more precisely predict the
test results than through rigid body analysis.
Fig.9 presents some typical pressure distributions
obtained by this static aerocelastic analysis. In
Table 3 are shown 1ift curve slope values obtained
by the test and the analysis.

3.3 Mathematical Model Construction

Taking these preceding test results inte the
fundamental equations stated previously, we obtain
the mathematical model. We derived two different
kinds of math model; one is a more sophisticated
model which can predict test results better than
the other model. This model is to be used as the
basis to evaluate the control Tlaws obtained prior
to the experiment. The other model is symmetrical
and of lower order one and is to be used as the
controlled plant for designing the control 1law.
The former is of order 24. It incorporates two
degrees of rigid body motion, five degrees of wing
elastic vibration, two sets of actuator dynamics
and a gust generating filter. It also incorporates
the five augmented state variables representing
the aerodynamic lag effect for each elastic mode.

Since we are to treat longitudinal motion and
vibration, we have to construct a symmetrical
structural model. At this stage we have a problem
of how to get a symmetrical mathematical
structural model from GVT data which is not
strictly symmetrical. We have carried out root
locus analysis using the 24th order model just
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ohtained and examined whether it can appropriately
predict aercejastic instability characteristics,
Fig.10(a) shows the analytical results where the
left wing torsion mode goes into an unstable
state. We decided to take the left wing torsional
stiffness symmetrized to the right wing so as to
obtain the symmetrical math model. We have the
symmetrical math model of the least order of 18
necessary to predict aercelastic instability. In
Fig.10(b) is shown the velocity root locus of this
symmetrized model which can predict aeroelastic
instability with good agreement to the 24th order
modeT.

4. Control Law Synthesis

4.1 Optimal Contrel Design

Now that we have obtained the math model, we
can apply the LQG control theory and obtain the
optimal control laws. The synthesis procedure is
illustrated in Fig. 11. Since the present purpose
of our gust load alleviation study is to examine
the effect of the rigid body motion on the
reduction of the the wing root bhending moment, we
choose the elastic energy incorperated in the
nominal cost function. For the purpese of compari-
son, we also choose the different set of the
performance index which includes the dynamic
energy of the rigid-body motion. The cost function
can be uniformly defined for both cases using
kinetic energy plus control cost as follows.

luTRu }

e LT
J = Elx'x + 5

(5)

Since the velocity root locus predicts that
aeroelastic instability will occur at just above
30 m/s, we set the design speed at 25 m/s.

Full-state perfect measurement control. The
first step of the synthesis procedure is to design
the full-state perfect measurement feedback
control law by fixing the weights in the cost

function, With the weights as a parameter, we
solve the following matrix Riccati equation.
APT, + oA - PBRTBTR, + Q=0 (6)

Feedback control of an optimal regulator can be
expressed with the solution to this equation as

(7

We can thus obtain an energy diagram as a
function of aileron and elevator deflections in
rms value with control weights as parameters,
Figs.12 shows this energy diagram as a bird's-eye
view. Note that elevator axis is double the
aileron axis. Fig.12(a) shows the elastic
component versus the total energy where the cost
function includes the dynamic energy of the
rigid-body motion. The Figure shows that the
rigid-body component of the total energy, shown as
the upper portion, is little affected by either
control surface. The effect of inclusion of the
rigid-body motion energy in the cost function is
shown in Fig. 12({(b). Since it is more effective to
evaluate the elastic energy than to include the
rigid-body contribution, the cost function is
set to exclusively comprise the elastic

N
K, = R'BTP,



energy. As can be seen in the Figure, the system
energy increases as we try to save control cost.
We, therefore, have to trade off control cost and
energy. We set the design weights as (20, 20) as
shown in Fig. 12(b), where we have enocugh
alleviation of the elastic energy reserving the
margin of the degradation of the control
effectiveness throughout the control design
procedure.

Fig.12(c) shows the dominant contribution of
the 1st bending moment to total energy reduction.
This situation is the same as for the cantilevered
wing.

Full-order output controller., Since we can
approach the state of the controlled plant only
through the sensor output, we have to estimate the
state variables from these outputs. An output con-
troller with a state estimator has to be synthe-
sized. We choose the two sets of the sensor
output. One is the acceleration and the other is
the acceleration plus the bending strain. To
design the LQG observer, the system noise level
and the measurement noise level are needed.  The
measurement noise levels are set to 0.5 m[sec2 in
rms value for acceleration and 1.0 Nm rms for
bending strain. As for system noise, 0.25 deg rms
of the control surface deflection is introduced.
With these numerical values, we can solve another
matrix Riccati equation of the form:

AP, + PoAT - P,CTVICP, + W = 0 (8)
and the Kalman estimator can be obtained as
Ky = PpCTy! (9

The order of the control laws thus obtained is 18
which is the same as the plant math model,

The estimation of the state degrades the
control performance at some degree. As shown in
Table 4, in case of the acceleration feedback,
44,77 reduction of the elastic energy for full
state feedback is degraded to 41.77, while
inclusion of the bending strain signal improves
the value to 42.6%.

4.2 Reduced Qrder Qutput Controller

Since a full order controller of 18th order
is still too high to be implemented in a computer
in a real time sense, order reduction is necessa-
ry. We cannot incorporate an excessively high
order control law in the computer, while there
might be some state variables in the control Jaw
which make a lesser contribution to the contrel
performance.

As order r%iuction procedure we here adopt
Hyland's method,'™ For acceleration feedback, the
original 18th order filter is eventually reduced
to 2nd order, while for acceleration plus bending
strain, we can cbtain a final order of five. These
Tow order filters can easily be implemented by an
analogue computer in experiments. As for the
previous study of flutter control for the
cantilevered wing by leading edge and trailing
edge control surfaces, the original 16th full
order controller could not be reduced tc more than
the 6th order. We have succeeded in order
reduction as low as the 2nd order probably because
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the coupling of the two control surfaces is not so
close as for flutter control.

In Fig. 13 is shown the energy level trend
vs, the reduced order. Table 4 summarizes the
control performance for these optimal reduced
order controllers. As can be seen in this Figure
and Table, though order reduction degrades the
control performance to some extent, these values
still fulfill the specified design objective.

5.Wind Tunnel Test

In order to verify the effectiveness of the
control law, we conducted a wind tunnel test.
Fig.14 and the picture in Fig.15 show the testing
set-up of the gust locad alleviation experiment
carried out in the 6.5m X 5.5m low speed wind
tunnel of the National Aerospace Laboratory.

Active Suspensipn System. As the textbook
of Bisplinghoff et al' points out, there are some
difficulties in conducting a dynamic simulation
test in a wind tunnel which satisfies both
aercelastic and dynamic similarity. For a model
which already meets the aercelastic similarity
requirement, the model Tift is insufficient to
support its weight in a low speed test. In the
high speed test, the situation is reversed. Our
model 4is no exception. We need some device for
yielding constant supporting force in spite of the
model motion so that the model can fly
unrestrained in the tunnel.

We have developed a supporting system which
can meet these reguivements. A picture of the
system is shown in Fig.16. The model is supported
by and can move along the vertical rod., It also
has pitch freedom. The vertical force is supplied
by the two supporting wire cables, whose tension
is kept constant, controlled by the torque motor
attached to the wind tunnel test section. The
system can exert an arbitrarily adjusted
supporting force so that we can execute dynamic
wind tunnel tests at various trimmed speed
conditions, This system can also exert restoring
force and damping force, the amount of which can
be set appropriately according to the test
conditions, The system can also prevent excessive
vertical velocity of the model so that it will be
damaged. The essential part of the system dynamic
compensator is depicted in Fig.17 and the
frequency response of the system is shown in
Fig.18. It can be seen in Fig.18 that the
disturbing force to the system is well damped
through a wide range of lower frequencies,

Control Law Implementation. The control laws
which we installed in the tests are 2nd and 4th
order control laws for acceleration feedback, 5th
order control law for acceleration plus bending
strain feedback. These optimal reduced order
controllers were implemented in a digital compu-
ter.

For the purpose of comparison, a Ist order
filter was also implemented in the test. This
control law was prepared to produce the damping
force to the wing vibration, especially effective
to its 1st bending mode. Its cut-off frequency
Ties at a very low value of 0.1 Hz so that it is
expected to act as damping for almost every
frequency range of interest. This control law was



implemented in an analog computer,

Experimental results are summarized in Table
5 and Fig.19 where these two different control
laws are compared. In frequency ranges above 1 Hz,
where the rigid-body motion is excluded, the 7ist
order damping control works as expected. For the
full frequency range, however, its total perform-
ance is peor due to the large negative effect in
the freguency range of the rigid-body motion. On
the other hand, the optimal reduced order
controller can work as well over the whole range
as in the elastic mode range. These results
confirm that the LOG control synthesis procedure
with an order reduction method is also very useful
for active aeroelastic control.

6. Conclusions

A new wind tunnel testing technique using an
active suspension system has been developed for
gust Toad alleviation experiments. Throughout the
speed regimes, this technique makes it sasy to
meet requirements not only for aercelastic simi-
larity but rigid body motion similarity as well.

This active suspension system is used in a
gust load alleviation experiment for a transport-
type aircraft model. The system can supply a
constant supporting force to the model regardless
of its motion where the 1ift in its designed trim
condition is not sufficient to support the model
weight,

Practical Tow order control laws for gust
load alleviation were synthesized by applying the
LOG optimal control theory with an order reduction
procedure and were verified effective in wind
tunnel tests,
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Ey 38.83 Kgm Taper Ratio 0.3

Elastic Axis 407 Wing Chord

Table 2 Elastic Modes of ACT Aircrafi Model

Static Aeroelastic Analysis Wind Tunnel Test

Rigid-Body Bending B/Torsion B/Torsion
2

5 m/s 20 m/s 25 m/s 25 m/s

5.78 4,66 4.96 4.69 4.86
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Table 4 Elastic Energy Reduction
Estimated with Optimal Control

Flexible Modes

GVT Results FEM Analysis

1st ¥ing Bending 2. 28 2. 20
st ¥ing Bending(hnti) 2.58 2. 60
Znd ¥ing Bending 7. 44 8. 68
Znd ¥ing Bending{int!} 7. 84 8. 88
Lett Wing Torsion 11. BO 11. 50
Right ¥ing Torsion 18. 80 18,30
3rd Wing Bending 14. B0 16. 98

Table 5 Experimental Resuits of GLA,
Gust Response Reduction Ratio

20u/s 25u/s

Gontrol La¥ o oy  1~20Hz  O~20Hz  1~20Mz

Table 3 Test and Analysis Resylts of Lift-Curve Slope g B 155 0848 2.621 0.566
hoo? 0.951 0.878 0.952 0.600
Uncon-  Full Accel. Feedback Accel. $ Bending
troiled State RA® Bl G.721 1.018 1.028 6,758
Aircraft Feedback Full 4th 2nd Full 5th ) hce 1.304 1.182 0.681 0.638
Order Order Order Order Order
T lastie a Al © Wing Deflection Rate Feedback {Ist order)
Energy, N 1.209 0,681 0,705 0.790 0.845 0.695 0,756 b RAl : Optimal Reduced Order Conirol
Reduetion (2nd order, design velociiy = 25u/s)
Ratio 1.000 0.563 0.583 0.653 0.6599 0.574 0.626 ¢ BY © Bending Homent Reduction Retio

d hco - Acceleration Reduction Ratio
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Fig.2 Three-View Drawing of ACT Model.
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Fig.5 Higher Elastic Modes and Its Symmetrization.
Fig.4 Typical Results of GVT and FEM Analysis.
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Fig.11 Control Law Synthesis Procedure
Active Aeroelastic Control.
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Fig.19 Experimental Results of Gust Load Alleviation.

407



