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Abstract

The development of the vortex flow that occurs
at the rounded leading edge of the 60° swept rec-
tangular AFV-D wing has been investigated in a
wide range of Mach numbers and angles of attack.
The important amount of experimental results cons=-
titutes a helpful data base for checking advanced
computational metnods. — At low speeds, the five
hole probe surveys give a precise description of
the three-dimensional structure of the vortex
flow, and, in particular, shows a gradual loss of
total pressure in the non~bursted vortex flow.
Rehbach's vorticity particles method successfully
predicts the mean features of the vortex flow :
rolling—up, center line location and velocity field,
The present modelling of the vortex shedding pro—
cess should nevertheless be improved in order to
get a better evaluation of the vortex lift. — At
transonic velocities, inviscid computations were
performed with an Euler code. The wing is ended
by a rounded wing tip around which a C-0
type grid is built. These first computations seem
to show the ability of the method to compute
vortex structures, with separation starting from
a smooth surface, i.e. here at the leading edge
and at the wing tip.
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M : Mach number

P static pressure

q dynamic pressure

pt total pressure

Cp static pressure coefficient
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Cpt total presiuﬁf coefficient
M

Rey : streamwiseqkeynolds number

4 : angle of attack

@ : wing sweep angle

w ¢ vorticity vector

Subscript

o : freestream

® Research Engineer, Applied Aerodynamics
*  Research Scientist, Theoretical Aerodynamics
XXX

SeniorResearch Engineer, Applied Aerodynamics

Copyright © 1984 by ICAS and ATAA. All rights reserved.

I. Introduction

For several years intensive efforts have

been devoted in manylcauntries to high-angle-of-
attack aerodynamics ~’"., This trend is strongly
related to demands of performance and manoeuvra-
bility on modern fighter-aircrafts and missiles,
which exhibit various types of vortical flow at
high angle of attack. As far as slender wings are
concerned, the main topics of interest are the
improvement of knowledge of leading edge vortex
flows and also the development of prediction
methods for design purposes. On the one hand in-
deed recent experimental studies have been
concerned with flow field surveys in order to
investigate such problem§ #s vortex structures,
stability and breakdown ~’ . On the other hand
gagel methods including various vortex modelling

>" and more recently Euler methods7,8 have been
used to predict such types of flows and to
assess their aptitude as a tool for designers.

Both subjects are also investigated at ONERA
especially on a very simple rectangular wing that
is characterized by a 60° sweep angle and a rounded
leading edge. Wind tunnel tests have been conduc-
ted during recent years on this so-called AFV-D
wing, not only at a 60° sweep angle but also at
other sweep angles, from low speeds to the tran-
sonic regime. Very first results mainly based
on force measurements, wing pressure distribu-
tions and flow visualisations were reported in
a previous ICAS paper

The present work is focused at low speeds on
floy field investigations provided by wind tunnel
tests by means of a five hole pressure probe and
computations with Rehbach's unsteady "vorticity
particles" method 10 in order to assess them.
In the transonic domain it deals with first
computations of flows on the AFV-D wing at 60°
sweep angle by means of a pseudo-unsteady Euler
approach The basic aim of these attempts
was to verify the capability of this method
to give solutions including leading edge sepa-
rations, even in the case of a smooth surface
such as a rounded leading edge.

This work was partly supported by the
French Government Service D.R.E.T. (Direction
des Recherches, Etudes et Techniques).
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II. Low speed vortex flow over the AFV-D wing

11.1 General features

A general view of the set-up on the wall in
the Fl pressurized wind tunnel (fig. la) shows
the half-model set on a boundary layer diverter.
The special device for flow field surveys is
visible in the background. The model geometry
and pressure hole locations on the upper surface
are indicated on figure 1b. More details on this
model and its basic ONERA-D profile (symmetrical,
1ead%gg edge radius r/c = 0.0143) can be found
in .

At low speeds vortical flow is generated
on the AFV-D wing within a large range of angles
of attack going from oz 5° to 12°, This angle is
characterized by a typical growth of the lift
slope. It depends strongly on the Reynolds number
as depicted in figure 2., Beyond a "critical" Rey-
nolds number the formation of the leading edge
vortex is delayed to rather high angles of
attack. This behaviour has been related 13 to
the type of the laminar separation bubble that
occurs at very low angles of attack on this wing.
At low Reynolds numbers the bubble is "long" and
is directly at the origin of the vortical flow
generation, whereas such an influence cannot be
noted at high Reynolds numbers, when the bubble
is "short". These remarks are relevant for
wings with rounded leading edges, When the lea-
ding edge is sharp, vortical flows appear inde-
pendently of the Reynolds number at very low
angles of attack.

With the increase of the angle of attack the
leading edge vortex flow continuously develops
over the wing until the appearance of breakdown

effects at the side edge for an angle of attack o,.

Opposite to ®y,the corresponding angle of attack
o}, does not vary significantly with the Reynolds
number, at least in the investigated range

1 x 10 € Rej € 5 x 106,

By further increase of the angle of attack

the breakdown point moves forward to the wing
apex as shown in figure 3. This curve is deduced
from the pressure distributions measured on the
upper surface on the wing. More precisely, in a
first approach vortex breakdown is considered

to reach a given section at the minimum value of
CRnin versus o .

Finally, the maximum lift ax of the
AFV-D wing is obtained at an angTe of attack of
about 30°.

It is obvious that force and pressure measure-
ments or wall streamline visualisations are not
sufficient to determine the characteristics of
flows generated by a leading edge separation.

More quantitative information is therefore
needed in the whole flow field on the one hand
for analysing vortical flow development and
structures and on the other hand for assessing
computational methods.

The flow field investigation methods which
have been developed by ONERA for the Fl tunnel
and other large wind tunnels are described in 14.
They are based on the use of a special motorized
exploring device allowing flow surveys in a part
of the test section. In the particular case
of the AFV-D wing tests it generated large sphe-

rical surfaces that may be assimilated to planes
which are quasi-perpendicular to the freestream
velocity., Measurements were made by means of a
five hole pressure probe providing mean values
of the velocity vector as well as local static
and total pressure coefficients, As the flow
direction in a vortical flow strongly varies,
several orientations of the probe are needed
in order to improve the probe efficiency. This
type of measurement may, however, fail in a
bursted vortex core, where the velocity is

very small and even becomes negative. In order
to alleviate the cost of such tgsts a computer
controlled piloting procedure was used.

The flow surveys on the AFV-D wing were
mainly performed at a freestream velocity
Vo = 40 m/s . An upper surface pressure dis-—
t¥ibution analysis led to the choice of three
angles of attack of{= 13°, 19° and 24° for which

the vortex breakdown is respectively located beyond

the wing tip, at mid-span and near the apex.

The corresponding pressure distributions are
shown on figure 4 as isobar contour lines. The
vortex breakdown have also been sketched in this
figure,

For the discussion only some flow field
results were selected. They were obtained mainly
in the mid plane that intersects the wing root
at the trailing edge, and also in an upstream and
a downstream plane respectively situated in the
apex and the wing tip region (see also sketch of
fig., 12). A primary representation of probe sur-
veys is a plane projection of the local velocity
vector measured in the mid plane and plotted at
o = 13°; 19° and 24° in figure 5, This repre-
sentation leads to a first evaluation of the
vortex strength and of its core location. In
particular the lack of measurements in the
vortex core at o = 19° and 24° is mainly due
to breakdown effects.

More information is provided by contour
lines such isovelocity (V modulus = V) and iso—
bar (Cpi=pressure coefficient) curves. At &= 13°,
still before the appearance of vortex breakdown,
the velocity contours (fig. 6a) present a typical
structure which exhibits an overvelocity zone
above a subvelocity zone. This corresponds to
the superposition of the vortical and of the
transverse flow fields. The locus of the maxi-
mum determines then the outer limit of the
phenomenon whereas the minimum defines the core.
These geometrical characteristics agree with
those that come out from the isobar contours of
figure 6b. They clearly demonstrate (Cp_ = 1)
the non circular feature and the extension of
the vortex. The curves moreover reveal the
gradual loss of total pressure in the core.
These characteristics distinguish in fact
vortex flows on wings with moderate high sweep
angles and rounded leading edges from sharp
edged slender wing vortices. These indeed
present a much more concentrated total pressure
loss in their core 16,1

The flow survey in the same mid plane at
& = 19° shown in figure 7 is particularly inte-
resting., On the one hand it may be close to the
vortex breakdown location (see fig. 4) ; this is
proved by the very low velocity level and the
deep total pressure loss which were measured in
the center : V/V, v 0.4 and Cp, ¥ -2.3. On the
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other hand, the change of the flow structure
occurringupstream of the primary vortex (¥
may correspond to a secondary vortical flow/C
which is contrarotative,

This kind of flow survey gives very complete
information about vortical flows. However, the
intrusive method used might perturb the flow
locally. Only three-dimensional LDV techniques

can corroborate the present results. However, they

should open access to the region close to the
leading edge and therefore provide useful in-
sights into the initial conditons of the vortex
flow with a view to improve their modelling to
be used in the prediction method which is descri-
bed in the next section.

1T.2 The vorticity particles method

The theoretical background and the numerical
treatment of th'ﬁ method have been reported in
some detail in ., Only broad outlines will be
recalled here.

In a domain (D) surrounding the surface (8)
one considers an incompressible inviscid flow.
It is described in terms of a vorticity distri-
bution defined by

W =VV (2.1)
V being the velocity vector. In a time dependent
approach using Lagrangian variables,vorticity
loaded fluid particles are shed into the flow
field from separation lines on (S). Their time

dependent evolution is governed by the Helmholtz
equation

D _

Dt

(2.2)

The local velocity V due to the vorticity
distribution in (D) and on the solid surface
(8) in a flow field with the uniform velocity
Vo can be expressed employing Green's identity

V:Voﬁ% Jfé(w%ymh%jfﬂymd%y{?x\?)dw (2.3.)

where r = {7} andAg is the outward unit
normal to the surface (S).

The calculation method consists in following
the motion of a limited number of worticity par-
ticles which leave in the present approach the
lifting surface at points distributed on its
edges. It is emphasized here that the construc-—
tion of a spatial grid is not required. The
lifting surface is discretized by plane panels
using doublet distributions of constant strength
for each panel. The vortex shedding mechanism
employed is derived from Kutta-condition type
considerations.

At each time step new vorticity particles
leave the lifting surface. All particles having
the same origin instantaneously belong to an
emission line which, as long as the flow is
unsteady, is not a streamline, a vortex line nor
a trajectory.

Taking into account former encouraging
resu}gslgbtained on very various geometric sha-
pes ? the basic numerical treatment has been
improved in order to ensure more robustness and
better computational performance. This leads now

vwl.l)
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to finer meshes and more emission lines that
are required for an assessment of the method.

For the present computations the panelling
of the AFV~D wing as a zero thickness lifting
surface with the actual wing planform is depic-—
ted in figure 8. This surface is discretized
by 120 panels and 22 particle shedding points
are defined on the edges including 12 points on
the leading edge. All computations related in the
next section were performed on a Cyber 170-750
and needed 50 to 80 time steps up to a converged
lift level.

11.3 Computational and experimental results
In order to illustrate the versability of

the method at first two calculations have been
performed, the angle of attack of the wing being

ol = 19°, In the one case vorticity particles
are shed into the flow field only on the trai-
ling edge and the side edge, whereas in the other
case the leading edge in addition is concerned.
The respective emission lines of figure 9 cor-
responding to converged solutions reveal remar-—
kable differences. In the first solution indeed
the vortex sheet is a typical one for attached
flow ; the weak roll-up at the side edge may be
explained by the cropped shape of the wing
tip. In the second one a well organized leading
edge vortex flow spreading out the whole wing
is predicted. There is no doubt that it repre-
sents an interesting simulation of such leading
edge separation effects,

Concerning the latter computation the time
dependent evolution of the normal force coeffi-
cient is shown in figure 10. After 60 time steps
a nearly converged solution is obtained. It has
to be noted here however, that the predicted
value underestimates the experimental result of
about 10%. This point will be discussed later
on.

With further computations of leading edge
separations at o = 13° and 24° it is possible
to analyse the flow development when the angle
of attack increases. As converged solutions are
concerned,streamlines can be calculated in the
whole flow field independently of the basic
emission lines. Figure 11 illustrates such
results for &= 13°, 19° and 24°. When increasing
the angle of attack,the vortical flow as expec-
ted separates more and more from the lifting
surface and progressively turns to the symmetry
plane. Of course, all these computations were
performed with the same parameters such as grid,
time step or vortex shedding mechanism i.e. so
reliable results were obtained.

Some comparisons with the above described
flow measurements are made at o = 19°, Computa-
tational and experimental velocity vectors in the
three selected cross—-planes reveal (fig. 12) a
qualitative good agreement of the respective
vortical flows. In particular, very similar vortex
core locations have to be noted. In spite of
some differences in the magnitudes the calculated
and measured velocity contours in the mid-
span plane shown on figure 13 corroborate this
statement. Nevertheless, certain discrepancies
are found when comparing both pressure fields
on the wing resulting in small differences in
the lift coefficient as already mentioned before.
0f course, these discrepancies may be explained



by the assumption of a zero thickness sharp edged
wing and a rather coarse grid used in the compu-
tation, but it is thought that the present model-
ling of the vortex shedding process requires
assessment, at least when leading edge separation
occurs., Further investigations in this field are
felt to be very important.

III. Transonic flows

Experiments have been made on the same model
in the transonic test section of the S2MA wind
tunnel in the ONERA center at Modane. These tests
covered a Mach number range from 0.275 to 1.2
for angles of attack from 0° to 32°. The measure-
ments included overall
tions on the wing and visualisations of the wall
flow by a dye technique. The results have bee
discussed in some detail in a previous paper .

In this work, emphasis is mainly laid on the
capabilities of steady inviscid flow calculations
using the Euler equations to model transonic
flows, possibly including separations, in this
particular case of a highly swept wing with
a rounded leading edge, at different angles
of attack.

The "H" pseudo-unsteady method used here for
solving the Euler equations with the isoenergetic
assumption, has been developed at ONERA for

various applications including 3-D cases (nozzles,

rotor cascades, blunt body flows) 21,22,23  More
recently, it has been extended to the computa-
tions of flows past wings, as a result of a coo~
peration between MATRA and ONERA 24,11, This
method permits computing weak solutions of the
steady Euler equations, with shocks and vortex
sheets, in the case of isoenergetic flows 11,
property of the Euler equations has allowed them

forces, pressure distribu-

This

to be used by several authors, especially for flows

with vortex sheets 25 including flows with separa-

tion at the leading edge 26,27,28,

A key question is:which types of separations
is such a method able to predict, and in particu-
lar, is it able to capture vortex sheets leaving
a smooth surface, for example here the rounded
leading edge of the AFV-D wing at a 60° sweep
angle.

In the case of such a wing, and from a prac-
tical point of view, another question is whether
or not, and in the affirmative how, vortical
flows are generated at various angles of attack.

After a short presentation of the computa-
tional method, including the grid generation and
the calculation procedure, the results for three
test cases are compared with the experiments.

I11.1 The "H" pseudo-unsteady method for solving
the steady Euler equations

- Equations and numerical scheme

The total enthalpy H being assumed to be
constant, the system of equatioms is simply
composed of the unsteady continuity and momentum

equations(3,1),in which the pressure p is a function

of the density ¢ and the velocity V, through
Bernoulli's relation (3.1 ¢).

14

sc F v eV o= o

(3.1a)
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The replacement of the unsteady energy
equation by(3.1c) allows a reduction of the num-
ber of the scalar equations from 5 to 4, and
therefore, a reduction of the computational cost.
The pseudo-unsteady system (3.1), which can be

written :
2k

2t

is integrated step by step with respect to time,
by means of an explicit predictor-corrector
finite-difference scheme, derived from the
MacCormack scheme, the discretization of the
equations being performed directly in the physi-
cal space, using an arbitrary curvilinegar mesh
The predictor §§+? and the corrector f?n£1T° are
computed by :

~oad n +
- At[ &a Fk(g?ﬂ
( )o n " - NM
§7= - S serw]- 26 RE))]
where Sz.and Sgare the forward and backward

finite difference operators relative to each in-—
dex £ 22 |

3 Fr
D xg

= 0 (3.2)

(3.3)

~- Artificial viscosity terms

The artificial viscosity terms which are
added after the computation of the corrector in
order to insure the stability of the solution,
are composed of a non-linear second order term
D2 and a lipear fourth order term D

m+l = g(n+1)° 4 p2(gn) + ph(gn)

The fourth order term D" is given, for one
dimension, by :

DH(E) = Po [%i+2—‘f%m+ 64 4§+ J.—a] (3.4)

for £ = (@ ,pu,eVv,Qw). The second order term
D2, which is expressed for one dimension, by :

;40
D2(£) = P4 [+ &z_&‘” I%LM'%.I (%',H‘%L) (3.5)
QL 404
- = !‘h‘ﬁm! (% ‘?L—A):I
for g = (0, u, v, w), is obtained from :
3 (q I%‘?s %%) , when discretized in cartesian

3 % .
coordinates, in a uniform mesh.

- Boundary conditions

The boundary conditions, as well as the
matching condition between the upper and lower
half~spaces, are treated using the compatibility
relation theory. The properties of the pseudo-
unsteady system (hyperbolicity, compatibility
relations, and charagferistic cone) WETE,
presented in 2-D in and in 3-D in “7°" 7. The
three specified conditions at the upstream boun-
dary are the velocity direction (two conditions)
and the total pressure. At the downstream boun-
dary, a "non reflecting condition" which is
an extens’gn of the one proposed in 1-D by
HEDSTROM is used. On the wall, as well as on
the symmetry plane, the following simple slip
condition is used : V, € = 0, ¥ being the unit
outward normal to the boundary. Let us note that
there is no special treatment at the trailing
edge.



- Local time step technique

A local time step technique is used, the time
step At at the current point being computed
from a maximal value, Atm , obtained by the

. . X

local C.F.L. criterion, Et = Ct . Mtyay, where
Ct is an empirical safety factor (C¢= 0.8). This
technique allows important computing time savings,
the time steps not being limited by the size of
the smallest mesh cell. This limitation would
be especially severe here, because of the small
mesh cells used near the wing tip.

- Grid generation

One of the difficulties encountered in the
computations of 3-D flows past a wing is related
to the modelling of the flow around the wing
tip. In order to make a detailed numerical study
of the flow passing around the wing tip, a roun-
ded wing tip and a mesh of C-O type have been
used for the computation (fig. 14). In spite
of the highly sweep angle (60°) of the wing, a
simple choice for the mesh on the wing consisted
in constant-J lines parallel to the vertical
symmetry plane, and constant-I lines mainly
parallel to the leading edge and to the trailing
edge (fig. 15). The constant~I and constant=-J
surfaces turn respectively around the leading edge
and the tip (fig. 16). As the basic numerical
scheme is non symmetric, the discretizatioms of
this scheme used in the upper and lower half-
meshes, on each side of the horizontal cut half-
plane,were chosen symmetrical of one another,
A 51 x 50 x 17 mesh has been used, with 36 x 50
points on the wing.

- Calculation procedure
For the present calculations, the code was

implemented on a CRAY-1 computer. These very
first calculations obtained with this code
on this 60° swept AFV-D wing were per-

formed at a Mach number M = 0,92, First, the
non-lifting case ( ™= 0°) was computed,

the flow being initialy uniform. After 4000
i}erasionﬁh4the Jnean residual values
N E (3 ]& - % were lower than 1.5 10~%4.
This solution was used to initialize the next
computation at ®= 4°, the angle of attack
increasing first from ol = 0° to o= 4°
in 2000 iterations, and next remaining
constant during 4000 iterations, the mean
residual values reaching then 1.8 1074,
Again, this last solution was used to obtain
an initial field at &= 6°, {increasing from
o= 4° to ol= 6° in 1000 iterations. But
the computation performed at &= 6° stopped
after 1059 iterations, because of a local
problem of overvelocities appearing at the
wing tip, a few points ahead of the trailing
edge. The mesh in this downstream part of
the wing tip region, near the trailing edge,
appears to be insufficient, at the wall and
around it, to model correctly the passing

of the flow round the wing tip. However,

it seemed interesting to present the solution
obtained after 1000 iterations at ™= 6°,
yet not converged, the mean residual values
being about 5.10-2, as a new type of flow
seems to occur at this angle of attack.

II1.2 Comparison between experimental and computa-

tional results
In order to facilitate the discussion of this
comparison, it seems to be helpful to give first

a short review of the main featuresof the flow
occurring in the wind tunnel tests at a Mach num-
ber My = 0.92 by increasing the angle of attack
from 0° up to &(QJMA At this Mach number, the
behaviour of the flow does not basically differ
from that observed at low speeds. So, at ot= 0°
the flow remains mainly two~dimensional and sub-
critical. Due to its shape the leading edge
exhibits a small suction peak. This peak be-
comes more pronounced when the angle of attack
increases,and generates both a separation bubble
(at o= 1.5°) and a shock wave. When the shock is
strong enough to cause the separation of the
boundary layer, the formatiom of a vortical flow
can be observed., At a Reynolds number of

Rej = 2.3 x 106, this regime appears at o= 4,5°,
As shown in 20 the vortex whose origin is
located at the wing apex quickly grows,produ-
cing its non-linear effects on the Cy-curve.

Then the vortex breakdown starts to affect the
pressure field of the upper surface at &= 12°

and finally the Crmax is reached at &= 25°,

Let us now compare some experimental and
numerical results in the available test cases.

In the non-lifting case ( (= 0°), the compa-
rison of the iso-p/pto, lines on the wing (fig. 17)
shows a good agreement between computation and
experiment, in spite of the difference of the
wing planforms. At this angle of attack, the flow
is mainly spanwise constant. The pressure dis-
tributions in the wing section 7, the mid-
span, perpendicular to the leading edge, confirms
this good agreement (fig. 18).

At o = 4°, the flow is slightly supersonic
in a large region, on the upper surface, both
in the computation and in the experiment. The
comparison of the iso-p/py, lines showsa rela-
tively good agreement on most part of the upper
surface (fig. 19), downstreamof the first 15%
of the local chgrd. On the whole, the flow
remains mainly spanwise constant. More preci-
sely, it can be noticed that the isobar lines
are not exactly parallel to the comstant chord
line, but get slightly nearer to the leading
edge in the outer part of the wing. However,
great differences appear in the experimental
and numerical flows in the first 15% of the
local chord, as it can be observed on the
pressure distributions obtained in two sec-
tions of the wing,respectively for the sections
5 and 9 (fig. 20). The suction peak observed
at the leading edge, which increases in the
spanwise direction is much less important in
the experiment than in the computation, in which
it is associated to a highly supersonic region
(M2 to 2.5), limited downstream by a relati-
vely strong shock. In the experiment, the adverse
pressure gradient behind the suction peak gene-
rates a separation bubble which leads to a
little plateau which is more extended in the
outer part of the wing. Of course, the inability
of inviscid flow calculations to predict strong-
iy interacting viscous effects such as those due
to a separaticn bubble,brings a limit to such
comparisons with experiment. On figure 21, the
planar viewsof the computed velocity at the
points of two constant-I mesh surfaces, one at
the trailing edge and one downstream,show the
tip vortex, which is enhanced in the computation
by the planform of the wing.
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When increasing the angle of attack from
&= 4° to o= 6°, the flow features change, but
much more in the experiment than in the computa-
tion. It is recalled that this computation has
not converged, but has been interrupted, as was
explained in III.1

An important change of the pressure field
can be noted on the experimental isobar lines
(fig. 22) which corresponds to the appearance
at the leading edge of the vortical flow alrea-
dy described. On the same figure, the evolution
of the computational flow is less important. On
the pressure distributions in the same sections
as previously (fig. 23), the experimental results
present the typical shapes due to a leading edge
vortex, the suction peaks having vanished. On
the contrary in the computation, the suction peak
due to the supersonic region is still present.
However, in the outer section, a small region in
which the flow is reaccelerated can be noticed
downstream of the suction peak, which might
indicate a change of the type of flow.

Indeed, the visualisations of the computed
velocity field show the presence of a vortical
flow, just downstream of the suction peak region,
on the outer half of the wing (fig. 24, 25 and
26). The flow field on two constant-I grid sur-
faces (fig. 24), one just downstream of the
shock and the other at half-chord, show the
vortex and the thin layer near the wall in which

the fluid moves towards the tip. The separation of
the flow passing round the wing tip can be seen on

these figures.

On figure 25 are compared the velocity
fields on the wing upper surface,computed
at both angles of attack &= 4° and (= 6°,
This comparison shows clearly the beginning
flow transformation. On figure 26 are re-
presented for both cases the velocity fields
on the J = 13 grid-surface, viewed in a di-
rection parallel to the leading edge or trai-
ling edge. The vortical flow can easily be
observed, for X = 6°, the separation begin-
ning one or two points downstream of the shock.

Thus, although quite different from the
experiment, this preliminary result seems to
demonstrate the capability of the Euler approach
to model without any special treatment separa-
tions on smooth surfaces such as, in this par-
ticular case, vortical flows on a rounded
leading edge.

IV. Conclusions

In order to improve the knowledge of vorti-~
cal flows which occur on the leading edge of
swept wings,ONERA has devoted great efforts
for several years. One of the main supports
used is a very simple rectangular variable
swept wing with a rounded leading edge, the
AFV-D wing studied here at a 60° sweep angle.

Low speed tests on this wing exhibit a
strong Reynolds number influence on the for-
mation of the vortical flow which occurs in
a quite large domain of angle of attack.

This result is mainly related to the
large leading edge radius of the model.
Investigations by means of a five hole
pressure probe provide useful insights in
the vortex structure. Due to the wing shape,
noticeable differences with classical delta
wing vortices appear in the flow field, even
upstream of the vortex breakdown. Such a
data base is also a helpful tool to check
computational methods. Concerning this field
two theoretical approaches have been used,.

First, with a thin wing discretization of
the actual configuration, the great capabili-
ties of Rehbach's unsteady vorticity par-
ticles method are demonstrated in some low
speed cases., Solutions show a qualitatively
good agreement with various vortex sheets
observed on the wing. Nevertheless, it
clearly appears that they depend more or
less strongly 'on the initial conditions
of the vorticity vectors for which more
knowledge is needed.

Secondly, at transonic regime, the "H"
pseudo-unsteady method for solving the Euler
equations was used for computations on a wing
with the same thickness as in the experiment,
but with a modified planform. At & = 4°, the
importance of the viscous effects, with the pre-
sence of a separation bubble, seems to bring
a limit to the interest of the experiment-
computation comparison.

One of the main purposes of this study was
to test the method ability to capture separa-
tion starting from a smooth surface. The compu-
tation performed at o = 6° presents two types
of limitations. Firstly, it was not converged.
Secondly, a leading edge supersonic region was
observed in this computation which does not
exist in the experiment. It must be noted that
these computations were performed from initial
conditions obtained from solutions at the same
Mach number, by increasing the angle of attack.
Another way to proceed would consist in gradual-—
ly increasing the Mach number from a solution
obtained at the same angle of attack, but at
subsonic velocities. It is not sure that the
latter way of proceeding, which has to be tested,
will lead to the same type of solution, with
a supersonic region at the leading edge. However,
in spite of its limitations, the present calcula-
tion at ®o = 6°seems to indicate that the method
would be able to compute a vortex structure star-
ting from a rounded leading edge.
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Fig. 21 - Velocity vecton field on constant-1
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- Euler method 7

Fig. 26 - Caleulated velocity vecfor gields on a
constant J sunface (J = 13 ; planar
view 4n the Leading and trhailing
edge direction) at M, = 0.92
a. = 4°.

b. (= 6°
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