EXPERIMENTAL WORKS IN THE NAL HIGH REYNOLDS NUMBER TWO-DIMENSIONAL

ICAS-82-5.4.4

TRANSONIC WIND TUNNEL ON ADVANCED TECHNOLOGY AND NACA AIRFOILS

Kazuaki Takashima
National Aerospace Laboratory
Chofu, Tokyo, Japan

Abstract

A description of a new wind tunnel at NAL and
some results of initial calibration and tests of
new transonic airfoils are presented. In order to
test the new transonic airfoils at high Reynolds
number, a two-dimensional transonic pressure wind
tunnel at NAL, Japan was constructed in 1979. This
blowdown type wind tunnel has a 0.3 meter wide and
1.0 meter high test section. The performance is
0.2 to 1.15 of Mach number range and 40 x 100 of
maximum Reynolds number with 10 seconds running
time. The wind tunnel starting operation is con-
ducted with precharged air in the tunnel. Closed
loop Mach number control is successively applied
with excellent regulation and repeatability.
Results of the initial calibration indicate ade-
quate performance of the tunnel. The conventional
airfoil data are compared with other published
experimental results. The Reynolds number effects
on the aerodynamic characteristics of NACA 0012
section were experimentally investigated. A few
transonic airfoils which were developed at NAL were
tested and compared with theoretical and numerical
results. Comparisons have been demonstrated good
correspondence in some cases as well as gross dis-
crepancies in other cases and those suggest the
importance of experimental works.

Symbols

C chord of airfoil

Cp section drag coefficient

CL section 1ift coefficient

Cm section moment coefficient about the 25%
chord line

Cn section normal force coefficient

Cp pressure coefficient

Cp.rms rms value dimensionless broadband pressure
fluctuation

M Mach number

Mg setting value of Mach number

M mean value of Mach number

MDD drag divergence Mach number

PO stagnation pressure

Re Reynolds number (reference length=c)

To stagnation temperature

X chordwise station

Xg shock wave station

a angle of attack

1. Introduction

In order to provide high Reynolds number
testing for the newly developed transonic airfoils,
the construction of a two-dimensional transonic
pressure wind tunnel at NAL, Japan was commenced in
1973 and completed in fiscal year 1979. The back-
ground of the construction of this wind tunnel is
explained hereafter.

$ince Pearcey(]) announced the concept of a
new wing section with peaky pressure distribution
in 1960, there has been a strong concentration

of interest in transonic wing section development.

One characteristic of such an airfoil is that
it has a higher drag rise Mach number or thicker
section at the same drag level compared with that
of a conventional one. This allows an airplane
equipped with such a wing to cruise at higher speed
or to be Tighter in body and results in higher
transportation efficiency or the saving? of Xge].
Although theoretical and numerical work 2,3,
on new transonic airfoils is quite active, experi-
mental work is not. We therefore planned to con-
tribute to the development of transonic wing
sections through experimental studies.

The other factor in the background of this
project was the requirement for high Reynolds
number testing especially in the transonic regime.
This requirement was noticed in 1960's because the
discrepancy between flight test Reynolds number
and wind tunnel test Reynolds number was becoming
so large that airplane performance prediction by
wind tunnel test data was not always satisfactory

5,6), However, a high Reynolds number test faci-
lity for airplane models cannot easily be const-

ructed because of load limitation on the model

structure, initial construction cost and energy
requirement to operate the facilities. There are
many reports on investigation of high Reynolds
number test facilities(7s8). They indicate that
high Reynolds number testing can be attained by
pressurized and/or cryogenic.

In testing wing sections in a two-dimensional
wind tunnel, the difficulties of high Reynolds
number testing are reduced by utilizing stout con-
struction of the model support system and a low
mass flow rate in the wind tunnel(9,10
Reynolds number effects on the characteristics of
the wing section can be investigated in such a
tunnel.

At start of construction of this wind tunnel
in 1973, the first oil crisis and the rapid rise of
labor costs and material prices were too serious to
excute our initial plan. It had to be revised to
extend the term of construction. The final budget
for this high Reynolds number testing facility was
1,564 million yen.

2. Wind tunnel

Out]ine(1]’]2).

The wind tunnel is an intermittent blowdown
type. The main parts of this wind tunnel are shown
in Figure 1. The height of the central axis of the
tunnel is 1.7m from the floor. The outer shell of
the plenum chamber is fixed to the basement and the
other fixing legs of the wind tunnel are able to
slide freely longitudinally to avoid expansion
stress due to thermal effects or inner pressure
load effects. The basement of the wind tunnel is
isplated from the basement of the house to prevent
the mutual interaction of vibration through the

741



basement. An expansion joint is located at the
upstream of the pressure regulating valve to sepa-
rate the wind tunnel from distortion of supply
tubes. The strength of the wind tunnel shell of
the upstream of the second throat valve was tested
at 3041kPa (30kg/cm2G), which is specified by the
national control law for high pressure gas.

The principal dimensions are as follows.
Test section 0.3m x 1.0m
Mach number range 0.2 = 1.15
Reynolds number 40 million (M=0.8, c=0.25m)
Stagnation pressure 196 - 1176 kPa
Running time more than 9 seconds
Maximum mass flow rate 833 kg/sec
Pressure tanks* 2060 kPa 3
total volume of 1951 m
Compressors* 18000 Nm3/hour
(* used commonly with other facilities.)
To date, 1800 blows have been conducted.

Pressure regulating valve.

The sleeve-type pressure regulating valve is
located upstream from the settling chamber. An
axisymmetric, pressure balanced plug is longi-
tudinally moved by a hydraulic cylinder. The outer
shell is made of cast steel provided for the comp-
lex configuration of the flow path around the plug.
In order to reduce pressure loss which occurs near
the plug, the flow path surrounding the plug is
divided in nine diffusers which are arranged
radially as shown in Figure 2. The surface of each
diffuser is smoothed during the casting process.

A pilo m?del of this valve showed favorable
performance 13) and it was predicted that the run-
ning time would be increased by a factor of about
25 percent compared to it using a conventional
valve without diffusers.
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regulating conditioning Plenum throat .
valve system chamber valve Silencer
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Figure 1. (up)
Schematic diagram of 2-D -
transonic wind tunnel.

Figure 2. (right)
Downstrem end of pressure
regulating valve.

Flow conditioning system (settling chamber).

For the purpose of reducing acoustical noise
and eddy turbulence before the air flow reaches the
test section, a perforated plate (40% porosity),
an acoustical panel array (effective length of 1.0
meter) and four screens (a screen of ten mesh and
three of 22.5 mesh) are installed in the settling
chamber.

Contraction cone.

The cross section of the flow path is altered
from a circle of diameter 2.5m to a rectangular of
1.0m x 0.3m at the 3m long contraction cone. The
overall contraction ratio is 16.35:1. The cross
sectional area change in the axial direction was
calculated based on the one-dimensional theory of
Thwaites(14). After the area distribution was
determined, the cross sectional shape was modified
with two pairs of straight lines and four circular
fairings at the corners, maintaining the same area.
The contour coordinates are shown in Figure 3.
Preliminary experiments were carried out with a
1/16 scale model Results indicated the velo-
city distribution and pressure distribution in the
contraction cone model were well predicted by the
theory based on one-dimensional flow.
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9 4 600 5011 1804 0.8
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A-A Section (Dimensions in mm.)

Figure 3. Contraction cone.

The test section and the plenum chamber.

The test section is 0.3m wide, 1.0m high and
3.0m long. It is enclosed in the 2.8m diameter
plenum chamber. The top and bottom walls are slot-
ted with a variable open-area ratio of zero to ten
percent. Six slots are opened in such a way that
four slots of the center part have same width and
the two slots of the left and right ends have half
the width of the center slot.

It is possible for the top and bottom walls to
be inclined within +0.7 degree to the flow axis to
reduce the effect of boundary layer development on
the walls. After the initial calibration mentioned
in Section 3, inclination of those walls was
adjusted to a divergence angle of 0.35 degree to
maintain uniform Mach number distributions.

The side walls are solid. Near the model
support section, the side walls are equipped with
either a pair of porous plates or a pair of glass
windows depending on the experimental requirement,
such as side wall boundary layer control or optical
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observation. The porosity of the porous plate,
which is made of sintered metal of copper alloy,

is the same as that of the hydraulic filter, five
micron nominal filtration. Air mass flow which
passes through the porous plate is controlled by a
ball valve mounted on each suction pipe. The flow
is exhausted to the atmosphere through the silencer.

On the right side wall as one faces the up-
stream, there is a 700mm high by 40mm wide slot
downstream from the window for traversing a wake
survey probe up and down as shown in Figure 4.

A television camera is located at the top and bot-
tom walls to observe the model surface.

The chord length of the wing section model,
as shown in Figure 5(a), is usually 250mm. The
diameter of the static pressure holes which are
opened on the model surface is about 0.6mm. This
value is Timited by the time lag of pressure Tleads
which is related to the running time. At both ends
of the model span, pneumatic connectors are equip-
ped for the pressure leads as shown in Figure 5(b).
An 0-ring plate is inserted between the model side
connector and the mating connector which Teads the
pressure tubes to the Scani-valve to seal the
pneumatic connectors.

A model is of fixed to the model support
structures at both ends. Each model support
structure is of fixed to a rotating frame which is
driven by a hydraulic cylinder, within an angle of
-15 to 25 degrees. Model attitude is controlled
with a resolution of 0.01 degree. A three component
balance which is a powerful device to measure aero-
dynamic forces acting on the airfoil model has not
yet been installed.

The
provides
the test

plenum chamber is a pressure vessel which
a constant static pressure environment for
section. There is a door of one meter
diameter on the left side wall as one faces up-
stream. A pair of 250mm-diameter x 95mm-thick
glass windows are located on each side of the
plenum chamber for optical observation. They are
removed when the boundary layer suction system is
installed at this position. The plenum bleed pipe
line, which is located at each side of the plenum
chamber, meets the upstream of the plenum bleed
control valve that is used for Mach number control
above M=0.7. Plenum bleed flow is exhausted to the
atmosphere through the silencer.

The second throat valve and diffuser.

The function of the second throat valve, which
is located at downstream from the test section, is
(i) Mach number control below M=0.75 and (ii) shut-
ting off at precharged start operation which will

: s . Figure
Figure 4. Wake survey probe.

5(a). Airfoil model.

be explained Tater.

The diffuser, generally speaking, transforms
the kinetic energy of the flow to pressure energy
efficiently. In this wind tunnel, however, the
high energy flow should be dissipated before atmos-
pheric exhaust. Two perforated plates which are
used to dissipate the energy are located in the
diffuser. Furthermore, the diffuser is closed by
the perforated plate and the downstream shell of
the diffuser is also perforated. The pressure loss
due to the perforated plate can be estimated by the
open-area ratio(13).

Si1encer(]6).

The silencer is a two storied construction of
reinforced concrete, 40m Tong, 10m wide and 19m
high. Air to be discharged from the tunnel enters
the first storey. At the end of the air passage in
the first storey, the air turns upward and double
bents there guide the air into the second storey,
which terminates in the form of a stack and dis-
charges the air upward into the atmosphere.

The silencer is enclosed by thick concrete
walls everywhere. The upstream section of the
first storey is covered by double walls, the inner
wall 0.3m and the outer wall 0.2m. Glass wool is
attached to the inner surface of the walls and
ceilings throughout the first and second storey.
Three kinds of acoustic panels are arranged in six
arrays in the first storey.

The measured performance is good enough to
attenuate the acoustic noise which is generated in
a tunnel run. This noise is so insignificant at
almost all portions of the NAL site that sound
level can not be distinguished from its Tevel at
the wind tunnel being quiet.

Instrumentation system.

The instrumentation system consists of sensors,
24 signal conditioners and a data acquisition
system which includes an analog-to-digital converter
(48 channels, sampling speed of 45 kHz, HP-2313B),
a mini-computer (HP-2113B) with 96K-word memory and
peripheral equipment. The signals to be measured
are basic data for the wind tunnel tests such as
the stagnation pressure, angles of attack and so on,
the outputs of the pressure transducers which are
installed in Scani-valves to obtain pressure dis-
tribution on the model surface, the data of wake
surveys which are required to get aerodynamic drag
and analog signals of miscellaneous channels.
In every tunnel run, one to ten pitch attitudes are
given to the model in pitch and pause mode and at
each pitch attitude, every kind of signal is
measured at least one time.

i e

Pressure connector and
0-ring plate.

(b).
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Optical observations can be performed by the
schlieren method.

Wind tunnel operating system.

A wind tunnel operating system is available
to control required operation automatically by a
time schedule programer. The function of this sys-
tem is (i) one man operation, {ii) accurate setting
and regulating, (i1i) quick regulation of pressure
and Mach numbers and (iv) safe operation for a high
pressure wind tunnel. The main features are the
starting method and the Mach number control.

Tunnel starting method.

Two ways of start are schemed. One is of
course the conventional start of the blowdown wind
tunnel. High pressure air is conveyed to the
tunnel which is initially at atmospheric pressure.
However, if we operate the tunnel this way when a
high pressure test condition is required, the
large volume of air contained in the settling
chamber and the test section is subjected to com-
pression at the initial stage of the start, resul-
ting in adiabatic temperature rise of the flow.
During this transient period, the flow condition in
the tunnel is not steady. Rapid change of stag-
nation temperature accompanied by Mach number
change is sometimes observed

The second way to start the tunnel, which is
suggested by Ohman(9) and is intended by us is that
which can be called precharged start. The settling
chamber and the test section including the plenum
chamber are precharged with air through the bypass
valve at a pressure close to the stagnation con-
ditions for the run to follow. In this way we can
avoid the trouble mentioned above and expect to
Tengthen the running time(17)

Closed loop Mach number control.

In order to improve the repeatability of runs
and steadiness of the flow in a run, the closed
Toop Mach number control is available during a run.
A pressure ratio of (pg-p)/py is used instead of
the Mach number 1nd1cat1on w81ch is represented in
the more complicated form of p/pg. The calculation
of pressure ratio and the required calculation for
the control actions of the second throat valve
and/or the plenum bleed control valve are conducted
in digital form by a computer which is exclusively
used for the tunnel operating system.

3. Results of the initial calibration

To determine the general performance of the
wind tunnel, initial calibration was planned to be
carried out in three phases. Those were;

Phase 1 measurement at the empty wind tunnel,
Phase 2 measurement of the test section flow
in detail and
Phase 3 measurement of the pressure distribution
on the typical models.
Those programs were not always conducted in this
order. Each program consisted of several sub-
programs and some subprograms are still continuing.

Measurement at the empty wind tunnel.
The phase 1 program consisted of the confirma-

tion of the Reynolds number and Mach number envelope,

measurement of running time, relation of the second
throat valve stroke and the plenum blieed control
valve openness to the setting Mach number and
comparison of the precharged start operation with

Re x 1070

(ref. Tength=0.25m) Steady state
50r Steady state duration: 20sec.
duration:10sec. /
40
Available .
30| region - ‘
o :Confirmed
at initial
201 calibration
10+
Mach number

O i —
0 0.2 0.4 0.6 0.8 1.0 1.2 1.4
Figure 6. Reynolds number envelope.

the conventional start operation. Results of the
phase 1 program showed sufficiently enough to our
expectation.

An envelope curve is shown in Figure 6. It
indicates that a Reynolds number of 40 miliion is
possible for a 0.25 meter chord model at high sub-
sonic Mach numbers. Usable run times for high Rey-
nolds number tests are enough to measure the
physical quantities required.

Comparison between conventional start operation
and precharged start operation was conducted about
the time histories of the stagnation pressure, Mach
number and settling chamber temperature during the
starting period. The results are shown in Figure 7.
By the application of the precharged start opera-
tion, as intended, the flow quantities are modera-
tely changed compared with those obtained in the
conventional start operation. Results shown in
Figure 7 were obtained at a stagnation pressure of
392 kPa. At the higher stagnation pressure, the
conventional start operation did not work well
because the pressure difference between screens
installed in the settling chamber exceeded the
Timited value at which the interlock mechanism
worked to stop the tunnel for protection of the
screens.
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(a) Stagnation pressure.
Figure 7. Comparison of data from precharged start
operation and conventional start operation.

744



(b)
Mach number.
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Figure 8. Mach number distribution on the test
section center axis.

Measurement of the test section flow.

This program consisted of the measurement of
the following quantities. (i) Mach number unifor-
mity, (i1) Flow angularity, (iii) Flow two-dimen-
sionality, (iv) Effect of the side wall boundary
layer suction and (v) Flow turbulence level.

Items (i11) to (v) have not yet completed; only
preliminary studies have been carried out.

For the Mach number uniformity, the static
pressure distributions at the test section center
axis were measured by making use of a static
pressure probe of 3m length. Wall pressure distri-
butions were also measured. Pressure distributions
on the center axis are shown in Figure 8. The Mach
number uniformity is generally dependent on the
wall inclination. After several attempts to dis-
cover the best wall inclination, it was found that
the best Mach number uniformity was obtained at a
wall inclination divergence angle of 0.35 degree
for each wall of top and bottom one. At the Tow
supersonic Mach number, uniformity which is shown
in Figure 8 is strongly influenced by the static
probe support Tocated upstream.

The factor 2oMm which represents the index of
the Mach number distribution, is within 0.0005 to
0.007 for Mach numbers below 1.0 (where oy is stan-
dard deviation of the Mach number distribution).
So, it is considered that this wind tunnel has
excellent Mach ?um?er uniformities for the high
subsonic region(18),

For the regulation of the Mach number, it was
found that the closed loop Mach number control
device exhibited excellent performance. The mean
value of the Mach number in a run is very close to
the setting value of the Mach number which is done
by (po-p)/po setting. Differences of these two
values which are shown in Figure 9(a) are less than
0.001. The variation of the Mach number which is
occured by the model attitude change is well cont-
rolled in a run. The maximum deviation of Mach
number from the mean value in a run remains within
0.003 as shown in Figure 9(b).

00;2 04 05 08 1PN
-0.01
M - My
Figure 9(a). Precision of the Mach number setting.
M- M max
0.004H
- ) O
0,002 2 o 828
0‘) T — T JMS
0.2 0.4 0.6 0.8 1.0

Figure 9(b). Regulation of the Mach number in a run.
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Using a symmetrical wing section model (NACA
0012), the flow angularity was measured. In a
Mach number range from 0.2 to 0.8, the flow angula-
rity was within +0.04 degree.

The flow two-dimensionality which was obtained
from the pressure distributions on the top and
bottom walls was sufficient. For the model, it
appears that the flow two-dimensionality of this
wind tunnel is at least kept at the middle part of
the span for a range of half the span width.

The pressure fluctuation of the flow was
measured by means of a microphone-pressure trans-
ducer in the test section. Results are shown in
Figure 10. The noise of this tunnel is considered
moderate. The noise spectrum is studying, compared
with those of other wind tunne]s(79$.

From the investigation of the experimental
data mentioned above, it was decided that the
ptenum chamber pressure would be taken as the
reference static pressure which was applied to the
free stream Mach number calculation.
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Figure 10. Pressure fluctuation.

Experiments with typical conventional wing sections.

|
O
w
T

In order to understand the wind tunnel charac-
teristics, pressure distributions for typical wing
sections should be compared with those obtained in
other wind tunnels. NACA 0012 and 64A410 wing
sections were chosen as typical symmetrical and
unsymmetrical wing sections, respectively.

A1l data in this paper are presented in
uncorrected form and ail tests were conducted for
free transition models.

The 64A410 model of chord length 0.25m was
tested. The open-area ratio of the slotted wall
was set at three percent after some preliminary
tests. Pressure distributions at M=0.70, Cy=0.63
which are shown in Figure 11 are compared with
those obtained at nearly the same test conditions
in NAE high Reynolds number facility(9). Although
as a whole they tend to closely coincide, the dis-
crepancies on the upper surface of x/c=0.2 to 0.4
are presumably caused by the manufacturing error
of the models.

Comparison with the numerical results is shown
in Figure 12. The numerical results were obtained
by the finite difference scheme which was essen-
tially based on the Jameson code(20)., 1In the
numerical calculation, the 1ift coefficient and
Mach number were specified in the same value of
experimental data to be compared with. Numerical
calculation, especially by non-conservative scheme
predicts quite well the shock wave position.

The numerical pressure distributions have the same
tendency as the experimental one but show a little
shift of C, calues compared with experimental data.
The reason for these discrepancies is supposed to
be the numerical Cp values near the trailing edge
do not agree well with the experimental one and the
condition of specifying 1ift coefficient value
which is equal to the experimental value transfers
discrepancies to the whole wing section.

NACA 64A4I10
O Present data 5
Cp M=0700, Cn=0632,Re=3xI0
— NAE

M=070, Cy=0.62, Re=8x10°

Figure 11. Comparison of pressure distribution
data of NAL and NAE.
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M%N=160%30 NCY=
THEORY M=.744 ALP=-0.78 CL=0.329 CD=0.0058

10 R=39 MILLION

AEXPERIMENT M=.744 ALP=-0.01 CL=0.328 C(D=0.0091

Figure 12. Comparison of pressure distributions
from experiments and calculations.
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Aerodynamic coefficients of the Tift, drag
and pitching moment about a quarter chord of the
model are shown in Figure 13. Stivers' results(21)
which were obtained at low Reynolds numbers of one
tenth are plotted in same figure. Tendency of the
present 1ift coefficient C_ versus Mach number is
alike to the Stivers' one at a Tittle smaller Tevel

which is presumably caused by wall interference
effect.

The pitching moment coefficient of the present
data shows great discrepancies from Stivers' one.
Generally speaking, Stivers' results show large
nose~-down moments that increase monotonically with
Mach numbers in comparison with present high Rey-
nolds number data. Reynolds number effect on the
boundary layer about the airfoil model or wall
interference effect is supposedly the origin of
this phenomenon. The counter situation which will
be described later was observed for the NACA 0012
model.

The NACA 0012 wing section model was tested
firstly as a part of initial calibration of the
wind tunnel and secondly as an investigation of
the Reynolds number effect which will be explained
in Section 5.

Pressure distributions at M=0.75, a=4° which
are shown in Figure 14 are compared with those
obtained from Tow Reynolds number test at ONERA
S3MA wind tunnel{22), The difference of the shock
wave position is thought to be a Reynolds number
effect.

Lift and drag coefficients versus Mach number
at 0=0° and 4° are also shown in Figure 15.

NACA 64A410

0.A,0 t@=0°2° 4% Re:l0~14x10°
. Stivers Re=0.9-1.9 x 10°
05 07
Cp x10® Or—r—r——
M
B ot C)CXQQ%)
N
PaN

0
ak

RN
AN

Figure 13. Aerodynamic coefficients of NACA 64A410
wing section.
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The effect of the open-area ratio of the slot-

ted wall were investigated with this 0012 model.

A typical wall effect on the 1ift coefficient is
clearly observed in the difference of 1ift curve
slopes for the different open-area ratzo. After
the calculation of the wall correction ), it is
found tha t?is method gives over-correction in
this casel24),

NACA 0012
-Cp M=075, a:4°
.5
09° O0.A Present
Q
results
Re=14 x 10°
—— ONERA
O} (Free transition
model) 6
Re=4 x 10
©0, UPPER
05p o SURFACE
LOWER Oo
SURFACE
A X/c
o} ! i oAué____}JO
0 f 0.2 0.4 06 OMO

Figure 14. Comparison of pressure distribution data
of NAL and ONERA.
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05 o7 09 05 07 09

Figure 15. Comparison of aerodynamic coefficients
of NAL and ONERA.
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4. Results of new wing section models

Shockless wing section of high-CL.

One of the shockless wing sections which were
calculated by Ehe hodograph method developed by
our 1aboratory 5) was tested. A model which was
named YMOOO2 section having an 11% thickness ratio
was designed to have a fairly high C_ at a Mach
number of near 0.7. The pressure distribution at
the design point (M=0.703, € =0.945) is shown in
Figure 16. A noticeable discrepancy between theo-
retical prediction and the experimental results is
occurence of the shock wave at x/c=0.24.

The shockless pressure distribution was not
found at the neighbourhood of the design point for
a few Reynolds number cases by the experiment.
Presumably, the 1ift coefficient is, in this case,
so large that the experimental pressure distri-
bution does not show the shockless distribution.

YM 0002
Mo cL Rexio”®

o Exp. 0.700 0.99 0.811 13

— Theory 0.703 0.908 0.945 dinviscid
-1.5r
Co
-1-0
-0.5

0
0-5 %
X/c
]_Oc ! 1

1 1 1
0O 02 0&£ 068 08 10

Figure 16. Pressure distributions of NAL YMO0Q?2
wing section.
YM_0002
0.6 0 Re:l2w 14x10°
cL Re = 38— 41 x 10°
L2 065 ¢ Tt X
070 0725 075 0775
Lol
0675
o8}
06}
I l I
04o o) o o o 0 o 00

Figure 17. Polar curves of NAL YMOOO2 wing section.

For the off-design points, the polar curves
are shown in Figure 17. A maximum CL/Cp of about
74 is obtained at M=0.70. The aerodynamic effici-
ency MC_/Cp is of about 63 at M=0.65, CL=0.9 and
of 57 at M=0.75, C.=0.8.

Comparison with the data of the low Reynolds number
testing.

A new wing section called 777-626-13, which
was designed by subsonic theory(26,27 and investi-
gated with the small wind tunnel (0.1m x 0.4m) with
Reynolds numbers of about 2 x 10° were tested at
moderate]y high Reynolds number. Results are shown
in Figure 18 compared with the data of the Tow Rey-
nolds number testing. It is recognized that the
Tow Reynolds number testing predicts (CL/CD)max's
of about 20% less. Leaving the differences of the
wind tunnel, the model and the measuring method out
of consideration, the discrepancies of the polar
curves are significant. The drag divergence Mach
numbers which are defined dCp/dM=0.1 are shown in
Figure 19. Although high Reynolds number results
are favorable at a region of high CL's or low Mpp's,
those results show an unfaborable trend at low Cp's
or high Mpp's. This phenomenon is presumably
caused by the movement of the shock wave position
due to Reynolds number change and will be discussed
in Section 5.
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Mach number
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Figure 18. Polar curves of NAL 777-626-13 wing

section.
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Figure 19. Mpp of NAL 777-626-13 wing section.
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Verification of the method of wing design by
inviscid theory.

A new wing section 75-56-12 which was designed
by the relaxation method was tested. Design proce-
dure of this transonic airfoil having sp cigied
pressure distribution is owing to Tranen?28 and a
compyter code which was used was developed by Ishi-
guro This code is available in either inviscid
or viscous flow design. In this case, design cal-
culation was conducted by inviscid flow of M=0.75
and C{=0.56. The specified supercritical pressure
distributions which have a uniform supersonic region
to the chord length of 0.6 and the experimental
results of the airfoil model are shown in Figure 20.
The pressure distributions on the lower surface
agreed well; however those on the upper surface
show a significant difference for both the Cp tevel
at the supersonic region and the shock wave
position. These discrepancies can surely be im-
proved by design utilizing the viscous flow calcu~
lation. The polar curves for a range of M=0.5 to
0.835 and for two different levels of Reynolds
number are ‘shown in Figure 21. In high Reynolds
number testing, (C./Cp)max's of 40 to 50 show higher
values than those of Tow Reynolds number testing.

75-56-12

~— : Design M=0.75 C=0.561 inviscid

a=0.31°

o.a : Exp.  M=0.75 ([=0.513 o=1.97° Re=26.3x106
Cp
OaP00000C0 . JPPER SURFACE
~-0.8
-0.4}
OO:{
0.4

Figure 20. Pressure distributions of NAL 75-56-12
wing section.

75-56-12
Mach number

26~ 28 x IC°

—2~ Rg =10~ 14 xIC¢

Figure 21. Polar curves of NAL 75-56-12 wing
section.

5. Reynolds number effects

NACA 0012.

Reynolds number effects at high subsonic Mach
numbers were investigated for the NACA 0012 wing
section at M=0.6 to 0.8 and o=0° to 4°. Test con-
ditions are shown in Table 1. The ratio of maximum
to minimum Reynolds number is 6. In Table 1, A, B,
C and D indicate the type of pressure distributions,
which are subcritical, nearly shockless slightly
supercritical, supercritical, and strong shock wave
behind with a fairly large separation region,
respectively.

Mach Reynolds 6 Angles of attack (deg.)
number  number (10°) 0 1 2 33.54 5 6 7
0.60 5.7 - 35 AAAAA - B CCC
0.70 6.4 - 38 A A B C c - -
0.75 6.6 - 42 B BCC-D - - -
0.80 6.8 - 42 cccpbdD~D - - -

Table 1. Test conditions of the NACA 0012 wing
section.

Pressure distributions.

For the pressure distributions of the A and B
type, the Reynolds number effects are similar to
the experiments until have been showing. For in-
stance, the resulting Cp decreases and C{ /Cp in-
creases with Reynolds number increase.

For supercritical conditions, examples of Rey-
nolds number effects on pressure distributions at
M=0.75, a=3°, M=0.8, a=0° and M=0.75, 0=4° are
shown in Figure 22(a), (b) and (c), respectively.
The shock wave position on the upper surface moves
rearward with increasing Reynolds number for all
Mach numbers which were tested, as shown in Figure
22. Collected movements of the shock wave position
are shown in Figure 23. At M=0.70 and M=0.75, the
movements are small, however, at M=0.80, these
become as big as 10% of chord length with Reynolds
number increase. The rate of the shock wave move-
ment to the Reynolds number change is high in the
Reynolds number range from six million to twenty
million at M=0.80. At the other range, movement
is nearly frozen.

Cp
NACA Q012

M=070, a=3.0°

*
Ce

=10+

~0.57 UPPER SURFACE

0.5

X/c
T
0.8

LO T T T
0 02 04 0.6
(a) Pressure distributions of type C.

Figure 22. Reynolds number effects on pressure
distributions.
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Aerodynamic coefficients.

The polar curves for minimum and maximum Rey-
nolds numbers are shown in Figure 24. At M=0.60,
M=0.70 and M=0.75, the polar curves approach the
axis of C_ with decreasing minimum drag level,
then, € /Cp is improved with the Reynolds number

increase. However, at M=0.80, the counter situation
-1.07Crp NACA 0012
\ M=080, a=0°
N \ N
-0.5- N4 Co
A\
O_
Re x10°°
—_— 41
0.5 —_—-— 3.7
———- 6.9
X/c
l- O T i t H H
0 02 0.4 06 08 1.0

(b) Pressure distributions of type C.

NACA 00l2
M=Q75, @=4.0°

occurs. The polar curve moves to the axis of Cp
with increase of the minimum drag level when the
Reynolds number increases. In the meaning of C_/Cp,
the performance of this wing section becomes worse
as the Reynolds number increases. This situation
is also observed in the cases of the wing section
777-626-13 as mentioned in Section 4. A symptom
of this phenomenon was observed for 75-56-12 wing
section. Namely, at high subsonic Mach numbers,
say M=0.8, the 1ift to drag ratio Cp/Cp decreases
and minimum drag level increases as the Reynolds
number increases.

Pitching moment coefficients are shown in
Figure 25. At high subsonic Mach numbers, high
Reynolds number test results show a large nose-down
pitching moment due to the rearward movement of the
shock wave contrary to Figure 13.

6. Conclusion

A high Reynolds number two-dimensional tran-
sonic wind tunnel has been constructed and operated
over a Mach number range of 0.2 to 1.15 and over a
Reynolds number range of 4 million to 40 million.

NACA 0012

X/c 1 ! : : i !
1.O
0 &2 d4 dG d8 TO 0 0] o} 0 OO0l 002 003 004 Q005
(c) Pressure distributions of type D. Figure 24. Polar curves of the NACA 0012 wing
Figure 22. Concluded. section.
a NACA Q012
o 0° C%G OF’ (l§
NACA 0012 o ‘2‘; ; M
06 X/ x 3
+ 4
05f M=070 M=075 M=0.80
X X X v VW
0.4_ x x X +++ A Fay &AZ
¥ wevy A x Rex 1076
x o 00
03 ot A4 0 —0—-35-42
+ o+ 4 o t ot
0.2 X X X % + ~A-57-6.8
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Figure 23. Reynolds number effects on shock wave
position of upper surface.

Figure 25. Pitching moments of the NACA 0012 wing
section,

750



Results of the initial calibration are considered

to have satisfied our expectation.

The wind tunnel

is §uccessfu11y being used to investigate the charac-
teristics of newly developed transonic airfoils at

high Reynolds number in transonic regime.

Reynolds

number effects on airfoil characteristics are ex-
pected to make clear experimentally.
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