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Abstract

Surface oil flow and Schlieren photographs,
centreline pressure distributions as well as
heating distributions on models of the ERNO
lifting body configuration LB-21 are presented
and analyzed. The best data were obtained in
three hypersonic facilit&ea at H;B between 8 and
20 and Regy /f from 5+10" to 9.10”7. The accuracy
of heat trans?er predictions by means of simpli-
fying strip flow and axisymmetric assumptions
are discussed. The influence of crossflow cor-
rections accounting for three dimensionality

is shown. Radiation equilibrium surface tempera-
tures for maximum heating rates observed in the
test program are given.

Nomenclature

speed of sound, exponent

specific heat of model skin

pressure coefficient

diameter of equivalent disk, local body
diffusion function after ref. 8 (width
heat transfer coefficient based on enthalpy
metric coeff.f.curvilinear coord. system
enthalpy

exponent

reference length

Lewis number function after ref. 12
Lewis number

Mach number

pressure

Prandtl number

heating rate

leading edge radius

Reynolds number

surface length in crossflow direction
dimensionlgss skatic enthalpy = i/ig,
2,119 . 10° (ft</s2)

temperature

crossflow velocity

axial velocity

normal component of velocity

streamwise surface coordinate

distance along streamline

equivalent distance

crosswise surface coordinate

angle of attack

yaw angle, velocity grad.param., eq. 4
heat transfer function - eq. 3

wall thickness of thin skin model
emissivity

stagnation enthalpy ration I/Ie

angle measured for stagnation point
sweep angle of lead.edge,heat cond.coeff.
absolute viscosity

Shock standoff angle

density

incremental time
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Subscripts

w freestream condition
0,5 stagnation condition
AW adiabatic wall

€ centreline

e edge of boundary layer
eg effective value

r reference condition

$ stagnation line

w wall condition

Introduction

ERNO Raumfahrttechnik had been permanently en-
gaged in the problems of atmospheric reentry
for a number of years. Investigations in aero-
dynamics, flight control, aerothermodynamics
and thermal control have been conducted in
conjunction with configuration developments.
Experience shows that theoretical studies and
wind tunnel testing does not suffice for a
thorough expertise in reentry technology. This
leds to the proposal for an experimental free-

flight vehicle which may be launched by the
EUROPE I launcher and reenters the atmosphere
from a 200 km - orbit. Preliminary investi-
gations which are discussed in ref. 1 resulted
in a lifting body configuration shown in fig.1.

MAIN DIMENSIONS OF LB-21
Fig.1

The vehicle with a grogs-weight of approx.

1500 1bs (W/S8:100 kp/m“)attaine max. lift to
drag ratios of 4.5 in the subsonic region and
1.3 in hypersonic flight. This paper will focus
attention on recent results of hypersonic heat
transfer experiments with different small-scale
models of the proposed configuration. The
investigations have been conducted under con-
tract of the Federal Ministry of Education



and Science (BMBW-GFW) in close cooperation
with the DFVLR and the Technical University at
Aachen. Special emphasise was given on the
angle of attack variation at the max. heating
flight regime. Comparisons with theory were
made in order to define the appropriate metho-
dology for computing flight heating rates in
further trajectory shaping and material in-
vestigations.

Analytical Techniques

Under the aspect of minimization of the total
heat input a high angle of attack flight is
desirable due to the reduced reentry time.

This implies a considerably complication since
the flow field is significantly modified by
threedimensional effects. Furthermore the
pressure gradients imposed on the boundary
layer by the inviscid flow are not in the direc-
tion of the outer flow which causes transverse
components of motion within the surface f?gw

as has been clarified by several authors.( »3)
A simplification yield the decoupling of the
three-dimensional boundary layer as in the case
of incompressible flow. Approximatly the inde-
pendence principle might be used by neglecting
higher order terms in the crossflow velocity
and the lateral derivatives with respect to a
streamline coordinate system/*5®

The methods of incompressible boundary layers
remain applicable at high Mach number flows if
compressibility correlationd” are used.

However the application of small crossflow
theories requires the detailed knowledge of the
inviscid three-dimensional flow field which
could not be treated analytically for the pro-
posed configuration. Therefore simplifying
assumptions are necessary to describe the boun-
dary layer edge conditions. The modified New-
tonian theory was used for pressure calculations
on the spherical nose as well as on the yawed
leading edges. For the bottom centerline the
Newtonian pressure after an expansion from the
stagnation point to the surface angle was
compared with predictions obtained on a pointed
cone with the semiapex angle taken as the angle
of attack and in addition with the following
value for a sharp wedge:

2 (sincx) sin [+ f) (1
cos (])

The difference [ between the angle of attack
and the shock angle was taken from Schlieren
photographs (fig. 7 and 8). Corresponding to
the flow field estimations, simplifying heat
transfer prediction methods had to be employed.
The heat transfer distributions on the blunt
prow and the cylindrical leading edges were
calculated by the method of local similarit
developed by N.B. Cohen and I.E. Beckwith!8s'
This was accomplia?ed in applying the following
set of equations!®
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Where the heat transfer function GAMMA is
defined as

1+ F '
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and the velocity gradient parameter:
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The prime at fy of eq. 3 denotes the differen-
tiation of the wall enthalpy ratio with respect
to the normal similiarity coordinate m . As
can be seen an iterative procedure is regquired
because of the interdependency between f# and
(ful%)o). A simplification was obtained by the
use of.the correlation equation for (% Ywe)
given in ref. 8. This method was also applied
for the estimation of the spanwise heat trans-
fer distribution on the windward side at angle
of attack. The crossflow calculations were
started at the windward centerline with a
crossflow velocity-gradient analogous to that
»n a circular disk normal to the freestream
velocity vector. This gradient is given by
a correlation ?roposed from M.H. Bertram and
A. Hendersoni®

due ) , e3.14- B ). S
[a—yﬁ-—){-tans RTEE ST - (5)

The term ag,N is the stagnation sonic velocity
for the freestream normal component VN,@ =VeoSina;
R is the edge radius and D is the diameter of
the equivalent disk or the local body width.
Since this gradient implies a relationship to
the stagnation point velocity gradient on a
sphere the absolute heating rate on the center-
line was obtained from the similiarity solution
for the axisymmetric stagnation point. A rude
estimation of the spanwise pressure distribution
consisting of a slight decay from the theoreti-
cal centerline value to a infinite cylinder
atagnation pressure on the leading edge shoulder
followed by a Newtonian expansion over the
leading edge had to be applied because of a

lack of experimental data. As discussed later
this estimation does not fit the measured
heating distributions in all sections. An im-
provement might be expected from supplemental
pressure measurements. The absolute local heat
transfer on the blunted outer edges and the slab
portion was finally obtained by relating the
resulting distributions on the appropriate
stagnation values given by the correlation
equationd® (6)and(7) for the sphere and the
infinite yawed cylinder respectively.

B0 20.767-(§ e ;7 Quhhal) "+ Procy *~ (d ugdx): * liaw -iw)

(6)
G, = 057 (Se ey - 18, A 0 Pry ™ LU ) liaw= i)
(7)

Where the exponent "a" is taken as 0,45 for
£ 4%—f1and 0,67 for density-viscosity pro-
duct ratios greater than 1. For reasons of



comparison results from the laminar §, u,method
originally developed by R.A. Hanks have been
included. As is shown in ref.11 the application
of the streamwise momentum integral equation

in connection with the Reynolds analogy and the
definition of an equivalent length coordinate
leads to the following laminar flat plate ana-
logy for the heat transfer coefficient:

h=0332 -2 ( Sy My Ue )”
Pr, 0645 Xeq, am

2 denotes the diffusion function after Fay and
Riddell''?! which becomes 1 with Le = 1. Equation
8 is generally applicable in laminar flows
provided the pressure gradient and flow history
effects on the streamline are accounted for by
a proper definition of §, 4,and Xeq,.am - This
implies the opportunity of treating three-
dimensional boundary layers by taking into
account streamline divergence effects. In the
present application this was accomplished by
calculating Xeq,Lamon the windward centerline
by means of the Vaglio-Laurin!5' expression for
streamline curvature:

1 8h; _ 1 Bue
h, 3% Ve ds
The equivalent d%stance was then obtained from:
f h: dx
Xeq i _J_._i____
ILAM, hz

(8)

19)

(10)

The crossflow-velocity gradient was again taken
from eq. 5 but by eassuming a sharp leading edge
in order to obtain a direct solution for Xeq., am-
The reference value of the density-viscosity
product ¢, 4, was replaced by the boundary

layer edge value § 4for strip calculations. For
stagnation line heating predictions eq. 8 has
been used in connection with the XeqeLAu and

9+ My correlations given in ref. 11." These
equations were developed from similiarity
solutions discussed before.

Facilities and Test Conditions

Several hypersonic facilities have been engaged
during the course of this program in order to
extend the prediction on a wider range of the
reentry trajectory and to provide the possibi-
lity of data comparison.

TABLE 1 - SCHEDULE OF EXPERIMENTAL
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Fig.2

The discussed test data were obtained in the

20 in. Shock tunnel of the Techn. University at
Aachen'™, in the 20 in. and 6 in. hypersonic
Blow Down tunnels of DFVLR at Porz/Wahn'™' and
in the 10 in. -Low Density tunrel of DFVLR -
AVA GSttingen!'. The test conditions are shown
in fig. 2 and may be seen in detail from table1.
A pneumatic injection technique was applied in
both latter, long operating tunnels providing
on insertion time toward the center of the
order of 0.1 seconds.

Test Methods and Data Reduction

Various measurements techniques have been
applied due to different operating time and
maximum model scale available in the facilities.

INVESTIGATIONS
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Fig. 3

Two model scales were employed. A 1/10 scale as
shown in Fig. 3 was utilized for the shocktunnel
testing and the thermal mapping tests in the
20 in, Blow Down tunnel wher=as the models for
6 in. resp. 10 in. channels at Porz/Wahn and
G&ttingen were scaled to 3/100.The Shock tunnel
measurement on the windward and leeward side
have been obtained from separat runs where the
sting was mounted on the side ppposite to the
instrumented surface in order to avoid sting
effects. Heat transfer and pressure measurements
as well as Schlieren photographs have been
carried out. The sixteen thin film heat transfer
and sev-n piezo pressure gages on each side were
located along the centreline and in sections
normal to the leading edge.
The data were then reducted from osc1llo%raphs
by the well known methods by R.J. Vidal'®) and
others. The effective measurement time was of
the order of 2 milliseconds. Additional heat
transfer data were obtained from thermal mapping
tests. A four color-change paint has been used
on 0,10-scale molded silicon rubber model and
three different rated Tempilaq coatings on the
smaller Stycast - model. Average thermal pro-
perties of YAgC:00u7E )Jfor silicon rubber and
0.0246 for Stycast respert1ve1y have been
assumed. Motion picture photography with a
framing rate of 34 frames per second was uti-
lized in recording the progression of the
isotherms over the model, 16 mm - color film for
the Thermocolor tests and black- and - white
film for the Tempilaq measurements have been
used. The first step in data reduction procedure
was the tracing of isotherms by projection the
films on enlarged photographs of a grid model
taken at the appropriate positions.
The heat transfer coefficient may then be de-
termined from the solution if the governing
transient one-dimensional heat conduction
equation given in ref. 17.
A detailed analysis regarding the accuracy in
applying this equation on thermal mapping tests
has been given by several authors\®
Nevertheless, a simplified reduction technique
provide comparative measurements on spheres con-
structed of the material under consideration.
The time-dependent progression of the isotherms
may than be related to heat transfer calculations
providing calibration curves due to each color
or phase charge history. Fig. 4 shows exg:rimen-
tal data obtained from Schepers and Will
spheres of different radii where THERMOCOLOR and
TEMPILAQ coatings have been applied.

The theory of local similiarity (eq. 2 through
6) has been used in calibrating these results.
Thermocouples installed ‘in the stagnation
region of the models indicated the initial
temperature rise which is of particular inte-
rest. The time between two runs has been taken
care to be long enough for the reproduction of
isothermal conditions on the model. In addition
to the heat transfer measurements Schlieren

and oil flow pattern photogﬂn?hs have been
taken from the Stycast model% In the Low
Density tunnel of AVA GSttingen the transient
thin skin technique has been used for local
heat transfer measurements. The 0.03 scale
nickel model was fabricated by an electro-
forming technique. For the temperature measure-
ments Nickel-Chromium wires of about 0,04 ir.
diameter were soldered into the 0,08 in. wall
forming in this connection Ni-Cr-Ni-thermo-
couples. The transient temperatures were then
recorded on an U-V-oscillograph and simultane-
ously differentiated with respect to the time.
The local heat transfer was calculated from

the following heat balance equation

§ (371,/3T)

w= gv:"cw' (1)

TMIN< Te TMAX

where §,8,,,C,, denote the wall thickness and
density respect. specific heat of the model
material,

Nine thermocouples were located along the
centreline and on three stations at the lea-
ding edge. The measurement time did not exceed
1 second in order to avoid significant lateral
heat conduction.Before each run the model was
cxposed to a cool airstream to provide isotherm.
conditions.

Construction of Calibration Curves for Thermal Mapping Tests

(1) EXPERIMENTALLY DETERMINED COLOR AND PHASE CHANGE HISTORY
Thermocolor

Jempuloq,

12) HEAT TRANSFER DISTRIBUTION ON
CALIBRATION SPHERE'S (Ry =175 and 300mm )

10 .~ Inermocolor nﬂmh
u. . 112
v 236 108N/m? r. 31
09 = r, » 1023K  BBOK
Ale »383K ghg.un
q © T = LBOK O Tpe = 377K
08 Dl SIK OTpe » 477K

— S-nuhu-n Solution

—

[1] 1
Fig.4 8



Results and discussion

Only windward surface data are discussed in the
following since the fuselage bottom is exposed
to the most critical pressure and thermal loads
at high angle of attack flight. The data are
ompared with laminar heat transfer calculations
because no indication of transition was ob-
served. Of considerably interest with respect

to a proper interpretation of heat transfer

and pressure distributions are surface flow
studies.

OIL-FLOW _
PATTERN OF
LB-21

=910°
Po = 245 10%[N/m2]
To = 8B0°K

o =15°, 0 =0°

Fig.5
Figures 5 and 6 show photographs of oil flow
patterns taken from the LB-21 Stycast model

after runs with 150 and 30 angle of attack.
Along the blunt leading edges the expected
crossflow patterns for swept cylinders may be
seen. The streamline rise provides a decrease
of nose influence on the leading edge atot= 30°,
The stagnation line appears located on the
cylindrical portion in both cases but has
shifted considerably toward the leading edge
shoulder for 30%°inclination. The streamlines on
the flat bottom show gn inflow toward the fuse-
lage centreline at 15°but become almost straight
at 30° angle of attack. This phenomenon would
be changed substantial at higher angles of
attack when crosswise gradients start to turn
the flow out of the centre. On the upper sur-
face nose bluntness effects may be detected

at both angles of attack. A centre region of
increased pressure may be defined where the
flow is processed through the bowed shock in
front of the spherical nose. The dissipation

of the prow effect provides an outflow from the
leeward centreline. At 30° angle of attack flow
separation seems to appear shortly above the

\n

juncture to the cylindrical leading edge.
Supplemental Schlieren photographs have been
taken at Mach 8.9 in the Blow Down tunnel and
at Mach 7,85 in the Shock tunnel. The figures
(7)and (8) show side photogr, taken in both tunnels
at various angles of attack. Only the freestream
conditions for the Shock tunnel runs belonging
to the pictures on the right are noted in the
figures.

The heat transfer analysis may be started on
the centreline. Fig. 9 shows pressure distri-
butions on the plane of symmetry which were
obtained in the Shock tunnel at Mach 7,85 and
13,87. The data are related to the stagnation
pressure after a normal shock and have been
plotted over a surface coordinate starting at
the actual stagnation point on the sphere due
to the angle of attack. This surface coordinate
was normalized by the total model length in
planview measured from the theorectical apex

to the trailing edge (fig. 3). Analytical
values for the windward side were obtained from
the modified Newtonian theory as well as from
sharp cone and wedge calculations with the
semiapex angle taken as the angle of attack of
the fuselage. At zero inclination the data lie
consistently above the value for zero. pressure
coefficient., This is caused by nose bluntness
and viscous interaction effects in the forward
portion and by induced pressure due to leading
edge bluntness in a larger distant from the
blunt prow. The bluntness effects on the centre-
line rapidly diminish while increasing the angle
of attack resulting in a constant pressure

at o = 45°,

OIL-FLOW _
PATTERN OF
LB-21

Mo = 8.9
Reg/ft = 9 10°

P = 2 45108 [N/m?]
To = 880°K
oCs=30°, A=0°

Fig.6



REN PHOTQOGRAPHS OF LB-21

Mg =785 Reao/ft =61 10%

Fig.7

SCHLIEREN PHOTOGRAPHS OF LB-21

Mo = 785 Reg, /1t = 61 10°%

"

of « 30° n=0°

Fig.8
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Fig.9

Fig. 10 shows the corresvonding heat transfer
distributions where the data have been norma-
lized by means of the appropriate stagnation
point value¥ Tt should be noted that the sur-
face coordinate is now measured from the nose
tip in order to show the stagnation point shift.
The laminar g u flat plat method (eq. 8) has been
applied with respect to different pressure
aesumptions as inciceted in the figure. At
angles of attack 15% to 45° the strip theory

was modified by the sharp delta wing crossflow
correction to account for streamline divergence.
In addition the modified similiarity solution
using Bertram & Hendersons''”' circular disk
correlation for the crossflow velocity gradient
is showvn. A parallel shock front at the bottom
was assumed for 15° and 300 angle of attack
whereas the wedge pressure from egq. 1 was
applied at « = 45°

The similiarity solution in this acaption seems
to overpredict *he centreline heating at 15°

and 30°, At & = 45° the results fall slightly
below the shock tunnel data.

Fig. 11 represents a comparison of theoretical
two-dimensional calculations with test results
on the blunt leading edge. The location of the
stagnation line has been determined from the
infinite cylinder equation:

sSin a

* 1
Ay coso-cos A +tan B.sin A (12)
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The value on the leading edge was then obtained
from the local similiarity solution extended

to the theoretical expansion angle. The results
have been related to the stagnation line hea-
ting rates predicted by the ¢, pand Cohen
similiarity infinite cylinder theories calcu-|11I
lated at the appropriate effective sweep angle:

sin Ay =cos P+ cos o -sin A-sinP-cos A (13)

The g, pm,-values lie consistently above the

Cohen solution probably due to the applied

¢y M, -correlation. The legding edge psedictions
fit the data well at o = 0" and « = 45 but
overpredict the test results at a= 30°, This
discrepancy may be declared by an increasing
influence of the flat bottom on the blunt
leading edge causing a more rapid stagnation
line shift than predicted by eq. 12. This
phenomenon has been discussed earlier by A.L.
Nagel et all!

At 450 angle of attack the stagnation line ie
finally shifted toward the bottom centreline

and infinite cylinder solutions appear to under-
predict leading edge heat transfer.

The interdependency between the flat bottom

and the blunt leading edges may be studied to
more extent from circumferential heating dis-
tributions. The figures 12 through 15 summarize
the test data obtained at Cross-section 3,5 and
7. The normalized heating rates have been
plotted over a spanwise surface coordinate which
was related to the local width of a section
normal to the leading edge.

Theoretical values were obtained from the in-
finite cylinder similiarity solution applied
directly on the blunt leading edge or in a modi-
ficatiod® on the crosswise flow starting at the
bottom centreline with the circular disk -

| . |
i b R eume —
| +~ STAGNATION LINE
g l | T ¢ :
[T [ 12 “luwl 24 8
Fig.12

velocity gradient from ref. 10. In addition
strip calculations with different pressure
estimations are shown at 15 and 30 degree
angle of attack.

o a15% Na0®
" cs-;;g
] 3 ' B
4 Knee ) WINOW ——= LEEW - w H
STRIP THEORY aNFINITE cy o, i Lm'“u-‘,_ +
- Teaz ? { 2
ol .:;'ﬁ.ﬁ?e::r weooe odny, 4 o
: N TANGENT CONE PRESSURE “O(j;~.. " & - -~
i CIONA A '
(COMTRELNE WALUES witw | | I - -

! CROBGPLOW CORRECTION )

B L B 8
T “[—!” —
CEiThe e ——
]
i
P 1 2
« !
A
. 5
I T A
w 18
1 -
SYMBOLS My & SERIES &
: s :l" ]
- | % |
- nr s 1
a4 8 W
UL D
S CENTRE U
. .
!huwn! .




The ¢, M,theory has been applied by simply assu-
ming length coordinates on lines parallel to the
centreline with the starting point at the stag-
nation line. On the centreline the increase of
the strip flow value by application of the sharp
delta wing crossflow correction is shown.

For zero angle of attack fig. 12 confirms
the underprediction of stagnation line heating
by the infinite swept cylinder theory. The
difference diminishes toward the rear of the
body which indicated nose bluntness effects.
This is verified by the fact that the data
off the centreline are well predicted by the
infinite cylinder solution. :

At & = 15° fig. 13 shows a considerably scatter
of the test data. However, the stagnation line
heating still appears to be underpredicted but
no systematic decay of the difference may be
observed.

The Tempilaq data taken at the higher Reynolds
number in addition indicate a stronger flow
expansion toward the outer edge than the Shock
tunnel data. The strip flow and crossflow cal-
culations both underestimate the heating level
on the flat bottom in accordance to the stream-
line pattern shown in fig. 5. Nevertheless on
the centreline the modified crossflow solution
provides the best heating prediction.

An improved accuracy in heating predictions
by the crossflow solution can only be expected
at higher angles of attack when crosswise
gradients start to predominate. Fig. 14 A shows
this effect at thirty degree angle of attack
for the forward section 3 where the flat por-
tion is very small and the flow directly expands
from the centreline.
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However, due to the straight streamlines seen
from the oil flow photograph the crossflow
theory greatly overpredicts the bottom heat
transfer at greater distances from the nose.

The stagnation line is believed to be still
located on the cylindrical leading edge. For
a proper prediction of the cylindrical heating
distribution the stagnation line shifting due
to the pressure adaption on the windward side
must be taken into account.

Fig. 15 generally shows the same phenomenon
for 45 inclination. It may be noted that the
half shaded symbols in this plot indicate
Tempilaq data taken at Mach 11.2 and 40° angle
of attack.

The shock tunnel results are underestimated
by the crossflow solutions off the centreline
and the heating level on the slab portion seems
only to become flat with growing distance from
the apex. A maximum heating appears in the
forward portion near the sonic point of the
lateral velocity followed by an essential decay
toward the leading edge.



Nevertheless, the Newtonian theory applied for
the infinite cylinder calculation as well as

for the crossflow expansion provides a stronger

pressure decay than indicated by the heat
transfer data.

The centreline heating rates obtained
from strip flow calculations with oblique
shock boundary layer edge conditions and sharp
delta planform crossflow correction agree
well with the similiarity stagnation point
value (eq. 6) modified by a crossflow velocity
gradient which accounts for edge bluntness.

This demonstrates that at large angles
of attack leading edge effects do not exist
any longer on the flat portion and the flow
is processed through the local shock envelope.

Finally some data on the LB-21 centre-
line obtained from G. Koppenwallner and
D. Vennemand?"in the Low Density Nitrogen
tunnel of AVA GSttingen may be shown. The
measurements have been conducted at Mach
numbers near 21 with a variation ofRe_[pfrom
48-10%to11-10%This implies flow conditions above
the continuum_ﬁegime with M.ﬁﬁbqh-factors
between 7 + 10° and 1 - 107 .
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Fig. 16 shows the heating distribution along
the centreline over the stagnation pressure
and Reynolds number range at zero angle of
attack. The data indicate a strong decay from
the nose to the aft end. The absolute heating
level increases with stagnation pressure but
the data fall essentially into one curve

when normalized with the appropriate value
from the gage 1 at the geometrical stagnation
point.

In Fig. 17 the angle of attack dependency
of centreline heating distribution is con-
sidered at a freestream Reynolds number per
foot of 9.36 « 10‘. The local heat transfer
is related at each run to the heating rate
experienced from the nose tip gage.

The data are plotted over a surface
coordinate measured from the tip and norma-
lized by a theoretical length according to
previous notations.



As might be seen from the figure the heating
level is continuously increased with angle
of attack.

In addition a decrease of the nose in-
fluence is indicated producing on almost linear
decay at & = 35°, Reference measurements on a
0.3 in. sphere have shown a good agreement
with L. Lees' theory?! when the correction
function of Ferry and Zakkay'?? accounting
for vorticity interaction was applied.

Those interaction effects also appear
to be of considerably influence over the
forward portion of the lifting body at lower
angles of attack.

Surface Temperatures

One of the main objectives of heat transfer
studies is the definition of local temperature
histories on the proposed configuration\?
Thermal mapping tests are often used in de-
velopment phases since they provide a quick
survey on surface heating when reference values
from calibration measurements are applied.
However, problems arise in extrapolating those
data to flight conditions according to the
incomplete simulation capability. Therefore

it had been proposed to evaluate the thermal
environment for the full &cale vehicle by
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application of the heat transfer coefficient
ratio (h/hyos) instead of the heating rates.
The local adiabatic wall temperature at flight
conditions may then be taken into account.
This has not be done in the present study but
a rude estimation will be shown for complete-
ness.
Fig. 18 summarizes radiation equilibrium tempe-
ratures resulting from Thermocolor-tests at

Mg = 11,2. The temperatures were directly
evaluated from the experimental heating rates.
Results according to 40~ angle of attack on the
lower surface are combined with zero angle of
attack data for the upper side in order to
show the highest possible temperatures.

TI*K),




Concluding Remarks

The foregoing study has illustrated some of
the problems involved in the definition of
thermal environment on delta planform reentry
vehicles. The flow fields over these vehicles
are three-dimensional and change considerably
with angle of attack.

Different effects due to fuselage bluntness
and shock interference must be taken into
account. However, calculations have shown that
realistic estimates of heating rates can be
made by means of simplified assumptions pro-
vided three-dimensional effects are accounted
for. In order to evaluate those influences
heat transfer tests, pressure measurements and
flowfield visualization techniques remain
necessary until satisfactory analytical pre-
diction methods for the inviscid flow field
are available.

Thermal mapping tests have been shown to be
an useful implement in heat transfer investi-
gations even for quantitative analysis.

Summarizing we may say that on the pro-
posed highly blunted lifting body configuration
the flowfield on the windward side is essen=-
tially influenced by the blunt prow and the
leading edge.Whereas bluntness effects on the
flat bottom rapidly diminish with increasing
angle of attack those effects remain
in regions close to the leading edge at higher
angles of attack.

Supplemental pressure measurements and flow
field investigations would be helpful in
interpreting those phenomena as well as in
extrapolating test data to actual flight
conditions.
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