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Abstract

Results from investigations in the
NAE high Reynolds number two-dimensional
test facility on two classical NACA
airfoils and two contemporary super-
critical airfoils have been presented.
The results have been compared with other
published experimental data. Comparisons
have also been made with results from
theoretical calculations performed at NAE
for subcritical as well as supercritical
flow, incorporating boundary layer
displacement effects for some subcritical
cases. Experimental and theoretical
results have compared favourably.

The comparisons with other experi-
mental data have demonstrated good
correspondence in some cases as well as
gross discrepancies in other cases. For
the latter, the discrepancies have been
attributed to Reynolds number effects or
differences in experimental techniques.

I. 1Introduction

In recent years there has been a
strong resurgence of the interest in the
development of airfoil sections for high
subsonic and transonic speed as well as
in determining more fully the aerodynamic
characteristics of standard airfoils at
these speeds and particularly examining
the influence of Reynolds number.

This renewed interest in high speed
(or transonic) characteristics of airfoils
has, by necessity, brought with it the
development of new test facilities as
well as of more advanced theories.

One such new development is the high
Reynolds number two-dimensional test
facility at the National Aeronautical
Establishment in Ottawa. This facility
was commissioned in late 1969 and has
since been in frequent use not only by
NAE but also major aircraft companies and
other research organisations.

Many types of airfoils hrave been
investigated, some rather conventional
and others of contemporary design. It is
the purpose of this paper to present some
of the more interesting and open results
from these investigations, which will
include not only the aerodynamic
characteristics of the airfoils themselves
but also results related to problems
particular to two-dimensional testing,
where wall interference is of much more
concern than in three dimensional tests.

Canada

Since the facility has been fully
described in other publications(i,2),
only a brief description will be provided
for the sake of completeness, including
some new features which have added to its
usefulness.

II. Brief Facility Description

The NAE 5 ft x 5 ft blowdown wind
tunnel(3) has an air storage capacity of
50,000 cu.ft at 21.2 atm and 2i°c. The
wind tunnel shell structure is designed
for 17 atm internal pressure. These are
two main factors that limit the potential
Reynolds number performance of this wind
tunnel. Because of running time
limitations the 5 ft x 5 ft test section
can only be operated at a fraction of
the maximum allowable pressure, but by
using a reduced test section area
operation at higher pressure is possible.
In order to take full advantage of the
capabilities thus offered to produce high
Reynolds number for two-dimensional tests,
the 15" x 60" test section (the "2D
insert") was constructed, which can be
assembled in the 5 ft x 5 ft transonic
test section of the wind tunnel, see Figs.
1 and 2. The Reynolds number performance
achieved through this arrangement is
depicted in Fig. 3. At high subsonic Mach
numbers a Reynolds number of 40 x 106 is
possible for a 1 ft chord model, as
corpared with 15 x 106 in the 5 ft test
section for about 10 seconds run time.

In the 2D insert design special attention
was paid to the control of the sidewall
boundary layer (4). Boundary layer bleed
slots are located at the 2D inlet
contraction to remove the rather thick
boundary layer from the 5 ft tunnel side-
walls (the upstream 5 ft x 5 ft parallel
section is about 45 ft long). Around the
model location the sidewalls are made of
porous material allowing distributed
suction, as indicated in Fig. 1. This
system has proved very effective in
promoting two-dimensional flow over the
full span of the model -- the adverse
effect of the sidewall boundary layer 1is
effectively eliminated in this way. The
amount of air removed through sidewall
suction is relatively small, % to 1% of
the tunnel mass flow has proved sufficient
in most cases. Because of the method of
suction, the "sucked away" air is bled to
atmosphere, a performance limit is imposed
as indicated in Fig. 3. The curves
labelled relative suction velocity
represent the maximum amount of suction
available for given combinations of Mach



number and Reynolds number.

Normally the top and bottom walls of
the test section have 20.5% porosity (17
rows of %" straight holes at 1.04"
spacing). However, the porosity can
easily be reduced by covering rows of
holes with streamwise metallic strips and
the facility has been operated at 6%
porosity.

The model is supported on two 3-
component balances which rotate with the
model. With the recent installation of
a modern data system it is now possible
to use a fast scanning pressure
measuring system and a fast traversing
sidewall mounted wake rake system (see
Fig. 1). Simultaneous force, wing
pressure and wake traverse measurements
are now made. The pressure measuring
system allows the scanning of 80 surface
pressures and a full wake survey in 2.5
seconds.

In order to eliminate the decay of
Mach number during high pressure runs,
caused by the adiabatic heating of the
air in the wind tunnel in the starting
process 1,2 , a Mach number control
system has been installed. The basis of
this is a hydraulically operated servo-
controlled flap in the diffuser throat,
which is governed by the test section
static pressure. This system is capable
of holding the test Mach number constant
to within #0.001 during a run.

III. Quality of Wind Tunnel Flow

The 2D insert has been calibrated
at both 20.5% and 6% porosity by taking
pressure measurements on a centre line
probe and the sidewall centre line. 1In
addition some boundary layer measurements
have been performed. For reasons later
explained it is preferred to operate with
the 20.5% porosity and calibration data
relevant to this configuration only are
presented. Results from calibration of
the ?% porosity configuration are given
in(37,

Fig. 4 shows the centre line Mach
number distributions in terms of Mach
number difference between the local Mach
number and a reference Mach number as
measured on the sidewall centre line.

The figure covers a Mach number range
from M = 0.55 to M = 0.92 at constant
stagnation pressure. There is no
appreciable pressure gradient along the
whole parallel section of the wind tunnel.
With increasing Mach number, however, a
slight difference develops between the
sidewall and the centre line distribution
and the data also show larger scatter
near the test section centre line. This
situation is probably promoted by
imperfections in the flatness of the
porous sidewall panels The effect of
sidewall suction is small but noticeable
as exemplified in Fig. 5. There is a

slight positive pressure gradient in the
region influenced by suction. This
gradient may be significant enough to
influence the drag as measured by the
sidewall balances. The displacement
thickness of the sidewall boundary layer
as determined by measurements with a
traversing pitot grobe just downstream of
the porous panel ( +2) with no suction
applied is 0.1" for test conditions
corresponding to those in Fig.4. With a
moderate amount of suction, say %% of the
tunnel mass flow, the thickness is reduced
by about 50%.

From sound pressure measurements using
a microphone mounted in the free stream
just upstream of the 2D inlet the curves
in Fig.6 have been derived. The overall
sound pressure level in dB is plotted
versus the pressure ratio across the
control valve, The noise is primarily
generated by the control valve, and it is
seen that a pronounced peak occurs as the
pressure ratio becomes critical. From
these results it may be concluded that the
turbulence level at the entrance of the
2D insert is between 0.4% and 0.8% which
is further reduced, by a factor of about
5, to 0.1% to 0.16%, due to the 4 to 1
contraction ratio. However, the perforated
top and bottom walls will obviously
contribute to the turbulence level in the
test section, but these contributions are
primarily in the high frequency regime
and are not expected to alter the above
figure significantly. Because of the high
turbulence level it has been the practice
to perform tests with natural transition
only.

Some flow angularity has been observed.
Measurements with a symmetrical airfoil
have indicated about -0.3" (7).

IV. Results for Conventional Airfoils

NACA 64A410

An example of a classical airfoil
section investigated in the 2D insert is
the NACA 64A410 section. Two models of
10" and 15" chord and with 57 pressure
holes along the centre chord were tested
at Reynolds numbers varying from 8 to 36x
106. Both 20.5% and 6% wall porosity were
used in these investigations, which have
been documented in(5,6),

Some selected samples of data from
these tests will be discussed below to
demonstrate:

i) agreement in subcritical pressure
distribution between NAE and
classical NACA experiments (8) .
correspondence in subcritical
pressure distribution between

15" chord models at NAE.
viscous effects on calculated pressure
distributions in comparison with
experimental data.

discrepancies between NAE and NACA
section coefficient data.

ii)

10" and

iii)

iv)



v) Reynolds number effects on super-
critical pressure distributions,
NAE vs NACA data.

vi) correspondence between calculated and

experimental supercritical pressure
distributions.

A typical example of the agreement
in subcritical pressure distribution is
shown in Fig.7. The two test conditions
are not fully identical, the differences
being in Reynolds number, chord to height
ratio and geometric aspect ratio. Further-
more sidewall suction was applied in the
NAE case. For this particular condition
of subcritical flow and a moderate lift
coefficient none of these differences,
except possibly the sidewall suction is
considered to be of significance.

Good correspondence in subcritical
pressure distribution for the two NAE
models is displayed in Fig.8. The
slight difference in the character of the
pressure distribution on the forward
upper surface is attributed to profile
errors which are rather large on the 10"
model. The generally good agreement in
data displayed in Figs. 7 and 8 indicates
that for these types of conditions,
interference effects from the top and
bottom walls on the character of the
pressure distributions are negligible.

Viscous effects on calculated
pressure distributions are displayed in
Fig.9. The theoretical pressure
distributions are in both cases computed
for the same Cy as the experimentally
determined one used for the comparison.
It is seen that including viscous effects
is important in these types of calcula-
tions, even at this high Reynolds number,
and considerably improves the agreement
between calculated and measured data.

The inviscid flow calculations were done
using relaxation methods for solving the
exact potential flow equations. The
viscous flow calculations were performed
in an approximate way using a method
similar to the Lock-Powell-Sells-Wilby
scheme (9-11) |

Noticeable discrepancies between

NAE and NACA section coefficient data
are displayed in Fig.10. In the Cn_ vs M
graph, the broad band representing NAE
data was obtained using the 10" and 15"
models at both 6% and 20.5% porosity and
applying appropriate wall corrections

12,2 The difference in Cp, at the
highest Mach number is probably due to
the large difference in Reynolds number
between the NACA and NAE data. Here the
flow is supercritical and Reynolds number
can be expected to have significant
influence. At the lower Mach numbers,
with subcritical flow, Reynolds number
assumes a less important role and
there is good agreement. A more
significant difference between NAE and
NACA data is displayed in the upper part
of Fig.1l0, showing Cp versus Cp. The

&

thick band comprises NAE data as obtained
on both models from pressure integration
as well as sidewall balance measurements
and at the 6% and 20.5% wall porosities.
The NACA data were obtained from sidewall
balance measurements (8). Although it
cannot be conclusively demonstrated,
believed that these rather large
differences are due to differences in the
experimental technique; the NAE tests
being performed with sidewall boundary
layer control while no corresponding
control was applied in the NACA case.

it is

Reynolds number effects are likely to
be most pronounced in supercritical flow
and in Fig.l1l such a case is presented,
where low Reynolds number NACA data are
compared with high Reynolds number NAE
data. The low Reynolds number data show
a smooth pressure recovery over the upper
surface, with some trailing edge
separation. In the high Reynolds number
case a strong shock occurs causing a more
pronounced flow separation.

Good correspondence between
calculated and experimental pressure
distributions for supercritical flow is
demonstrated in Figs.l2a and b. The
cases chosen are a low Reynolds number,
slightly supercritical case and a high
Reynolds number, highly supercritical
case. The theoretical pressure
distributions were obtained by inviscid
potential flow calculations using
relaxation methods according to a
procedure recently developed at NAE by
Kacprzynski(43 The good agreement in
the shock region is quite remarkable.

It should be noted that while the
comparison is based on "same Cy” there is
a difference in incidence. The
theoretical incidence is 0 while the
uncorrected incidence in the wind tunnel
is 2¢ and 2.4° respectively. Estimated
wall corrections and flow angularity may
amount to about -1°, which leaves a
significant difference that cannot be
accounted for.

NACA 651—213

One of the airfoil sections investi-
gated at NAE, for which it has been
possible to find comparable flight test
data, is the NACA 651-213 section. The
flight tests(14,15) which included
pressure and accelerometer measurements
were ccnducted on a Lockheed F80 aircraft,
which is basically a straight wing
configuration. The pressure measurements
referred to in the following were taken
on the inner "clean" position of the
wing and the accelercmeters, mounted near
the aircraft CG, were used as buffet
detectors.

The NAE data were obtained for a 15"
chord model with the 2D insert top and
bottom walls at 20.5% porosity. The
investigation was carried out at Reynolds
numbers as high as 45 x 106. 1In Figs.



13a and b the pressure distributions from
flight and wind tunnel are compared under
nearly identical values of Mach number,
Reynolds number and normal force co-
efficient.

Fig.l3a is for a slightly super-
critical case at M = .71 while Fig.13b is
for a highly supercritical case at M =.75.
The pressure distributions are in fairly
good agreement. Naturally the flight
test data show more irregularities since
some aeroelastic deformation of the air-
foil shape in flight can be expected. It
is remarkable, that in spite of this the
agreement in the shock region is so good
for the M = .75 case, Fig.1l3b.

A comparison of buffet boundaries
given in Fig.l4 show very good correspon-
dence between wind tunnel and flight.

The flight test data were determined from
accelerometer readings (13) while the NAE
data arc based on observing the
divergence of the pressure on the upper
surface near the trailing edge, x/c =
0.95, applying the criterion 9Cp/3Cy =
-0.4. This criterion has been chosen in
the absence of a well defined break in
the pressure incidence history. Although
it may seem rather arbitrary, it is based
on correspondence observed with buffet
onset as indicated by the sidewall
balance for several other airfoils. The
comparison is for a Reynolds number of

17 x 10%. 2s mentioned, the NAE
investigation was carried to a Reynolds
number of 45 x 106 and it is seen in the
right hand part of Fig.l4 that there is a
slight increase in the buffet onset
velocity at this highest Reynolds number .
but not much change tor Reynolds numbers
from 17 x 106 to 35 x 106.

The upper part of Fig.l4 shows
typical histories for the trailing edge
pressure at Re = 17 106 indicating the
points of buffet onset. It should be
noted that buffet occurs well before
CNmax for this airfoil.

V. Results for Modern Airfoils

As an example of research on
contemporary airfoils at NAE, some
results on the NLR shockless symmetrical
airfoil 011-0.75-1.375(16) and the
Garabedian-Korn shockless lifting airfeil
(17,18) are presented. The NLR
symmetrical airfoil is an 11.6% thick
quasi-elliptical section with a theoreti-
cal design Mach number of Mp =0.78612.
Results from NLR tests on this section
are reported in(l9) and some of those
results will be referred to in the
following.

The 10" NAE model has 60 pressure
holes along the centre chord with 49
located on the "upper" surface. A
comparison of theoretical and actual
model dimensions is given in Fig.l15.
Corresponding data for the forward part
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of the NLR model of the same section are
also depicted in the figure, demonstrating
very similar degree of, accuracy in the
contour of the two models.

Some representative results obtained
at NAE at a Reynolds number of 21 x 106
are given in Figs.l16 to 20. A typical
subcritical case is presented in Fig.l6
giving the pressure distribution near
zero lift in comparison with inviscid
theoretical results. The Cy value (CN =
-0.011) is derived from balance measure-
ments (insufficient number of pressure
holes on the lower surface does not permit
accurate pressure integration for normal
force) and has been used for the theoreti-
cal calculations. The general agreehent
is good although it does appear that the
theoretical suction peak has not been
fully realised in the experiment. A
comparison with NLR results for the design
case(19) is given in Fig.l17. The NAE
results were obtained in the same way as
the NLR results. From a series of tests
with small variations in Mach number and
incidence those results that most closely
agreed with the theoretical design curve
were chosen to represent the design case.
There are some notable differences between
the two sets of data. The NLR results are
in much closer agreement with the
theoretical design curve, while the NAE
results show definitely the existence of
a weak shockwave at 20% chord. Nearer
the leading edge the results are in very
good agreement, and this latter would
suggest that model discrepancies can be
discounted when explaining the differences
between the results. The differences can
probably be attributed to Reynolds number
effects. The sensitiveness of the pressure
distribution, experimental as well as
theoretical, in the shock region to small
changes in the free stream parameters
(M, o) is indicated in Fig.1l8. These
results illustrate the difficulties one
encounters in attempting experimentally
to determine conditions for shock free
flow.

A further comparison with NLR results
is given in Fig.l9 which shows the drag
coefficient near zero lift as obtained
from wake pressure measurements. The
differences in data at Mach numbers below
Mp is consistent with the difference in
Reynolds number; above Mp the NAE and the
NLR fixed transition data overlap while
the NLR free transition drag values are
somewhat lower.

A demonstration of the steadiness (or
unsteadiness) of the flow for supercritical
conditions is given in Fig.20. These
results were obtained by performing
several pressure scans during one wind
tunnel run. There is noticeable un-
steadiness of the pressure in the shock
region and some minor fluctuations on the
upstream part of the airfoil while down-
stream of the shock the flow exhibits a
very stable character. The only plausible



conclusion to be drawn from this is that
in supercritical flow the supersonic
region is slightly unsteady.

It is worth noting that in both the
NAE and NLR experiments the design Mach
number was determined as Mp = 0.789, which

is 0.003 higher than the theoretical value.

The good agreement between the NLR and
NAE results is quite remarkable when one
considers the differences in the experi-
mental arrangements and Reynolds numbers.
At NLR slotted walls with 10% open area
were used, model aspect ratio was 2.5,
chord to height ratio 1 to 3.05 and side-
wall boundary layer control was not
applied. At NAE the perforated walls had
an open area of 20.5%, the aspect ratio
was 1.5, chord to height ratio 1 to 6

and sidewall boundary layer control was
used. This good agreement is for
practically shockless flow, where the
interaction between the weak shock waves
and the boundary layer is very small in
both the high and the low Reynolds number
cases. In off-design conditions, with
strong shock waves, much larger effects
of Reynolds number are to be expected.

A full account of the NAE investi-
gation of this airfoil is given in(20),

The second example concerns the
shockless lifting airfoil No.l designed
by Garabedian and Korn. Results from an
earlier investigation of this airfoil
were presented in(21,22). The main
purpose of the previous investigation was
the verification of the Garabedian theory.
The experimental part of the investigation
was performed at 6% wall porosity, without
automatic Mach number control and with a
slow pressure scanning system. Although
the reported results confirmed the theory,
it was thought worthwhile to further
investigate this airfoil and to see if
better agreement in pressure distribution
could be obtained in the modernised
facility, in particular to find an
explanation for the difference between
the theoretical and experimental design
Mach numbers 0.750 and 0.765 respectively.
This second investigation included the
determination of CNpax and buffet
boundaries at various Mach numbers. The
data from this investigation is fully
reported on in{23)., For experimental
design flow conditions improved agreement
between experimental and theoretical
pressure distributions is obtained, Fig.
21. In Fig.22 results from four consecu-
tive pressure scans during one wind tunnel
run are shown. Although the individual
scans exhibit hardly any scatter in the
results, as compared with the results
from the earlier investigations, see
Fig.21 for example, there are notable
differences between the various scans in
the shock wave region. These results
are similar in character to those obtained
with the shockless symmetrical airfoil
(Fig.20). The fact that the recent
results show much less scatter as

compared with earlier results is
attributed to the successful operation of
the Mach number control system and a fast
pressure scanning system in the recent
investigation.

An interesting consequence of these
variations of pressure in the recompression
region has been investigated by
Kacprzynski. He performed boundary layer
calculations using the Nash-Macdonald
method (24) with the measured pressure
distributions representing the pressure
field. The results of these calculations
are plotted in Fig.23 which depicts the
boundary layer displacement thickness over
the chord of the airfoil,calculated for
the pressure distributions corresponding
to the four different pressure scans.

The instability of the boundary layer near
the shock wave and its correspondence with
the observed pressure oscillations is
quite obvious.

The maximum lift and buffeting
characteristics were investigated over a
limited Mach range 0.5<M<.77 for a
Reynolds number of 21 x 106. The results
are summarised in Fig.24 which shows CN vs
o and buffet boundaries, both as determined
from balance measurements. The character
of the CN versus o curves around CNpax is
generally flat suggesting that this airfoil
has gentle stalling characteristics at
high Reynolds numbers. This is further-
more supported by the pitching moment
results, which show only small variations
with incidence, even in the stall-region,
for the Mach numbers investigated.

Buffet condition was determined
by observing the onset of oscillations for
one of the downstream normal force elements
of the sidewall balance. The onset of
buffet was very gradual and a clear buffet
onset condition was therefore difficult to
determine. For M<0.70 pronounced buffet
was observed well beyond CNpax with
incipient buffet at about CNpay- For the
design Mach number, Mp =0.768 pronounced
buffet was observed at Cnpgx and
incipient buffet at a slightly lower
incidence. In the latter case the
behaviour of the pressure versus
incidence over the rear upper surface has
been investigated. In Fig.25 the pressure
coefficients for chord stations x/c =
0.95, 0.85, 0.75 and 0.65 have been
plotted versus incidence. Good correspon-
dence is demonstrated between pressure
divergence at the 0.95 station and the
occurrence of incipient buffet as
indicated by the balance. 2an interesting
phenomenon is the break in the pressure
profile with incidence occurring at 3.8
which corresponds to the onset of
pronounced buffet as sensed by the balance.
No plausible explanation for this break in
the pressure profile and its relation to
buffet can be offered. It is worth noting
that with the standard NACA 651-213 airfoil,
previously discussed, buffeting occurred
well before Cyp,y while this modern airfoil



is buffet free up to CNpsys Within the
investigated Mach number range.

The drag coefficient as determined
by wake pressure measurements is plotted
versus Mach number for constant values of
Cy in Fig.26. It shows the interesting
feature that in the drag rise region,
M>0.75, the airfoil drag is fairly
insensitive to the value of Cy for CN<
0.65, actually more so than at M = 0.7.
For comparison, drag values of the 10%
thick NACA 64A410 section at Cy = 0.58
(the experimentally determined design
value for the shockless airfoil) are
shown. These clearly illustrate the
advantage in drag that can be offered by a
properly designed supercritical airfoil.
It should be mentioned that the theo-
retical design Mach number for this
airfoil is Mp = 0.750. The design Mach
numbers determined experimentally are
0.765 and 0.768 for 6% and 20.5% wall
porosity respectively. Theoretical
direct calculation by Garabedian and
independently by Kacprzynski confirms
that the Mach number for shockless flow
is M = 0.750. For the time being no
well supported explanation for this
discrepancy between theory and experiment
can be offered. It is known that the
wind tunnel model suffered from some
significant profile errors{(21,22) and
this in combination with boundary layer
displacement effects may be the main
reason for this discrepancy.

VI. Some Problems Encountered in
Two-Dimensional Investigations

It was mentioned in Section 3 that
it is preferred to operate the facility
at a porosity of 20.5%. The main reason
for this is the result of a wall
interference study by Mokry(12), which
shows that the flow curvature effect due
to wall interference is a minimum near
this porosity. BAlthough the correction
to angle of attack will be larger at
20.5% than at 6% porosity, it is felt
that this is to be preferred rather than
having to introduce a somewhat uncertain
correction due to flow curvature in
addition to an angle of attack correction.
Furthermore, the empty tunnel calibration
data show a smoother character at the
higher porosity. The wind tunnel can also
be operated at a higher Mach number than
in the low porosity case.

The main factor which adversely
influences the two-dimensionality of the
flow over the model is the interference
between the model and the sidewall
boundary layer. The need for minimising
this interference is particularly
important at transonic speed. The
approach taken in the present facility
with distributed suction has proved
successful and evidence to that effect

has been given in previous publications
(2,6,25) .

Fig.27 taken from®’i1lustrates the
effect of suction on the model surface
flow for a supercritical case. Some
recent data from simultaneous balance and
pressure measurements (this possibility
did not exist in earlier investigations)
to further demonstrate that with adequate
sidewall suction two-dimensional flow can
be achieved for a variety of conditions
is presented in Fig.28. This shows a
direct compadrison between the normal
force coefficient obtained from balance
measurements along the centre line of the
model. The data presented in Fig.28
represent a variety of conditions for both
the shockless 1lifting airfoil and the NACA
64A410 airfoil with adequate sidewall
suction applied (Vp/Ve = 0.005 - 0.006).
The agreement is generally very good,
implying that two-dimensional conditions
exists over the full span of the models.
The points of high Cy for the shockless
lifting airfoil, which show larger
deviations, are for supercritical
conditions with strong shock waves, where
the shock induced boundary layer
separation may destroy the two-dimension-
ality of the flow.

The equality of wake drags at various
spanwise locations might be taken as
another indication of two-dimensionality.
However, results obtained at NAE have
not provided very good evidence to that
effect. The results presented in Fig.29
were obtained for the shockless lifting
airfoil using the sting mounted wake
probe described in (1 Measurements were
made at three different streamwise
locations with the three pitot heads
positioned as illustrated in the figure.
The most downstream location corresponds
to the position for the sidewall mounted
wake rake. The results show that the
drag level is not influenced by the
streamwise position of the measuring
station and that the spanwise variation
in drag is consistent for the three
streamwise stations. Bearing in mind that
each set of three values represent one
wind tunnel run it has to be concluded
that the spread in drag values with span-
wise position is genuine and not to be
interpreted as scatter of data. These
spanwise variations in drag could
possibly be caused by variations in the
transition position along the span,
although at this high Reynolds number the
expected variations are likely to be very
small. Similar large spanwise variations
in drag have been observed in two-
dimensional tests at NPL(26), although at
a much lower Reynolds number but with
fixed transition. This raises some doubt
as to the attainable accuracy of drag
data from two dimensional tests. Drag
data obtained by balance measurements
generally do not agree with wake drag
results. In Fig.29 the balance drag
which is obtained by summing the balance
chord and normal force components in the
corrected free stream direction
(corrected for flow angularity and wall



(2,7,12) has been

interference based on
included for comparison. No balance data
have been given for the M = 0.8 case
since wall corrections are not known for

this Mach number.

The balance drag data show good
repeatability but are consistently lower
than the wake drag data by about 0.0025.
This discrepancy could possibly be
explained as a buoyancy effect due to the
pressure gradient induced by sidewall
suction. Applying the pressure gradient
deduced from Fig.5 we obtain a buoyancy
correction to the drag coefficient of
-0.0020 which is close to the observed
discrepancy. It should be noted that
although the calibration data in Fig.5
are for a "typical" case, they do not
truly represent any of the conditions in
Fig.29. Whence the buoyancy effect can
only be offered as a plausible but not
conclusive explanation of the observed
drag discrepancies.

VII. Conclusions

Results from investigations in the
NAE high Reynolds number two-dimensional
test facility on two classical NACA
airfoils and two contemporary super-
critical airfoils have been presented.
The results have been compared with
other published experimental data.
Comparisons have also been made with
results from theoretical calculations
performed at NAE for subcritical as well
as supercritical flow, incorporating
boundary layer displacement effects for
some subcritical caszes. Experimental and
theoretical results have compared
favourably. The comparisons with other
experimental data have demonstrated
good correspondence in some cases as well
as gross discrepancies in other cases.

The main conclusions to be drawn
from the presented results are that:

i) for supercritical conditions
Reynolds number effects on pressure
distribution and section co-
efficients are significant.

ii) for supercritical conditions the

flow in the supersonic region on

shockless airfoils is slightly
unsteady.

shock wave position and buffet onset
for a straight wing aircraft may be
adequately predicted by high Reynolds
number two-dimensional testing.

iii)

iv) adequate and economical numerical
methods now exist for the calculation
of both subcritical flow, including
boundary layer displacement effects,

and inviscid supercritical flow.

v) differences in experimental techniques

may be the major cause for
differences in experimental regults

-7~

vi) wake pressure measurements offer the
best known drag value. However,
interpretation of drag results
requires knowledge of transition
position, for which no adequate
method seems to be available for
high Reynolds numbers.

vii) wall correction with regard to
balance drag and stream direction
for supercritical flow conditions
remains an unsolved problem.

NOMENCLATURE

b test section widtih, model span

H test section height

c model chord

Cn normal force coefficient

Cn pitching moment coefficient around

25% chord

Cpw drag coefficient from wake measure-

ments

Cpp drag coefficient from balance

measurements .

Cp pressure coefficient PPy

Jewo

Cp* critical pressure coefficient

M free stream Mach number

Mp design Mach number

MRef test section reference Mach number

AM Mach number difference,M(local)—MRe

P local static pressure

P free stream static pressure

P, free stream stagnation pressure

Jdw free stream dynamic pressure

Re Reynolds number based on airfoil

chord

Vn suction velocity = velocity component

normal to porous sidewall

Voo free stream velocity

X test section streamwise coordinate,

model chordwise coordinate
AY difference in thickness coordinate
between actual and theoretical
model dimensions

o incidence

&g geometric incidence = angle between
airfoil chord and test section
centreline

§* boundary layer displacement

from various sources,particularly
for supercritical flow conditions;
sidewall boundary layer control is
desirable.

thickness
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