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COMPARISON OF HEAT TRANSFER MEASUREMENTS IN FREE FLIGHT
AND IN A WIND TUNNEL AT M = 7 AT SIMILAR REYNOLDS NUMBERS
AND TEMPERATURE RATIOS.

Bo Lemcke*, Alan Naysmith*¥*,

Abstract

A free flight model (a paraboloid of revo-
lution) was designed and built at the Royal
Aircraft Establishment in England. Prior to
the flight from the Woomera range in Austra-
lia it was tested in the hypersonic tunnel
Hyp 500 at the Aeronautical Research Insti-
tute of Sweden., At M = 7.17 it was possible
to simulate Reynolds number and cooling
ratio. As the same model and the same in-
strumentation was used in both cases, near-
ly perfect aerodynamic simulation was
possible.

The heat transfer results from the two ex-
periments are in close agreement and agree
well with theoreticel predictions for la-

minar end turbulent boundary layers.

The transition Reynolds number in flight
was lower than in the wind tunnel. There
are indications that vibrations from the
rocket motor affected transition in flight.

The transition Reynolds number varied during
flight in & way that suggests that the
boundary layer was affected considerably by
changes in angle of incidence. No compa-
rable effect was detected during the wind
tunnel tests.

1l. Introduction

For many years, free flight measurements

of heat transfer and pressure distribution
have been conducted by the Royel Aircraft
Establishment (RAE), in Farnborough. In the
spring of 1965 it was observed that the
hypersonic wind tunnel Hyp 500 at the Aero-
nautical Research Institute of Sweden (FFA)
could almost perfectly simulate the free
flight conditions which RAE's hypersonic
test vehicle, Jabiru, encountered at M = 4
and 7. The following cooperation was there-
fore initiated:

i. Models should be designed, built
and instrumented at the RAE.

These models should then be sent

to FFA where they would be tested
in the tunnel Hyp 500. In this test,
Mach number M, Reynolds number Re
and the ratio of wall temperature

ii.
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to free stream temperature T /T
expected in the flight would Yhe ®
simulated as closely as possible
and heat transfer and pressure
distribution would be measured.

iii. The model would then be sent back
to RAE to be fitted to the test
vehicle and flight tested on the

range at Woomera,

For the first test of this series a simple
shape (paraboloid) was chosen (see Figs.l
and 2).

the model on the test

Figure 1., Picture of
vehicle

Model holder for tunnel test

ra 5 1794V

x Thermocouple
¢ Pressure tap

Figure 2. Shape of model and location of
thermocouples and pressure taps.
A1l lengths in mm,



The distribution of wall thickness along
the generator was designed to give uniform
wall temperature for the whole part of the
model covered with a laminar boundary layer.
The purpose of the experiment was twofold.
First, reliable experimental results fo¥
heat transfer and pressure distribution c:
a blunt shape should be generated to check
existing methods of calculation..Second, to
use the perfect simulation possible (equal
M, Re, T,/T, and identical model) to check
the experimental accuracy of the two tests,
especially of the influence of trensition.

The tests in the wind tunnel are described
in detail by Thomann (1).
the model was fired from the Woomera range

in Austraelia., A detailed description of the

vehicle, the calibration and the data trans;

mission is given by Picken (2). The flight
and the date reduction are described by
Naysmith in (3). An independent reduction
"of the flight data was conducted by Lemcke
at FFA. In the present paper the essential
part of this work is collected and the re-
sults are compared. Gocd agreement between
the experiments and between the experiment
and the theories used for comparison of the
heat transfer data (4), (5) were found. Un~

expected was the observation that transition

in flight occured at a lower Reynolds num-
ber than in the tunnel, There are strong
indications that this was caused by motor
induced vibrations.

.Only a few published comparisons between
tunnel tests and free flight heat transfer
date are known to the author. In his survey
paper, Poisson~Quinton (6) gives an example
of excellent agreement of both heat trans-
fer and transition at M = 2. The second
example he quotes stems from the French
Berenice project. Good agreement for a la-
minar boundary layer on & re-—entry body at
M = 10 was found. In (7) results of the
X-15 project are shown.

2. Model and instrumentation

( common to both tests)

The model was a paraboloid of revolution
(Fig.2) 240.8 mm long followed by a short
cylindrical section terminating in a cir-
cular base. The shape was generated by ro-
tating the curve r = 5.1794 {E?(dimension
in mm) about the x axis. The model was
machined from solid inconel and the wall
thickness varied from 4,43 mm at the sta-
tion of the first thermocouple near the
nose to 0.88 mm near the base. The distri-
bution of thickness was designed - using
approximations that in the event proved to
be less accurate than had been anticipated-
to give a uniform temperature in laminar
flow at a represeuntative Mach number.

After these tests,

A highly polished radiation shield of
chromium-plated mild steel was fitted in-
side the model about 6 mm from the wall,

It suppressed internal heat transfer by ra-
diation,

The model was instrumented with 25 chromel-
alumel thermocouples arranged along three’
generators symmetr%cally digposed’round the
model ( § = O, 120" and 240°) as shown in
Fig. 2. The wires, which had a diameter -7
0.1 mm, were individually spot-welded to
the inside of the model wall at points
approximately 0.25 mm apart.

The surface pressure orifices had a dia-
meter of 1.05 mm. They were connected with
copper tubing, of internal diameter 1.75 mm,
to the pressure transducers.

3, TFree flight test.

The Jaribu MK.2 is a three-stage hyperso-
nic rocket vehicle. It was fired from the
Woomera range in Australia. Approximately
18 seconds after launch the model, still
attached to the third stage of the rocket,
attained a Mach number of 8.61. Radio Dopp-
ler measurements and kinetheodolite records
were used to determine the trajectory. Com-
bined with meteorological data (pressure,
temperature and wind speed) from meteoro-
logical balloons and standard radiosonde
equipment, the informetion needed to re--

duce the heat transfer measurements ("still

air velocity" Ugo » Too @nd pep ) was ob-—
tained., This informetion is shown in Figs.
3 and 4.
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Figure 4. Free stream conditions as func-~
tion-of flight time

A high speed multiplexer connected to stan-
dard telemetry equipment was used to trans-
mit the output of 18 thermocouples to the
ground. These thermocouple outputs (3-11,
13 - 17 and 19 ~ 22 on Fig. 2) were recor-
ded every 0.0106 seconds. Of the remaining
thermocouples two (2 and 12) were sampled
every 0.127 seconds and the rest every
0.254 seconds,

Variable inductance pressure transducers
were used to measure the pressures. Their
output was telemetered to the ground via a
multiplexer, sampling some of the outputs
every 0.25 seconds, some every 0.12 seconds.

Further instruments used were 4 accelero-
meters for longitudinal and lateral acce-~
lerations, a magnetometer for measuring
the rate of roll, and a thermistor em-
bedded in the thermocouple cold junction
tray.

Al]l airborne telemetry signals were re-
ceived on the ground and recorded on mag-
netic tape in analogue form.

Information about the accuracy of the whole
system is gained by comparing the measured
and transmitted pressure at the stagnation

’

point of the vehicle with the value cal-
culated from the flight velocity and the
atmospheric data, During the whole flight,
the difference was less than 2% and at
M= 7.17 it was about 1%.

-4, Wind tunnel tests

Before the flight the model was tested in
the hypersonic tunnel Hyp 500 at FFA at
M = 7.17. The tunnel is of blowdown type
with a test section diameter of 500 mm, a
stagnation pressure of about 100 bar and
a stagnation temperature of about 700°K.
This resulted in a Reynglds number
o Uoco D/Meo =5 . 109, which is essen-
ielly the value attained in free flight.
The Mach number distribution in the test
section is shown in Fig.5.

Top

710
718 g 7.08
720 - 706
“.\ 7.04
-50 0 50 100 251 300mm
706
708
710
712
714
18
718
720 e
20—
7.22 — _n
Location of model
/End of nozzle
Bottom
T

Figure 5, Mach number distribution in the
test section of the wind tunnel

The model was mounted on an injection de-
vice which moved it into the established
flow field in the test section. This result
ed in very good initial conditions for the
heat transfer measurements. In order to si-
mulate the correct ratio of wall temperature
to free stream temperature, the model could
be precooled with solid 002 to about 2009K.
Full details of the experimets are given

in (1). :



5. Data reduction

The temperature measurements were reduced
to heat transfer rates and are presented in
the following way.

St = P‘—_qmum (hr-hw)

Here Pog and Ug, are the density and the, ve-
locity in front of the shock wave and hy

is the enthalpy of the air at surface tem-
perature and pressure¢, The recovery en-~
thalpy hr was calcylated from

(1)

h =h +r (ho - he)

with r = 0.842 for laminar flow and r = 0.9
for turbulent. flow. The stagnation enthal-
py h_and the enthalpy h_ at the outer

edge of the boundary layer were calculated
from T,y 5 Ugey and the measured wall
pressures assuming that the entropy at the
outer edge of the boundary layer was equal
to the entropy behind a normal shock. Real
air properties were tak=n from (8).

Surface temperature and heat transfer rate
were deduced from the measured backface
temperature T using the following expres-
sions . '

2 2,4 .2
_ Pc ac dr ﬁcd d°r
Tw(t)_T(t). % at "t o2 agd e (2)

- temperatures Ty (s) for

' - 223 2 3 5' 3
3 ()= dT . pcd dT+g3cd a’T
q (t)= peca " TR 5z S 17082 E¥3+(3).

which are based on the assumption that the
properties of the material (p,c,k) are con-
stant across the wall and that the backface
of the wall is insulted, The g from Eq.(3)
were corrected for conduction effects (at
RAE only) and for radiation losses to space.
Internal heat transfer by radiation was pre-
vented by the radiation shield.

At this point, however, the idea of perfect
simultation of the flight in the tunnel
comes to its end, as in flight the q is
about 10 times the q in the tunnel.The heat
‘conduction in the wall is therefore no
longer similar. In the tunnel test the
temperature across the wall was essentially
wniform and therefore, only the first terms
in Eqs.2 and 3 were needed., In flight,how-
ever, the difference between the surface
temperature and the inside temperature was
as high as 100°C and could no longer be neg-
lected. Therefore, three terms had to be
taken into account in Egs.2 and 3.

The time derivatives were determined.in
different ways. At RAE a least squares
third degree polynomial was fitted through

171 points, covering 1.8 sec of the real

flight time. All derivatives were deter-
mined in the middle of the interval.

At FFA a straight line was fitted through
70 points covering an interval of 0.74 sec.
From this dT/dt was determined. Through
these dT/dt another straight line was fitted

and d2T/dt2 was determined from this. The
third derivative was determined in the same

way. :

For the tunnel test, straight lines througn

5 or 11 points were used giving essentially

the same results, but with increased scatter
for the 5 point data.

These methods have the drawback that the
past history and the future have the same
influence on the slope in the middle of the
interval, whereas physically only the past
counts. Just before transition occurs a
slope somewhere between laminar and turbu-
lent is therefore determined, instead of the
laminar one. This was the case for M = 4.17
{Fig.7). These data were therefore reduced
with a method developed by Lemcke which
takes into account only the past.

6. Regults, comparison with theory

Heat transfer

The measured Stanton numbers and the wall

@ = 0° are plotted
in Figs. 6 to 11 for Mach numbers from 3.57
to 8.17. Also indicated were the real-gas
stagnation temperatures T , as the varia-
tions in wall temperature®should be compared
with T - Ty. For lower Mach numbers the
datae r8duction was difficult because of the
small difference between T and Ty . In
Figs.1l2 and 13 the results’of the tunnel
test at M = 7.17 are shown, These results
are compared with theoretical prediction
for laminar and turbulent boundary layers.

For the laminar case the conventient me thod -
suggested by Crabtree et.al, (4) was used.
It is based on Eckert's reference enthalpy

) (4)
and an equivalent flat-plate length X con-

nected with the physical length s along the
surface by

h* =0.5 (hy+ he) + 0.22 (hr - he

a/p*,u* u, r° ds
=9 (5)

X = * % 2
PH Ue r

vith " = @ (n; p,) end ¥ = M(n")
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Figure 10. Stanton numbers and wall tempera-
ture. 6
Flight test at M = 7.17, Re = 5.32 . 10

The effect of the pressure gradient is taken
into account with a factor a defined as

2 X dlUe
5 R (6)

=]

a=0,332 [1 + 0,1853

With these expressions, the heat transfer
rate q becomes

¥ ~2/3 |
q:a,qﬂ‘x&;n* (h, -0y (7

Good agreement between theory and experi-
ment is found as can be seen in Figs., 6 to
11 for the flight test. The same is true

for the tunnel test (Fig.12). The diffe-
rence between the theoretical predictions
for flight and tumnel is mainly due to the
different temperature levels of the tests.
In flight at M = 7.17 the reference tempe-
rature was around 13000K eand in the tunnel
it was around 400CK.

For the turbulent case, a computer program
based on a method suggested by Walz (Rechen

methode II + Chapter 5.2. and 5.3 in (5)),
was used. It is based on integral equations
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for momentum, energy and mechanjcal energy
and takes into account the variation with s
of Ty . As the prediction of the latter
ceifect is not too well supported by experi=
~ents, results for Ty(s) = const. as well as
‘or the actual distribution Ty (s) are in-
cluded in Figs.6 - 11. It is seen that the
uncertainty introduced by the nonuniform
surface temperature is smell, Also in this
case the agreement between experiments and
theory is good,

Pressure distribution

In Fig. 14 the pressure distributions at

M = 7.17 in flight and in the tunnel are
compared. The pressures are shown relative
to the values predicted with the modified
Newton theory. Both experiments are close
to this simple theory, the tunnel results
being somewhat higher, probably due to the
variation in free stream Mach number shown
in Fig.5.

Transition

From the heat transfer measurements the lo-
cation of transition was determined. In the
wind tunnel test a small surface irregula-

Tity (3 mm long, 1 mm wide and about O.lmm

high) was present in front of the generator
containing the thermocouples 12 to 17. With
the uncooled model (Ty/T = 0.426) the flow
on generators 1 to 11 an8 18 to 2% was com-
pletely laminar, After removing the irregu-

larity, the onset of transition on gene-
rator 12 to 17 moved from s8/D = 0.4 to

/D = 0.,9. With the cooled model

(Tw /T. = 0,324) only the generator 1 to 11
was fufly laminar, On the other two gene-
rators transition started at about s/D=0.3
and 0.4, No tests wighout surface irregula-
rity were made, At 5° angle of attack tran-
sition was close to the end of the model as
can be seen from Fig. 13 (no surface irre-

gularity).
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Figure 14. Normalized pressure distribution,
flight and tunnel test at M = 7.17

For the free flight test, results were
quite different. Large parts of the model
were covered with a transitional or turbu-
lent boundary layer, as can be seen in

Fig. 15. It is believed that the early tran-
sition is caused by motor-induced vibra-
tions or by an angle of attack of the ve-
hicle.

The first cause was investigated in the
following way. Between the burnout of the
second stage and the ignition of the third
stage there is an interval of about 0.2 sec
with reduced vibrations during which the
boundary layer, according to the hypothe-
sis, should be laminar.,Therefore, straight
lines were fitted through the temperatures
and extrapolated to the center of the in-
terval, If the flow remains turbulent
through-out the lines should intersect at
a shallow angle, if the flow is turbulent
before and after but laminar in the inter-
val, the line at the later time should be
approximately parallel to the earlier line
but at a lower temperature as indicated in
Fig.1l6.

It can be seen that the agreement is as
good as can be expected, especially if the
uncertainty in the length of the interval
with laminar flow is taken into account.
The small AT for s/Dz 1 can be explained
by assuming that natural transition without
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Figure 16: Method used to investigate the
influence of vibration on tran-
sition at M = 5.05

vibretions is present in this range, which
is an agreement with the tunnel tests.

The accelerations of the vehicle normal to
the axis of symmetry were measured. 90% of

the readings were in a band of pa 0.4 g with
a predominant frequency of about 5 cps.This
iy mentioned to give some indication of the
type of vibrations present.

As can be seen in Fig, 15 the 1r0lling mo-
tion of the vehicle relative to the magne-
tic field of the earth is correlated with
the motion of transition on the model sur-
face. This suggests an angle of attack
effect. Howgver, this is contradicted by the
fact that 5 angle of attack in the tunnel
had a small influence on transition(Fig. 13)
while the angle of attack in flight was be~
low 1° (from pressure measurement).

7. Coneclusions

In the present case of nearly "perfect
aerodynamic simulation" of the flight in a
wind tunnel, good eagreement for laminsr and
turbulent heat transfer rates was found.

'Perfect simulation is not possible, as the

conduction in the wall was different for
the two cases (much higher q during the
flight) and as air is not an ideal gas in
the whole temperature range. Both effects
can be taken into account theoretically.

In flight transition occured at & lower
Reynolds Number than in the tunnel. It is
likely that motor-induced vibrations are
the cause but some indications exist that
a smell angle of attack had some influence.
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