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Abstract

The aims and results of recent research
principally at A.R.A. into some design problems of
subsonic transports are described. The emphasis
is on how to obtain low drag in cruising flight and
satisfactory buffet-free performance over the full
flight envelope. In particular, the paper discusses
how to design a three-dimensional wing to exploit
recent advances in two-dimensional section design
and how to devise satisfactory nacelle installations.
The paper stresses the continuing need for research
on the tunnel test techniques required to simulate
flight behaviour, and to establish the exchange
rates involved in design compromises between aero-
dynamic and other requirements.

1. Introduction

Over the past few years, a considerable amount
of aerodynamic research relevant to subsonic trans-
port aircraft has been undertaken at the Aircraft
Research Association (A.R.A.) in Bedford. The
research has been concentrated in areas where it is
possible to use the A.R.A. experimental facilities,
notably the 9ft x 8ft perforated-wall transonic
tunnel supplemented by an 18inch x 8inch inter=
mittent pressurized tunnel which is now producing
two-dimensional aerofoil data at a Reynolds number
of about R = 7 x 108, The main emphasis therefore
is on the drag in the cruise condition and on the
study of the off-design performance, stability and
control characteristics over the complete flight
envelope from a Mach number of say, M = 0.4 upwards.
There is no strictly low-speed tunnel at A.R.A. and
so take-off and landing problems are not studied
directly.

Wind-tunnel research to help the designer of a
subsonic transport can be broadly classified under
four headings, viz,

Fundamental research, e.g. to improve the
methods for calculating the pressure
distributions and boundary layer
characteristics over wings and bodies

in isolation and in combination. In
other words, research to improve the
methods and tools available to the
designer,

(1)

Research to understand the performance of
specific aircraft designs, to highlight
their problem areas and so, to enable the
designer to build more intelligently on
past experience,

(2)

Closely allied to (2), research to help

the designer interpret an aircraft
specification in terms of suitable wing
pressure distributions, isobar patterms,
nacelle installations etc. The distinction
between (1) and (3) therefore is that (3)

(3)

is research to establish desirable targets
for the designer while (1) is research to
help the designer to achieve these targets,

Research to improve testing techniques so
that the full-scale flight behaviour can
be predicted successfully from tunnel
results.

(4)

Most of the research at A.R.A. comes under
headings (2), (3) or (4). The paper describes some
of the ways in which recent research is likely to
contribute to the design of improved three-—
dimensional sweptback wing-body combinations and
underwing or aft-fuselage nacelle installations.
Increasing emphasis is now being placed on aimed
research of type (3) but several of the illus-
trations in this paper have been taken from an
analysis of data for various specific layouts, i.e.
work of type (2). It should be stressed that the
work at A.R.A. forms part of a national effort
embracing other establishments and industry.

2. Wing Design

2.1 The High-speed Design Aims

In the past, one of the most powerful selling-
points for a new subsonic transport has often been
an increase in cruising speed and hence, a reduction
in block time as compared with its predecessors.
This may still be true in the future but only to a
reduced extent. Rather, the emphasis will be on
designing the most economic aircraft to meet a
given specification. This will entail finding the
best possible compromise between the aerodynamic,
structural and engineering requirements. The change
in emphasis also means that the best "high-speed"
aerodynamic wing design is itself a compromise
between various objectives. The probable aims would
be to obtain
(a) the highest possible HD’ the Mach number

for the onset of the rapid increase in wave

drag at a given C , for a given thickness/chord

ratio and sweepback. This may be better
expressed by saying that the ain will often

be to achieve a target value of with the

thickest possible wing, for the sake of
lower structure weight, increased fuel
capacity etc. and with a modest and not too
extreme sweepback for the sake of better
take-of f, landing and off-design
characteristics,

(b) To

judge from a recent study! of the cruise
drag of a number of subsonic transport
aircraft, this particular objective should
be given added prominence in the initial
design stage,

as low a drag as possible at M = M.



(¢) also, the smallest possible initial rate
of increase of Cph with M beyond M = MD.
Tois point is important since the best
cruise performance is usually obtained at
a laca number possibly 0.02 - 0.03 in
excess of MD and there will always be a

tendency on occasion to fly as close to
the buffet boundary as possible,

(d) a satisfactorv M = C. boundary witn
probably little variation in My witn CL'
This could be particularly important for
a short-rauge aircraft for waich there
were no dominant M__ . ., C .

conditions, ¥ cruise

(e) a satisfactory margin vetween tne drag-rise
and flow separation boundaries, both in

ns © and below » 7 nd in terms
terms of CL nd lo %rULSe and i

of 1 above HD at cruise CL’

(f) a progressive flow breakdown at tne stall
giving not only a satisfactory useable
C, but also adequate buffet warning

Lacase
anHHQCCeptablc pitcaing moment cnaracteristics.

Aoy single wing design considered for a
particular application is unlikely to be the
optinun solution for caca of tue above objectives,
the designer will nave to decide on the best
comrromise but the research sucih as that described
in tais paper suould aelp him in making a satis-
factory choice.

2.2 Choice of Pressure Distributions and Isobar
Pattern

It is probable that before starting on the
detailed design of the wing to meet the objectives
set out above, the aspect ratio, taper ratio,
minimum acceptable thickness/chord ratio and maxi-
mum acceptable sweepback will have been defined at
least approximately by other considerations. The
first aim will then be to design the wing to achieve
a sufficiently nigh My at the design (usually the

cruise) CL' The normal procedure starts by

choosing an upper-surface pressure distribution
and thickness form for the equivalent two-
dimensional section. Obviously, there are many
alternative options even at this stage and the
thickness/chord ratio for example that will prove
acceptable can depend greatly on what option is
selected. This point can be illustrated quite
simply by referring to the predictions in Ref.2
for the family of shapes defined in Ref.3. These
sections are designed to give a roof-top upper-
surface pressure distribution back to a position
X2 followed by a linear pressure rise to the
trailing edge, combined with a thickness dis-
tribution such that the maximum velocity due to
thickness also occurs at Xp- The importance of xp
as a design variable can be seen from Fig.l. This
shows that for a given M_, extending the roof-top
from xp = 0.3 to Xp = 0.6 gives an increase of
about 0.3 in C; for a given thickness/chord ratio
or alternatively, allows an increase of 0.04 - 0.05
in thickness/chord ratio for a given design C..

These trends cannot be exploited too far s..ce
ultimately, the boundary layer nay not be z.le to
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FIG.1 VARIATION OF DRAG RISE MACH NUMBER, Mp
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negotiate the adverse pressure gradient aft of the
roof-top without separating even at full-scale
Reynolds numbers. In some instances, this limit
may be reached before Xp = 0.6. Leaving aside this

particular issue, however, this class of section
designs can still be rated as conservative; tests
in the A.R.A. two-dimensional tunnel and elsewhere
have shown that significantly higher values of

can be achieved for a given Xg» t/c and C.» e-g:

from extra loading at either the front or rear.
Improvements could be obtained either by modifying
the thickness form while still retaining the same
upper surface pressure distribution or by modifying
the latter. Fig.2, for example illustrates how two
sections of the same thickness/chord ratio could be
proposed to give the same predicted MD at roughly

the same CL' The full-line curves in Fig.2 are for

= 0.5, taken from the family just

described. In this case, a shock-wave would be
expected to form first at a position aft of the
crest (x. = 0.35) at a Mach number close to the
predicte Mp. The other section gives a pressure

distribution of the peaky-type discussed in various
papers": 9 by Pearcey and others. In this case, a
local supersonic region terminated either by a shock
or ideally, a largely isentropic recompression would
form ahead of the crest at M < MD; with increasing

Mach number, the shock wave would move aft, passing
over the crest, (xcR = 0.25) at about M = HD. The

extra lift from the supersonic region ahead of the
crest is one of the reasons why the total lift
produced by the two sections is virtually the same.
These two aerofoils are therefore equivalent in
terms of HD for a given t/c and CL but even in two-

dimensional flow, could well give a different CD at
MD and a different off-design behaviour.

Other comparisons could be presented with for
example, sections giving extra rear-loading but it
would be wrong to suggest that the choice lies
between different classes, e.g., peaky, roof-top or
rear-loaded. The comparison in Fig.2 was included
largely because it nighlights how the ciioice of
two-dimensional pressure distribution can have a

a section with Xp
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major effect on the problems encountered in design-
ing the three-dimensional sweptback wing. It is
fashionable - although not necessarily correct =

to design the three-dimensional wing to obtain a
"uniform isobar pattern" i.e. the same chordwise
pressure distribution at all spanwise stations.

For the roof-top type, this "merely" involves
knowing how to vary the section shape across the
span, how to shape the body and how to modify the
planform near the tip, in order to counter the root-
and tip-effects in subcritical flow. With a peaky-
type distribution such as for section II in Fig.2,
however, the flow at is supersonic over part of
the surface and therzfore, retention of HD as the
design M for the three-dimensional wing implies

that one can estimate how the three-dimensional
root- and tip-effects are likely to affect this
supercritical development. The alternative approack
of designing for a lower Mach number where the flow
would still be subcritical everywhere may also have
its pitfalls since for a wing of say, 35° sweepback,
this could mean reducing the design Mach number by
as much as 0.15 - 0.2. These matters are currently
being investigated in a research programme at A.R.A.
but experimental results are not yet available.

Even when considering just the central part of
the semi-span of a tapered wing, problems arise in
deciding how best to allow for the vaiiation in
geometric sweepback from leading edge to trailing
edge. Strictly, when dealing simply with the
design point, one can argue® in favour of thinking
in terms of "equivalent 2-D and 3-D pressure dis-
tributions" rather than '"equivalent sections'.

For example, to be equivalent to a roof-top
distribution in 2-D flow, one needs to design for
a "sloping roof-top" in 3-D flow, i.e., parallel to

the chordwise variation in C * where C_* corres-

ponds to M = 1.0 normal to the lines at constant x.
To some extent, this must tend to reduce the advan-
tages of a rearward extension of the "roof-top".
The essential point to note is that at least when
considering the first appearance of a shock wave,
research over many years has supported the idea
that it is the Mach-number distribution normal to
the isobars that is significant, except possibly in
regions where the isobar sweep is changing rapidly
with position. There may therefore be a case for

a spanwise variation not merely in the section shape
but also in the target pressure distribution - in
order to increase the isobar sweepback.

2.3 Effects of Choice on Drag at M = My

A recent assessment! of the measured drag in
flight at cruise C, for a number of subsonic trans-—

port aircraft has analysed the data in terms of a
"figure—of-merit", Epr defined as

G =
E i D Dyi
pr S R
Cp
pr
where C = estimated vortex-induced drag
vi  coefficient at cruise Cp

and CD = estimated profile drag coefficient

PT  at low speeds, obtained simply as the
sum of the profile drag coefficients of
the various component surfaces using
form factors from the R.Ae.S. Data
Sheets’ and assuming transition at the

wing leading edge.

Computed on this basis, the values of Epr for an

idealised aircraft with no interference drag, no
roughness drag, no drag due to excrescences etc.
could be as low as 0.9 but in practice, even at low
Mach number, it appears difficult to achieve values
of less than about 1.25. Results for three of the
aircraft, considered in Ref.l are presented here in
Fig.3. This shows the variation of E__ with M/

as derived both from the flight data, and from model
tests in the A.R.A. tunnel on the corresponding
wing-fuselage configurations. In the case of the
model data, the derived values of E = allow for the

known transition positions. As would be expected,
the values of E__ for the model wing-fuselage are

appreciably lower than for the aircraft in flight
largely because one major source of interference
drag, the nacelle installation, is missing and
because various excrescences and other sources of
"dirtiness drag" present on the aircraft are not
simulated on the model. 1In all cases, there is an
appreciable increase in E__ with M below M = M_ and
it is significant that in each case, the tunne? data
faithfully reflect the flight variation, thus
suggesting that it is the wing-fuselage which is
mainly responsible for this trend. This conclusion
should not be accepted too literally because
examples can be quoted where the nacelle instal-
lation drag at the cruise Mach number is higher
than would be predicted on the basis of low speed
data.

Analysis of the test data for the three
examples has shown that the primary reason for the
increase in Epr by M = M, is different in each case:
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FIG. 3 VARIATION OF E_, WITH M

an increase in subcritical wing profile drag (A),
premature wave drag as a sectional effect somewhere
along the span (B), or premature wave drag due to
three-dimensional effects near the root (D).

For wing-body A, pressure measurements showed
that the flow was subcritical everywhere up to at
least M = 0.95 MD; boundary layer traverses at the
wing trailing edge indicated little change in pro-
file drag coefficient with M near the wing root
but a significant increase for the middle and outer
parts of the span. There could be several reasons
for these trends but the most likely explanation is
to be found in the way the pressure distributions
vary with M. Results for three stations are
presented in Fig.4. Near the root, there is
relatively little change with M at a constant CL
but further out, there is a pronounced increase
with M in the adverse pressure gradient aft of
about 0.3c at n = 0.5 or 0.15¢ at n = 0.9. Also,
at the outer station and only at the outer station,
there is a relatively high peak suction value near
the leading edge on the lower surface, and the
boundary layer has then to negotiate a steep ad-
verse gradient back to about 0.2c and then, a

further adverse gradient aft of about O.4c. It is
worth noting that calculations by the method of
Ref.9 did not fully predict the increases in pro-
file drag actually observed in these measured
results. This may indicate that an improved
poundary-layer theory is needed to cope with

buti at 3 Sp stations
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pressure distributions of the present type, i.e.
distributions where a steep adverse gradient is
followed by a favourable gradient and then a further
adverse gradient increasing in magnitude towards the
trailing edge. Only then will it be possible to
know how far one can go in this direction without
incurring excess profile drag.

With wing-body B, some increase in E
has probably occurred even before M = 0.6 MD (Fig.3).
The spanwise distribution of normal pressure drag,
obtained by integrating measured pressure dis-—

tributions showed that in this case, it is the
region near 0.3 x semispan that is mostly responsible.

The reason for this can be seen from Fig.5 which
compares the pressure stations at n = 0.28 and 0.18
at M = 0.62 MD; to make the comparison clearer, the

results are plotted against /E}c. At this Mach
number, the pressures are still subcritical but at

N = 0.28, the peak suction value (at 0.0lc) is very
high and is followed by a particularly severe
adverse gradient. To judge from the shape of the
pressure distributions over the rear of tne chord,
there is an appreciable increase in boundary layer
thickness aft of about 0.75c at n = 0.22; this
would be consistent with a relatively aigh profile
drag at this station. By M = 0.7 HD’ the velocities
near the leading edge are already supersonic normal
to the isobars and a normal shock, strong enough to
induce a boundary-layer separation was observed
near M = 0.85 MD. Subsequently, the shock strength

decreased until by M = MD, there is merely an

oblique shock followed by some isentropic recom-
pression. These changes are therefore responsible

for the characteristic shape of the Epr- M

with M

var.ation in this particular case (Fig.3); the
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partial recovery near M = MD would have been more

apparent were it not for the fact that a local
supersonic region is then beginning to extend aft
of the crest both further inboard near the root
(because of poor isobar sweep) and on the outer
wing - these features can be appreciated by looking
at the isobar pattern in Fig.9a. It will be seen
later that this wing B near 0.3 x semi-span gives

a very favourable peaky-type development at

higher Mach numbers but it should not be assumed
from this one example that this can only be
achieved at the expense of extra profile and/or
wave drag at Mach numbers below design. Two-
dimensional tests are pointing the way in this
respect and one important aim of future research
should be to develop the means whereby acceptable
characteristics can be produced at all stations
across the span of a three-dimensional wing without
the need for too many experimental iterations.

Finally, the third example, wing-body D is a
case where a premature increase in drag prior to
M= MD can be traced to an increase in wave drag

locally near the wing root. This can be seen from
the results presented in Fig.6. In this case,
there is a significant increase in the "drag creep”
above about M = 0.92 My, i.e., a trend in the

opposite sense to that observed with wing B. Pres-

sure distributions were measured at two stations,

one close to the body side and the other at 70%

semispan. The results for the outer section showed

that no shockwave was present until about M = 0.97
and that it passed over the crest at about

M= HD. Near the body-side, however, as can be

seen from the lower graph in Fig.6, there is a
notable change in the shape of the upper-surface
pressure distribution above about M = 0.91 MD and

this, therefore, correlates closely with the shape
of the CD - M variation in the upper picture.

Above M = 0.91 MD’ the local supersonic region

starts extending rearward, e.g., to near 0.4c at
0.95 MD and 0.5c at MD. It must be emphasized

however that this is far from being a poor wing-root
design. To judge from the shape of the pressure
distributions, the effective isobar sweepback near
the rear of the supersonic region must be at least
as great as the geometric sweepback; also, compared
with many other designs, relatively high suctions
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are still being maintained close to the leading edge
at the root. It is relevant that while this design
was being developed, modifications in the wing-root
region gave material improvements in the actual
value of . Hence, it is possible to interpret the
CD - M variation in Fig.6 by saying that the

modifications were evidently successful in giving a
substantial reduction in drag at Mach numbers near
and just above the original My but not quite to the
extent of reducing it to a level defined by an
extrapolation of the suberitical creep. This point
is illustrated diagrammatically in Fig.6.

It may seem from =his discussion that some
increase in E p At My is inevitable if only because
of the need to compromise with other aerodynamic

requirements. However, the real lesson is that the
reasons for the standards achieved in respect of CD

at HD can vary widely from one design to another:

this conclusion is both a warning and a challenge to
the designer to try and keep the sources of excess
drag to a minimum.

2.4 Effects of Choice on Wing Mp and Of f-design

Supercritical Behaviour

Earlier, in section 2.2, comments were made
about the various options open to the designer when



choosing a basic two-dimensional section. A con-
servative approach to the design of the three-
dimensional wing would then be to try and obtain
the same equivalent pressure distribution at all
stations across the span, i.e., a "uniform isobar
pattern”. Even in a relatively simple example,
however, this process is not entirely straight-
forward and there can be some ambiguity in what is
meant by the word "equivalent". To illustrate this
point, Fig.7 presents pressure distributions
measured at four stations across the span of a wing
of about 25° sweepback with a taper ratio of 0.33
and an aspect ratio of 8.0. This satisfies the
description of a "relatively simple example" - the
sweepback is only modest, the chordwise pressure
distributions are fairly similar at all statioms
across the span, and the flow is suberitical every-
where almost up to MD (0.73) at the design CL (0.5).

The section shape however varies across the span and
as only one 'equivalent two-dimensional section'" was
tested, a comparison with two-dimensional data is
only possible at one station: 0.25 x semispan.
Fig.7 includes such a comparison for the design CL
at a Mach number slightly above MD.

It will be seen that the agreement between the
converted 2-D and the 3-D data is very good in cer-
tain respects, e.g. the rear loading, but clearly,
the supercritical developments already differ sig-
nificantly. Detailed analysis has shown that there
are several reasons for this; probably the main fac-
tor is the way in which the design method allowed
for the taper of the wing or more strictly, the
change in sweepback from leading edge to trailing
edge. In this application, the 2-D and 3-D section
geometries were related such that to the first
order, Cp3_D and CPZ_DCQSZA should be the same in

subcritical flow. In fact, this was not achieved
but the important point is that even if it had been,
it would not have produced the same supercritical
development. For example, let us suppose that the
CPZ-D distribution were of a roof-top type. The
CP3-D
then have a peak at the rear of the roof-top as for
the wing in Fig.7, but to give an equivalent flow
development in the initial supercritical range,
exactly the opposite is required. Strictly, to be
equivalent to a roof-top in 2-D flow, the 3-D dis-
tribution should be a "sloping roof-top" parallel

to the chordwise variation of HN where MN is defined

as previously - see Fig.7. It follows that it may
be preferable to think in terms of "equivalent
pressure distributions" rather than "equivalent
sections" but even then, the eventual supercritical
development could still differ significantly since
leaving aside other three-dimensional factors, it
must still depend on both the pressure distribution
and the surface curvature distribution.

distribution derived on the above basis would

It is clear from Fig.7 that the method used
for converting from 2-D to 3-D has led to some
reduction in MD at the design CL’ For some
applications, this could have been serious but in
this case it did not conflict with the design aims
which were to obtain a high useable CL at all Mach
numbers up to the cruise value, and a satisfactory
flow breakdown across the wing at the stall. Other
considerations such as the value of M_ at the cruise
C, were of less importance - always provided some

minimum target figure was achieved.
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The changes in pressure distribution across
the span should also be viewed in the same light.
The two main trends evident at the cruise C , Fig.7,
are (1), a decrease from inner to outer wing in the
suction values near the leading edge - this leads to
a stronger shock near O.4c on the outer wing, and
(ii), a reduction particularly between 0.675 and
0.88 x semispan in the adverse pressure gradients at
the rear of both the upper and lower surfaces - this
is achieved by a reduction in the local thickness/
chord ratio. At the cruise C , (i) is clearly harm-

ful in terms of My and (ii) is unnecessary but they

should not be regarded as weaknesses in the design
since both were aimed at improving the performance
at higher C . The wing design was in fact out-

standingly successful in its main aims as can be
seen from Fig.8 whicu presents the pressure dis-
tributions for CL = 0.9, i.e., 0.4 above the cruise

CL’ at M = 0.71. Features to note from Fig.8

include the following: no trailing edge pressure
divergence at any of the four stations; the shock
front swept back at an angle greater than the local
geometric sweepback; some isentropic recompression
ahead of the shock at all four stations, and a fair
degree of loading at the rear, again at all four
stations.

The results for this wing have shown therefore
that the idea of designing for essentially a roof-
top pressure distribution over the upper surface at
the cruise condition and shaping the leading edge to
obtain some favourable peaky-type development at
higher C. is an attractive concept, particularly
when good results are required over a wide range of
operating CL'

As a second example of supercritical flow
development, the discussion for wing B in section
2.3 above can be continued to higher Mach numbers.
Isobar patterns at the cruise C. are presented in

Fig.%9a, b for M = HD and M = MD
The flow at M =

station I, it appears that there is no normal shock
but just an oblique shock and some isentropic re=

compression; conditions are in fact somewhat better
than at lower Mach numbers. Further outboard, near
station II, the main shock is near 0.2c and as can
be seen by comparing Figs.9%a, b, is moving rapidly
aft with increasing Mach number. As a result, the
sweepback of the shock front between stations I and
IT at M = MD + 0.04 is considerably greater than

the local geometric sweepback. One would expect
therefore that the rate of increase with Mach

number in the wave drag associated with this shock
front would be less near I than near II (Fig.9b).

At first sight, however, this is not borne out by
the variation of the local section drag coefficients,
ACDL,as derived from the measured pressure dis-

triputions. These are shown in Fig.9c, plotted in
the form of ACDL vs., (M - Mb) where ACDL is the

+ 0.04 respectively.
has already been discussed. At

increment in Cp compared with the value at M = My,
and HD is the drag-rise Mach number for the wing as
a whole. The variation in the overall CD is plotted

below for comparison. It is clear that a spanwise
integration of the values of c acp would yield
c L

a variation with Mach number broadly similar to

that obtained in the overall measurements but the

changes across the span in the ACp variation are
L
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somewhat unexpected. Despite what was forecast
above, it is section II which appears to give the
most favourable results in the range up to(nn4-o.04).

To understand this apparent anomaly, one must
consider how three-dimensional effects coutrsl the
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development of the flow over the sweptback wing
under suvpercritical conditions. Fig.l0 helps to
explain this in a diagrammatic fashion. For any
sweptback wing operating at either CL »Lrs .1: oOF
e A design
M > ienr It 18 likely that the flow over
esign
the upper surface, leaving aside the tip region,
will be characterised by a 3 (or 4)-shock system as
illustrated in Fig.l0. These shocks were first
explained and described in detail by Hall and Rogers
in several reports, e.g., Refs.10, 11, from the
N.P.L. The forward shock originates from either the
wing-root leading edge e¢r che most forward point
where the flow is supersonic. The mathematical
condition that has to be satisfied for this shock to
lie across the wing surface is given in Ref.ll; its
sweepback is related to the resultant Mach number of
the local flow and so increases with CL at a given

M or with M at a given CL; typically, it is around

50°. The main significance of the forward shock is
that it marks the inward boundary of the region in
which the supercritical flow development can be
similar to that over the corresponding two-
dimensional section. Hence, in Fig.l0, it is only
outboard of point A that the "quasi-2D" shock bears
some affinity to the 2-D behaviour. Inboard and
aft of the forward shock, the flow is affected
considerably by the influence of the root. Even if
the inner wing sections and the body shape are such
as to minimise this influence at the design con-
dition, there can still be a considerable effect at
off-design. Generally, the suction will increase
over the middle part of the chord of the inner wing
and this is then followed by a recompression through
a series of waves which coalesce some distance out
from the root to form a "rear shock". This shock
intersects the forward or "quasi-2D" shocks at point
B. The "outboard shock" has the combined strength
of the two inner systems and frequently, therefore,
the initial flow separation occurs just outboard of
point B. As the Mach number is increased further
beyond the design value, the general tendency will
be for points A and B to come together and to move
inboard but precisely what happens in any given
example clearly depends on the section charac-
teristics, wing planform, the wing-body junction
shape etc.

With this very brief and simplified descrip-
tion, it is now possible to revert to the drag data
in Fig.9%c for wing-body B for which the flow pattern
for M > is essentially of the type shown in
Fig.l0a. Earlier, it was noted that it was difficult
to explain the fairly substantial increase in ACDL

with (M - MD) at station I at 0.28 x semispan in

terms of wave drag associated with the shock system
over the forward part of the chord. Now, in terms
of Fig.l10a, it can be explained in terms of the
development of the rear-shock. Expressed another
way, the increase in drag corresponds to the in-
crease in suction aft of the crest ahead of the rear
shock. For section II, on the other hand, it is
possible to interpret the small increase in AC

D and (MD + 0.04) by saying that the in-
crease in wave drag has been partly offset by a
reduction with Mach number in the root-influence on
this section. This can be seen by comparing the
pressure distributions for section 2 inset in Figs.
9a, b. The relatively high suctioms near 0.3 - 0.4c
at M = HD were not observed in the tests on the

equivalent two-dimensional section and can probably
be ascribed to root-influence. No such

between M

Supercritical Flow
similar te 20

ROOT

(a) FOR WING WITH 2D PRESSURES WITH SMALL Xg

Supercritical Flow
similar te¢ 2D

(b) FOR WING WITH 2D PRESSURES WITH LARGE X

FIG. 10 TYPICAL SHOCK PATTERNS AT M>M_ ..

OR C,»> CL.IIION

‘irregularities were observed aft of the main shock

at (HD + 0.04) or in other words, this section then
lies outboard of points A and B. ACDL can therefore

be a poor indication of the wave drag associated

with the main shock front; the difficulty lies in

knowing how an would vary with Mach number in the
s

absence of a shock wave. In the present case, the
implication is that under such conditions, CD would
decrease with Mach number at station II.

Finally, the comparison between Figs.l0a, b
has been included in order to illustrate that the
choice of basic design pressure distribution can
have a major effect on the way the 3 (or 4)-shock
system develops at off-design conditions. The two
pictures correspond diagrammatically with the two
alternative 2-D sections considered in Fig.2.



With small Xgs as in Fig.10a, the tendency is for

the quasi-2D shock to link on the inner wing with
the forward 3D-shock, thus leaving the rear-shock
as a clearly defined separate front. With large

Xp as in Fig.l®b, the quasi-2D shock tends to link

with the rear shock leaving the forward shock as

the separate system. Obviously, these pictures and
this description are grossly over-simplified but
even so, certain conclusions are valid. For example,
the proportion of the wing span over which the local
supersonic region can develop as in two-dimensional
flow is clearly greater in case (a); also, with (b),
there is a greater likelihood that the supersonic
region ahead of the rear shock develops in a manner
completely uncontrolled by any expansion field

being generated near the leading edge. It is not
however the aim of this paper to pronounce in

favour of (a) or (b). This would be both premature
and unwise particularly as it is really misleading
to think that there are just two classes of design.
The distinctions have been deliberately overdrawn

to simplify the discussion and to highlight the
problems that are being investigated in current
research.

2.5 Concluding Remarks on Wing-design Research

Examples have been given of how the choice of
basic pressure distributions and isobar patterns
can affect the subcritical drag, the drag-rise Mach
number and the supercritical behaviour. It is clear
that the best possible wing design for any given
application is always likely to be a matter of
compromise between different requirements. This is
a decision for the designer; research can only help
to provide the figures on which to base the com-
promise and the factors which should be taken into
account. It is hoped that the examples have helped
in these respects.

It is however worth noting three general
conclusions:

(1) When developing any new wing design, it is
vital that detailed pressure distributions
and if possible, boundary layer traverses
at the trailing edge should be obtained at
the earliest possible opportunity. Only

in this way can one track down the sources
of excess drag and the true reasons for any

undesirable of f-design performance,

(2) In the past, there may have been too much

stress on obtaining the best value of MD
with too little regard for C_  at M_ or

D D
for dCDIdH near MD,

(3) The choice of a suitable design pressure
distribution cannot be azsessed on two-
dimensional evidence alone; three-
dimensional effects can have a powerful
influence particularly at supercritical
Speeds.

3. Scale Effects: Influence of Present Design Trends

No discussion of recent wing research would be
complete without some reference to how present
design trends, e.g. to thicker, more highly-loaded
sections are affecting the chances of reproducing
the true full-scale behaviour in model tests at
moderate Reynolds numbers. This is now a problem
even at suberitical speeds. Present trends are

increasing the likelihood of a boundary layer
separation occurring towards the rear of both the
upper and lower wing surfaces. Clearly, a design
aim would be to avoid this happening at the cruise
condition, full-scale but this may be difficult to
ensure in the model tests. Also, even though a
rear-separation may be present full-scale at higher

CL, off-design conditions, one still needs to know

how to extrapolate the model data to obtain a
reliable idea of the full-scale separation boundary.

Scale effects at high subsonic speeds have of
course been studied for many years and a reviewl?
was published in 1954 giving advice on the methods
that should be used for fixing boundary-layer
transition in model tests. The main conclusion of
this paper was that provided adequate steps were
taken to ensure a turbulent boundary layer at the
foot of the shock, test Reynolds numbers greater
than about R = 1.5 x 10® should be adequate. Most
of the evidence then available however referred to
thin sections operating at relatively low lift
coefficients for which any shock-induced separation
typically took the form of a bubble with the
separation point at the foot of the shock and with
the reattachment point progressively moving rear-
ward with increases in Mach number or incidence.
Under these conditions, major changes in the
circulation round the wing section did not occur
until the bubble had extended to the wing trailing
edge and similarly, the divergence of the trailing-
edge pressure was frequently used successfully as a
guide to the onset of buffet. The incipient rear-
separation tendency of many modern designs however
opens up the possibility of a major interaction
between the two forms of separation. Indeed, test
data have shown that the existence of merely a weak
shock with a pressure-.ise which in itself would be
insufficient to provoke a separation, can modify
considerably the rear-separation characteristics -
usually but not always in an adverse sense. It
follows that unlike the flow model just described
for thin sections, it is now possible for the
separation point to move forward from near the
trailing edge to near the foot of the shock as the
Mach number is increased in the supercritical range.
Under these conditions, scale effects must be
expected up to much higher Reynolds numbers than
the R = 1.5 x 10® value quoted earlier.

A detailed account of these separation charac-
teristics is given in Ref.l13 but one figure is in-
cluded here by way of illustration. Pressure dis-
tributions are presented in Fig.ll for a 55° swept-
back wing design at low supersonic speeds. They
are plotted as graphs of - x/c and in this form,
they cen also be taken to refer to say, a 35°
sweptback wing at M = 0.85. The data for
R=8x 10° and 12 x 10° are from A.R.A. tests;
those for R = 2 x 10° from N.P.L. tests on a smaller
model of the same design. At subsonic speeds, at
the same incidence, a rear separation was only
observed at R = 2 x 10° and the results for
R =8 x 10° and 12 x 10° were virtually identical.
By M = 1.1, however, when a shock wave has formed
near 0.45c, some differences are evident between
the data for even the two higher Reynolds numbers
and by M = 1.15, these differences have become
quite pronounced: a rear separation is now present
at all the Reynolds numbers. It occurs aft of
about 0.85c at R = 12 x 10°, 0.6c at R = 8 x 10°
and aft of the shock at R = 2 x 10°. The scale
effect on the position and apparent strength of the
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shock is however only marginal above R = 8 x 10°.

Results as striking as those in Fig.ll prompt
the question as to whether a change in the testing
techniques could minimise scale effect of this
nature. All the recent evidence confirms the
earlier conclusion that one should ensure that the
boundary layer is turbulent at the foot of the shock.
This means that transition-free tests resulting in
a laminar boundary layer at the shock are unaccept-
able. On the other hand, as regards a rear-
separation, it is clearly important to try and
represent as closely as possible, the full-scale
borndary layer thickness at the shock. Hence, even
though transition on the full-scale aircraft would
be expected to occur near the leading edge, it may
be permissible and indeed desirable, to allow
transition to be further downstream in the model
tests, always provided that it is ahead of the
shock. It does not necessarily follow that the
roughness band should be moved aft to say, 0.3c:
the effects of the extra roughness height thal would
then be needed to fix transition would tend to off-
set the expected gain from the rearward movement of
transition position. Hence, it may be preferable
to retain a forward position for the roughness band
but to reduce the size of the disturbance to the
smallest that will trigger transition ahead of the
shock. There are cbvious disadvantages to this
technique: for example, to interpret the drag data,
one would need to establish the actual transition
positions for the complete M - CL range of interest

and this could be very laborious for a test on a
three-dimensional wing; also, for the inner part of
the wing, it may be important under certain con-
ditions to ensure that the boundary layer is tur-
bulent at the forward shock. For these reasons, it
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seems that the correct practice for quite a wide
class of designs, provided the test Reynolds number
is at least R = 3 x 10° (say), is that two tests
should be made, viz,

(i) a test with the minimum roughness band
required to produce transition immediately
downstream of the band. This is to obtain
the drag at low CL and is proposed on the

assumption that even at the model Reynolds
number, no rear-separation is present at
the cruise C , and at Mach numbers up to

just beyond M = HD.

(ii) a test with a smaller roughness band
(or even natural transition if this gives
a turbulent boundary layer at the most
forward of the shock waves) to give the
most reliable idea of the separation
characteristics and hence, the off-design
lift and pitching moment behaviour etc.

In any event, it is most important that the rough-
ness band should not only be of minimum height but
should be as narrow as possible and should be
positioned downstream of any severe adverse pres-
sure gradient near the leading edge, the overriding
aim being to produce as thin a turbulent boundary
layer as possible. Typically, in tests in the
A.R.A. tunnel on models of 10" - 18" chord, the
bands are about 0.004" high, 0.05" wide and are
sited at positions varying from 0.05¢ to C.l5c,
depending on the wing pressure distributions.

Another possible technique that has been used
on several occasions 1: to add some vortex
generators or other form of boundary-layer control



downstream of the shock but upstream of where the
rear—sepagation tends to occur. This idea was tried
on the 55° wing referred to above and Fig.ll shows
the pressure distributions obtained with generators
at 0.55c; the results with the generators alter- =
natively at 0.75c were broadly similar. It will be
seen that the addition of the generators has
resulted in a notably better pressure recovery at
the trailing edge and a somewhat more rearward

shock position. These results may well be repre-
sentative of the full-scale behaviour with gener-
ators fitted but they may be somewhat better than
the full-scale behaviour without generators. This
is because the vortices induced by the generators

do more than merely thin the boundary layer. Even
so, this could be a useful and valid technique. It
would show what could be achieved as a separation
boundary in flight. Whether vortex generators would
be needed to achieve this boundary would be a matter
for experiment on the full-scale aircraft. Clearly,
the attractiveness of this approach depends on
whether satisfactory results can be obtained at
model scale with a small number of small generators
giving only a minimal drag penalty under, conditions
of unseparated flow.

So far in this discussion, it has been sug-
gested that any scale effects are in the sense that
the results at low Reynolds number are necessarily
worse than those at higher Reynolds numbers. It
would be wrong however to accept this as a general
conclusion; the process may well not be monotonic.
Fig.12 for example considers an aerofoil from the
family in Ref.3. In inviscid flow, this gives a
roof-top pressure distribution back to about 0.6c
on the upper surface at CL = 0.95, M = = 0.65.

Calculations were then made using the method of
Ref.l4 to find the pressure distributions for the
same CL and section geometry at respectively

R =30 x 10° and R = 1 x 10%. A reduction in
Reynolds number implies a growth in the boundary
layer displacement thickness, more on the upper
surface than on the lower surface and hence, a
change in the effective camber-line and a reduction
in the rear-loading. As a result, to maintain the
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peak suction near the leading edge increases there-
fore as the Reynolds numper is reduced but the
adverse pressure gradients, particularly over tine
rear of the surface, become less severe. This
lessens the risk of a rear separation. It follows
that a small model tested at a low Reynolds number
if made to the same non-dimensionsal ordinates as
the full-scale aircraft could well yield a better
separation boundary than the full-scale result, the
reverse would be true if the ordinates were modified
to produce the same pressure distribution at both
model and full-scale Reynolds numbers. This second
approach has been tried in various two-dimensional
tests but clearly on present knowledge, it would be
difficult to apply to a tnree-dimensional wing.

It is somewhat more difficult trying to fore-
cast possible scale effect on the drag charac-
teristics near M = MD. This depends on the relative

magnitude of two opposing factors, i.e., a thicker
boundary layer at low Reynolds numbers could lead
to an increase in form drag even if there were no
actual separation but on the other hand, a poorer
pressure recovery at the trailing edge implies a
further forward shock position and thus, a reduced
wave drag. Alternative trends that could exist in
practice depending on the actual wing design are
illustrated diagrammatically in Fig.13; explanations
are given below the figure. The important point to
note is that the scale effects on both HD' and CD

at HD caun be either favourable or adverse.

The main lesson from all the discussion in this
section is that one should not extrapolate too
naively from past experience. The fact that certain
techniques in one model test have produced drag-rise
and separation boundaries and shock positions in
good agreement with flight does not necessarily mean
that the same techniques should be used in the next
example. Experience and research will provide an
intelligent guide to what is required but the proof
that the best possible techniques have been used
should be sought in a detailed understanding of the
flow over the wing design in question - either by
means of oil flow studies or wherever possible,
measured pressure distributions and boundary layer
profiles.

4. Research on Nacelle Installations

4.1 Underwing Installations

As might be expected, a considerable proportion
of the total research effort at A.R.A. is currently
being devoted to the problems of mounting short
front cowl nacelles for high bypass-ratio fan
engines in underv.ag locations. The overall dia-
meter of these unacclles in relation to the local
wing chord is much greater than for the previous
generation of engines and as a result, various
considerations, notably ground clearance, dictate
a nacelle position fairly close up to the wing as
illustrated in Fig.l4. Interference, not
necessarily all adverse, has therefore to be
accepted between the wing and the nacelle and bet-
ween the jet streams and the neighbouring surfaces.
There is much more to the problem than just deciding
where to place the nacelle in the wing field. Of
the various problem areas noted in Fig.l4, it is
probably only item (1), the forward cowl, that can
be studied effectively on an isolated nacelle;
ideally, all the others should be investigated on a
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complete installation with all surfaces and all
flows represented. The research at A.R.A. has
three main objectives: first, to help in estab-
lishirg design principles for the various problem
area, second, to show what interference drag fac-
tors should be feasible and third, to develop tech-
niques for use in routine testing. No results can
be presented at this stage but it may be helpful to
make some brief comments on various aspects.

Various problem areas are listed in Fig.l4.
In the past, most forward cowl shapes (1) have been
derived from the NACA l-series. For a given high-
light diameter/maximum diameter ratio, if the cowl
is too short, the drag-rise Mach number will be too
low, while if the cowl is too long, spillage drag
or more correctly, excess drag due to flow separ-
ation on the cowl will be present up to too high an
intake mass=-flow ratio. As the highlight diameter
ratio is increased, the useable length between these
limits contracts until for the values now proposed
for the fan cowls, hardly any length is satisfactory
from hoth standpoints. Hence, there is a need for
research on improved cowl shapes. As noted earlier,
this is the one item on which research can usefully
be undertaken on cowls in isolation but even here,
there may be scope on an actual installation for
yawing, pitching or cambering the cowl in sympathy
with the wing flow field. The flow over the aft
cowl (2) is affected by forward influence from the
fan jet and more particularly, by an adverse pres-
sure gradient imposed by the wing flow field. The
"scrubbing drag" (3) on the gas generator is clearly
a function of the fan jet velocity but it appears
that the pressure distribution on the upper side,
i.e., nearer to the wing, can be modified sig-
nificantly by the influence of the wing and pylon.
The wing lower surface (4) is an obvious region for
an adverse interference from both the nacelle and
the fan jet. This can lead to a reduction in wing
CL at a given incidence and to the premature

appearance of a shock wave, particularly inboard
of the nacelles if the wing is swept back. The
pressure distribution near the leading edge on the
wing upper surface (5) can be affected by nacelle-
induced upwash and as a result, the spanwise dis-
tribution of the peak suction value and the develop-
ment of the forward shock (see Fig.l0) can be
modified. The sweepback and position of the pylon
leading edge (6) is likely to be determined by
practical considerations and also by the position
chosen for the nacelle relative to the wing. Aero-
dynamically, if the pylon extends round the wing
leading edge, the pylon can have a major influence
on the wing flow particularly at high incidence
while if the pylon is taken behind the stagnation
point on the wing lower surface, its sweepback can
become very large and the forward shape has to be
designed to suit a flow largely determined by the
wing-induced sidewash. The pylon camber (7) is
frequently designed to suit the flow streamline
over the wing lower surface but these can be
modified due to interference from both the nacelle
and the fan jet. The flow over the main surface
of the pylon (8) can be modified considerably by
the fan jet and by the mutual interaction of the
wing and nacelle.

The length of this list (which is not com-
prehensive) clearly justifies the effort being
devoted to the topic! In such a complicated
situation, much discussion has tended to arise as
to what should be described as "thrust" and what
as "drag". A plea must be made at this point that
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the engine and airframe manufacturers must work
together and both realise that what really matters
is the installed "thrust-minus-drag' due to the
addition of a complete engine installation to the
rest of the aircraft. If we are to predict, measure
and optimise this figure successfully, we must be
able to calculate and/or measure the separate
contributions for any surfaces where the flow dep-
ends significantly on both the aircraft and engine
operating conditions and geometry. Any choice of
definitions must be somewhat arbitrary; a change
in the definitions merely tends to transfer various
terms to different parts of the balance sheet, and
possibly, to change who is responsible for
estimating any particular corrections. What is
important are not the particular definitions that
may be preferred, but the realisation that anyone
who tries to reduce the drag contribution from one
particular surface without regard to the remainder
may not be contributing to an optimisation of the
complete layout!

It is of course easier to make challenging
statements on this subject than to put these state-
ments into practice! It is clearly difficult in
any single model test to represent all the flows
correctly. One of the techniques that has been
used with some success at A.R.A. is shown in Fig.15.
High pressure air is ducted down the pylon, taken
forward and turned through 180° to form a cold air
fan jet at the appropriate pressure ratio. Reason-
able uniformity of this jet has been achieved with
the help of two perforated plates mountel as shown

Tws portorntnd plates whoed
o Fan Mesile wait
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PROBLEM AREAS FOR WING MOUNTED NACELLE

Gas Generator (3)

INSTALLATION

in the figure. The air for the unboosted gas ‘
generator jet is taken in through the intake with
the quantity controlled by a large centre-body.
Measurements have shown that the use of this centre-
body can give pressure distributions over the for-
ward part of the fan cowl representative of ti.e

true intake-flow conditicns. To date. .- overall
drag measurements have beeca made wit. t.is technique
but extensive pressure plotting has been possible
over the fan cowl, gas generator, pylon and wing
surfaces. The results have indicated that to opti-
mise a given layout, the fan jet effects (obtained
by differencing results for the true fan jet pres-
sure ratio and for an unboosted condition corres-
ponding to a free-flow nacelle) can be quite
important and should certainly not be ignored.

Other methods for simulating the jet are currently
under review.

4.2 Aft-fuselage Installations

The problems of aft-fuselage installations have
also been closely investigated in the A.R.A. tunnel
during the past few years. The factors that can
contribute to the nacelle overall drag increments
have been described in Ref.l. Apart from the pro-
file drag on the nacelle assembly itself, there can
be significant contributions from a fore-and-aft
redistribution of lift between the wing, tail and
nacelles, a spanwise redistribution of lift across
the wing, and the effect of the nacelle pressure
field on the shock-system over the wing. The degree
to which these interference effects are favourable
or not depends not merely on the siting of the
nacelle assembly but also on the wing aerodynamic
characteristics. To take jus® cie illustration,
with an arrangement such as taat shown in Fig.l6
with the nacelles above the wing plane, there is a
reduction in the local lift on the wing ahead of the
nacelles. It follows that the incidence for a given
CL on the wing as a whole has to be increased and

the interference drag is therefore partly a measure

of how the drag of the wing in gucstion reacts to
this changed loading.
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FIG. 16 LAYOUT OF AIRCRAFT WITH FUSELAGE BULGES

The aims of the research programme at A.R.A.
were to try and find a means of minimising the
adverse interference effects and of exploiting the
favourable interference. As with the basic nacelle
assembly, many of "the results were specific to the
installations tested and are therefore difficult to
reproduce in a general review paper. iowever, one
set of tests is worthy of special mention par-
ticularly since it affords a means of bringing
togethier several points mentioned in the earlier
discussion. These tests were made to find the
effects of adding some extra "bulges" to tiue fuselage
between the wing and nacelles, and aft of the nac-
elles. Various alternative shapes were examined,
the most successful are those shown in Fig.l6. Tae
longitudinal cross-sectional area distributlon of
the complete aircraft with the bulges fitted gives
roughly a uniform value for (dS/dx) from the peak
area (S) opposite the wing, back to the tail of the
fuselage. In other words, the mid-bulge fills the
hole in the area distribution between the wing and
the nacelles while tiie rear bulges fill the hole
between the nacelles and tailplane. The measured
drag increments due to adding the mid-bulge alone,
the mid-bulge in the presence of the rear-bulge,
and the rear-bulges are shown in Fig.l7. Both
trimmed and untrimmed results are included for the
mid-bulge; there was nc significant effect of
trimming for the rear-bulge.
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.-ﬁégﬁ??tr’\\:u
S

- 0-001 ‘

\
Mid- Buige in presande
o Bewr-Buige 3 s3]

Baar - Buiges Jand §

Best combination of Mid-Suige,
ater - Bulgs Fillet, and Rewr-Bulge

FIG.17 EFFECT OF FUSELAGE BULGES ON DRAG (see Fig.16)

Considering first the results for the mid-bulge,
this clearly begins to have a favourable effect on
the shock development over the wing at Mach numbers
beyond about (MD + 0.03) but it does not give a
nett drag reduction until beyond (HD + 0.05). This
is because the improvements at high Mach number
have to be sufficient to offset a basic increase in

14

drag which even in the best case amounts to about
ACD = 0.0010 at M = Mp. Five reasons can be put

forward to account for this increase in drag.

(a) The extra wetted surface area of the bulges,

(b) Adverse effects due to the bulge having
given a pronounced reduction (0.04) in the
value of C, at a given incidence. This is
related to the fact that the bulge is entirely
above the extended wing-chord plane,

(c) Allied to (b), an adverse trimming effect:
a nose-down change in pitching moment has
to be balanced by extra negative lift on
the tail, thus increasing both the wing
and tail drag,

(d) An adverse boundary layer development aft
of the mid-bulge; to judge from the results
in Fig.17, this is particularly significant
when the mid-bulge is fitted by itself,
presumably because of a diverging-channel
effect on the nacelle strut aft of the bulge
@ce Fig.16). This was reduced considerably
when the rear-bulge was also fitted, together
with an inter-bulge fillet designed on the
basis of oil flow studies. Possibly, the
drag increment might have been reduced
further by continued development of this
fillet,

(e) Extra nacelle spillage drag. Even if this
were true of the model tests, it could
clearly be avoided on the aircraft if
necessary by a redesign of the nacelle
cowl shape.

Hot all the factors would apply in every
application of this sort of idea. Indeed, only the
first is inevitable but this only gives an increment
of 0.0002 ACD. It follows that further tests might

have led to some improvement in the results, but
even then, it seems unlikely that any nett drag
reduction would have been obtained below (MD + 0.03)
in the present instance.

Turning now to the rear bulges, it appears
that these reduce the supercritical drag on some
part of the aircraft at Mach numbers above about
(MD + 0.06). At lower Mach numbers, bulge 3 gives

a slight increase in drag but bulge 5 gives a nett
reduction in drag despite its extra surface area
at all Mach numbers. This difference is because
the more extended shape 5 is effective in cleaning
up a separation near the tip of the bulge on the
upper surface.

The overall conclusion is that fitting the
best mid- and rear-bulges in combination gives a
nett reduction in drag above (HD + 0.05). With

less subcritical drag penalty, this figure could be
reduced towards (MD + 0.03). It is possible that

if the extra volume of the mid-bulge had been added
in the form of a forward extension of the nacelles,
somewhat better results might be achieved. The
lateral extent of the favourable interference might
then have been greater. Also, a nacelle, unlike

a bulge on the fuselage, could have been designed
to carry some lift to offset the loss in lift on
the inner wing and so tend to eliminate effect (b)
above.

r2



Perhaps the most important reservation however
is that even at best, the favourable interference
for the modifications tested here does not begin to
appear until (MD + 0.03), i.e., near the maximum

Mach number of likely interest from a performance
standpoint. It seems clear that to obtain an
improvement at lower Mach numbers, it would be
necessary to adopt a waisted fuselage shape opposite
the rear of the wing-root chord so as to influence
the initial stages of the development of the rear
shock (Fig.10).

5. Concluding Remarks

As stated at the outset, the main aims of this
paper have been to present some results from recent
research and to suggest some of the likely
objectives of future research relevant to subsonic
transport aircraft. Despite past advances, there
seems every reason to hope that this research will
produce radical improvements in performance - from
a combination of ideas rather than one single source.
Three themes have recurred throughout this paper:
first, the need to reconcile aerodynamic, structural
and other requirements and to establish suitable
exchange rates; second, the need for research on
how to derive successful configurations with
supercritical flow in the design cruise condition
as well as an acceptable supercritical development
in off-design and third, continued research to
ensure that the testing techniques keep pace with
the likely changes in wing and nacelle shapes.

These must be rated as three of the main objectives
for the future.

Finally, the author wishes to acknowledge the
help received from other members of the A.R.A. staff
and from colleagues in industry and the R.A.E. in
the preparation of this paper. He takes full
responsibility however for the opinions expressed.
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